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Inertial  na\  iitation.  blended  with  other  navigation  aids,  has  grown  m  application  over  the  past  10  years  Blending  w  ith  the  Cilobal 
Positioning  System  (CiPS),  in  particular,  has  been  an  important  development  because  of  enhanced  navigation  and  inertial 
reference  performance  and  dissimilarity  for  fault  tolerance  and  anti  jamming  Other  advances  include  blending  with  radio 
navigation  aids  such  as  Omega  and  I  oran-C.  New  concepts  based  upon  using  differential  CiPS  and  blended  with  inertial  and 
visual  sensors,  offer  the  possibility  of  low  cost,  autonomous  aircraft  landing.  Navigation  using  scene  correlation  with  on-board 
digital  maps  and  tracking  sensors  is  feasible. 

Multi-functional  uses  of  inertial  strapdow  n  sensors  can  be  achieved  by  addressing  issues  of  fault  tolerance  (both  hardware  and 
software)  and  lifetime,  accuracy,  bandwidth,  and  sensor  placement. 

These  new  requirements  on  sensor  technoKigy  have  led  to  a  number  of  new  inertial  sensor  concepts  emphasizing  lower  size, 
weight,  power,  fault  tolerance,  long  life,  and  increased  accuracy  and  bandwidth. 
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La  navigation  par  inertie,  Integree  avec  d'autres  aides  a  la  navigation,  a  trouve  au  cours  des  dix  dernieres  annees  de  plus  en  plus 
d'applications,  L.  integration  au  systeme  de  positionnement  global  par  satellite  (CiPS)  represente,  en  particulier.  un  progres 
important,  puisqu  elle  amellore  la  precision  des  mesures  d'attitude.  de  vitesse  et  de  position,  la  tolerance  aux  pannes  et  au 
brouillage.  li'autres  progres  ont  etc  rchiliscS  avec  I'intcgration  aux  aides  radioelectriqucs  (iMFCiA  ou  LORAN  C'.  De  nouveaux 
concepts,  bascA  sur  I'utilisation  du  (iPS  differentiel  et  I'integration  de  mesures  de  capteurs  ineniels,  optiques  et 
edectromagnehiques  offrent  la  possihilite  d'obicnir  des  systemes  d'alternssage  automatique  de  faible  coiit.  La  navigation  par 
correlation  d'images  grace  a  des  capteurs  a  imagcne  et  des  canes  prcAisionnelles  stocke*es  sur  des  calculateurs  embarques 
devient  possible. 

La  rt'ussite  des  applications  multi-fonctions  des  capteurs  inertiels  lieA  au  mobile  depend  des  amdiorations  attendues  dans  les 
domaines  de  la  tolc’rance  aux  pannes  ( riabilite  des  logiciels  et  materiels),  duree  de  vie.  consummation,  poids.  bande  passante  et 
precision  des  capteurs 

Ces  nouvelles  exigences  debouchent  ainsi  sur  I'etude  de  nouvciles  technologies  favorisant  miniaturisation,  fiabilite.  etendue  de 
mesure  et  bande  passante. 
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1.  SUMMARY 

Advanced  guidance,  control  and  navigation 
ayatema  are  becoming  more  functional  and 
integrated.  Thla  paper  deacribea  Canadian 
experience  in  the  development  and  applicationa 
of  Integrated  and  Multi-function  Navigation 
Syatema.  The  emphasis  is  on  the  development  of 
two  distinct  mission-specific  Inertlally  based 
Integrated  navigation  systems.  In  particular, 
in  a  high  risk  development  project  such  as  the 
Synthetic  Aperture  Radar  Motion  Compensation 
System,  the  special  attention  given  to  the 
detailed  assessment  of  key  error  sources  and  a 
well-planned  sequence  of  simulation,  development 
and  flight  test  evaluation  are  essential  to  the 
success  of  the  project.  For  Multifunctional 
inertlally-based  systems,  the  hardware  design 
emphasis  should  be  on  IMU  architectures  that 
minimize  both  the  acquisition  and  life-cycle 
coat,  while  the  software  design  emphasis  should 
be  on  practical  and  efficient  FDIR  schemes. 

Some  comments  were  also  offered  on  the  trends  of 
GPS  related  future  applications. 

2.  IKTRODUCTIOM 

Guidance,  control,  avionics  and  navigation 
systems  for  advanced  military  platforms  and 
aerospace  vehicles  are  becoming  increasingly 
sophisticated  as  the  demands  for  better  mission 
performance  and  the  scope  of  functional 
applications  continue  to  escalate.  Current 
advanced  aircraft  and  space  vehicles  require 
multiplicity  of  gyros  and  accelerometer  for  auto 
made  approach  and  landing;  terrain  following; 
transfer  alignment;  navigation;  motion 
compensation;  antenna  and  optical  subsystem 
stabilization;  weapon  guidance  and  stability 
control. 

The  rapid  advances  of  modem  estimation 
techniques,  high  speed  processors  and  the  Ring 
Laser  Gyro  (RLG)  technologies  as  well  as  the 
necessity  to  satisfy  mission  requirements  In  a 
cost/welght/ reliability/performance  conscious 
environment  have  led  to  increasing  applications 
of  integrated  multi-functional,  multi-sensor 
systems. 

In  view  of  the  importance  of  navigation 
systems  in  contributing  to  successful  military 
operations,  the  Department  of  National  Defence 
has  extensively  supported  the  development  and 
applications  of  multi-sensor  integrated 
navigation  systems  as  shown  in  Table  1.  This 
paper  will  highlight  Canadian  experience  in  the 
development  of  two  airborne  mission-specific 
inertlally  based  integrated  navigation  systems: 
the  Helicopter  Integration  Navigation  System 
(HINS)  and  the  Synthetic  Aperture  Radar  Motion 


Compensation  System  (SARMCS).  The  HINS  Is  aimed 
at  Anti-Submarine  Warfare  (ASW),  Anti-ship 
Missile  Defence  (ASMD)  and  Anti-Surface 
Surveillance  and  Targeting  (ASST)  missions.  The 
SARMCS  is  aimed  at  the  motion  compensation  of 
radar  returns  to  achieve  high  resolution,  high 
contrast  and  low  geometric  distortion  synthetic 
aperture  radar  imagery. 

Even  though  these  two  projects  apply 
essentially  the  same  technology  and  utilize 
similar  sensors,  the  mission  requirements  are 
drastically  different.  In  the  case  of  the  HINS, 
there  were  available  various  types  of  off-the- 
shelf  navigation  subsystems  that  could  be 
configured  to  meet  the  specified  mission 
requirements.  However,  In  the  case  of  the 
SA^CS,  there  was  Initially  significant  doubt 
that  the  mission  objectives  could  ever  be 
satisfied  with  the  state-of-the-art  technology, 
given  the  extremely  stringent  accuracy 
requirements  specified. 

This  Is  followed  by  general  conments  on 
InertiaMy  Based  Multifunctional  Systems  and  on 
the  trends  of  GPS  related  future  applications. 

3.  EARLY  CAHADIAN  EXPERIENCE 

In  an  early  Canadian  operational  experience 
of  an  integrated  airborne  navigation  system 
conaiating  of  two  inertial  navigation  systems, 
one  doppler  navigation  system  and  one  Omega 
radio  receiver,  the  mission  requirement  was  only 
specified  at: 

30Z  CEP  Radial  position  of  2 

nautical  miles  with  external 
aids  of  Omega. 

SOX  CEP  Radial  position  error  growth 

of  1.5  nm/hr  without 

external  aids. 

The  integrated  system  as  a  result  of 
extensive  flight  test  fully  satisfied  all  the 
mission  performance  specifications  and  yet  was 
found  to  have  deficiency  in  coping  with  Omega 
lane  jumps  in  both  its  Inertial/Omega/Doppler 
(1/0/D)  and  Inertlal/Omega  (I/O)  operational 
modes . 

As  a  result,  it  took  considerable  effort  on 
the  part  of  this  author  and  extended  flight 
trials  to  remedy  the  technical  deficiencies  In 
both  the  I /0/D  and  I/O  operational  modes. 

Figures  1-4  (I]  Illustrate  the  system 
performance  before  and  after  the  software 
modifications,  where  INS  1  shows  the  performance 
of  the  original  Integrated  navigation  system, 
and  INS  2  shows  the  performance  of  the  modified 


Integrated  navigation  solution  subject  to 
exactly  the  same  Omega  lane  Jumps. 

Fortunately,  all  our  "eggs"  were  not  in  the 
same  basket.  The  integrated  system  design  was 
only  applied  to  one  of  the  two  inertial 
navigation  systems.  A  free-inertial  solution  is 
always  available  to  verify  the  integrated 
solution  to  detect  the  possible  influences  of 
Omega  lane  Jumps,  and  it  can  still  be  dependent 
to  provide  uncorrupted  navigation  data. 
Therefore,  in  both  the  subsequent  HINS  and 
SARMCS  development  projects,  we  have  taken  a 
more  conservative  approach  in  dedicating 
considerable  resources  to  systematically 
simulate  and  study  selected  candidate  system 
conf igurat ions . 

4.  MISSION  REQUIREMENTS 

The  mission  requirements  of  military 
aerospace  vehicles  vary  significantly,  and  many 
of  the  missions  must  be  carried  out  under  severe 
dynamics  and  all  weather  and  visibility 
conditions.  For  the  design  of  any  advanced 
integrated  multi-sensor  navigational  system,  it 
is  Important  to  define  the  detailed  mission 
operational  environment,  since  integrated  system 
performance  to  a  great  extent  depends  on  the 
constraints,  dynamics  and  on  the  accuracy  of 
navigation  sensor  in  each  stage  of  the  mission. 
The  simulated  and  flight  test  performance 
accuracy  can  only  be  properly  measured  with 
prescribed  mission  profiles.  As  the 

adoption  of  NATO  STANAG  4278  95?  performance 
accuracy  measurement  is  essential  in  ensuring 
system  performance  integrity. 

4.1  Missions  Profiles 

For  the  development  of  the  HINS,  two 
representative  mission  profiles  for  the  maritime 
helicopter  were  developed  for  use  during  the 
simulation  studies.  The  first  profile  is 
typical  of  an  ASW  sonobuoy  mission.  The  HINS 
flight  test  program  would  seek  to  follow  flight 
profiles  similar  to  these,  so  that  dynamic  test 
results  could  be  appropriately  compared  to 
simulation  results. 

4.1.1  ASW  Sonobuoy  Mission  (see  Figures  5  and 
6) . 

(1)  Mission  Alert:  (10  minutes) 

aircraft  power  turned  on,  helicopter- 
destroyer  at  speed  of  18  knots.  A  contact 
is  detected  by  the  ship  sensors  at  a  range 
of  90  nm  and  a  bearing  at  90  degrees  to  the 
ship’s  course. 

(2)  Larmch  and  Climb  (10  minutes) 

climb  at  a  rate  of  600-1000  ft/min  to  a 
cruise  altitude  of  5000  ft. 
airspeed  during  climb  90-100  knots, 
course  235  degrees 

(3)  Enroute /Cruise:  (45  minutes) 
course  235  degrees 

speed  140  knots,  alt  5000  ft.,  distance 
flown  100-110  nm. 


(4)  Sonobiu>y  Pattern  Drop:  (25  min) 

drop  altitude  5000  ft,  speed  90  kts. 
rate  1/2  turns  (1.5  deg/sec),  15  deg  bank 
angle . 

eight  sonobuoys,  5  nm  spacing. 

(5)  Orbit/Sonobuoy  Monitor:  (40  min) 

orbit  altitude  at  5000  ft.,  speed  70  kts, 
circular  or  racetrack  pattern,  may 
alternate  direction. 

10  nm  long  orbits,  15  minute  circuits. 

(6)  Localize/Additional  Sonobuoy  Drop:  (15  min) 

contact  passes  between  sonobuoys  A  and  B. 
helicopter  descends  to  500  ft  at  100 
ft/min,  flies  7  nm  downrange  and  inserts 
two  additional  sonobuoys  at  C  and  D. 
orbit  at  500  ft  for  10  minutes  to  monitor 
sonobuoys  A,  B,  C  and  D. 

(7)  Magnetic  Anomaly  Detector  (MAD)  Rim:  (10 
minutes ) 

use  MAD  to  obtain  a  precise  fix  on  the 
target  by  flying  1000  ft  diameter  ovals  at 
200  ft  ale,  always  flying  in  the  same 
direction. 

-  speed  90  kts,  rate  1  turns  (3  deg/sec),  22 
degrees  of  bank. 

straight  and  level  re-fly  over  high 
probability  area. 

(8)  Attack:  (5  minutes) 

-  helicopter  descends  to  150  ft  and  release 
torpedo . 

(9)  Transit  Back  to  Ship:  (50  minutes) 

climb  to  5000  ft. 

-  transit  speed  140  kts. 

4.1.2  Convoy  Screening  Mission  (See  Figure  7) 

The  maritime  helicopter  provides  close-tn 
ASW  screening  support  to  task  force  operation  in 
open  ocean.  Dipping  sonar  is  used  to  search  a 
moving  sector  formed  by  a  60  deg  arc  some  9-12 
miles  in  front  of  the  ships. 

(1)  Mission  Alert:  (10  minutes) 
aircraft  power  on. 

(2)  Launcb/Climb/Enroute :  (7  minutes) 

climb  to  150  ft,  transit  10  nm  to  the 
search  sector  and  begin  first  sonar  dip  at 
point  A. 

transit  speed  of  140  knots. 

(3A)  Sonar  Dipping:  (15  minute  cycle) 

this  dipping  sequence  is  repeated 
continuously  for  the  duration  of  the  4  hr 
mission,  with  sonar  dip  pts.  at  A,  B  and  C 
within  the  sector. 


cruise  velocity  between  dips  is  90  kts. 

cruise  altitude  between  dips  is  150  ft. 

(3B)  Dipping  Operation 

700  to  1000  ft  before  dip  point  helicopter 
turns  Into  wind  with  rate  1/2  turn,  15  deg 
bank*  slows  to  70  kts  and  descends  to  150 
ft  altitude. 

transition  to  the  hover  at  50  ft  altitude 
(max  power  setting,  max  vibration): 
lower  sonar,  hover  at  50  ft  fur 
approximately  6  minutes. 

retract  sonar,  move  to  next  dip  point  at  70 
kts  and  150  ft  altitude. 

(4)  Repeat  Sonar  Dipping  Cycle  3B(b)  3B<c) 
above 

(5)  Return  to  Ship:  (LO  minutes) 
velocity  140  kts. 

4.2  Performance  Accuracy  Requirements 

For  the  ASW  mission  the  helicopter 
navigation  system  must  maintain  stable  and 
accurate  tactical  plots  over  long  periods  of 
time.  In  the  antl-surface  ship  targeting  role, 
high  orders  of  absolute  and  relative 
navigational  accuracy  are  vital  to  rapid  and 
successful  action.  There  are  further 
complicating  factors  as  well.  Operations  must 
often  cake  place  under  radio  silence  and  shore* 
baaed  or  satellite  navigation  aids  may  be 
destroyed  or  Jammed  during  wartime.  The  small 
crew  of  the  helicopter  must  not  be  bucv^ened  with 
monitoring  the  functioning  of,  or  updating,  the 
navigation  system.  On  the  basis  of  full  scale 
simulation  and  covariance  analysis  the 
operational  accuracy  specifications  are 
esL  l^iished  as  follows: 

With  GPS 

95X  Radial  position  error  0.016nm  (96  ft) 

95X  Radial  velocity  error  0.47  knots 

RMS  True  heading  error  O.l  degree  at  60"^  Lat 

Without  GPS  (la>Hotloo  Alignment) 

9bX  Radial  position  error  Inm/hr 

95t  Radial  velocity  error  2.4  knots 

RMS  True  heading  error  0.1  degree  at  60^  Lat 

5.  BINS  DEVELOPHEHT  EXPERIENCE 

For  the  system  design  of  a  multl'Sensor 
maritime  helicopter  integrated  navigation 
system,  a  large  numb<^r  of  equipment 
configurations  are  possible.  The  typical 
approach  is  to  use  previous  experience  in 
selecting  a  candidate  configuration  in  an  ad  hoc 
manner.  This  has  the  potential  danger  of 
eliminating  good  alternatives  early  in  Che 
project  and  could  result  in  a  suboptlmal 
configuration.  It  Is  therefore  more  prudent  to 
dedicate  some  resources  to  simulate  and  study 
two  or  three  potential  configurations  with  the 


aim  of  identifying,  developing  and  testing  an 
Integrated  navigation  system  that  best  satisfies 
the  mission  requirements.  The  prototype  of  the 
selected  system  configuration  can  then  be 
developed  and  tested  with  the  aim  of  subsequent 
engineering  develupment  for  use  on  board  the 
chosen  mission  platform.  The  development  effort 
can  be  divided  Into  at  least  the  following  two 
phases: 

5.1  Phase  I  •  System  Definition  end  Design. 

To  properly  analyze  the  performance  of 
various  candidate  configurations,  a  versatile 
simulation  package  was  developed.  Since  the 
fidelity  and  performance  prediction  of  these 
configurations  are  of  prime  importance,  a 
eubstanclal  portion  of  the  development  effort 
was  dedicated  to  generating  complete  and 
accurate  error  models.  These  activities  are 
described  as  follows: 

a.  Survey  existing  or  soon  to  be  available 
navigation  sensors  to  determine  their 
suitability. 

b.  Identify  several  copt-ef fectlve  candidate 
system  configurations  that  can  potentially 
satisfy  the  performance,  weight,  size  and 
reliability  requirements. 

c.  Generate  the  navigation  sensor  error 
models . 

d.  Generate  a  set  of  mission  profiles  to  be 
used  for  trajectory  generation. 

e.  Develop  the  Inregration  algorithms  to  blent 
the  sensor  outputs  and  undertaken 
performance  and  sensitivity  analysis. 

f.  Develop  control  and  display  software. 

g.  Develop  diagnostic  software  to  detect 
sensor  failure. 

In  the  detailed  simulation  analysis  both 
covariance  analysis  and  Monte  Carlo  sliDulation 
software  were  used.  Covariance  analysis 
software  is  effective  for  the  design  of 
integration  filters  because  it  provides  ensemble 
statistical  data.  Because  ensemble  statistics 
are  the  outputs,  covariance  analysis  can  (in 
many  circumstances)  reduce  the  need  for 
computationally  intensive  Monte  Carlo 
simulations.  This  8k,atl8tic8l  information  can 
be  used  to  assess  candidate  Kalman  filter 
designs  and  to  project  the  performance  of  a 
particular  navigation  system  configuration. 
Covariance  analysis  is  very  useful  for  assessing 
the  effects  of  mismatch  between  the  filter 
design  model  and  the  "real  world"  or  truth 
model.  In  addition,  it  can  be  readily  used  to 
establish  error  contribution  tables  and  error 
budgets  which  let  the  filter  designer  focus  in 
on  the  major  error  contributors. 

However,  Monte  Carlo  simulation  also  has 
Its  place  in  the  design  of  suboptlmal  Kalman 
filters.  Simulation  can  be  particularly 
effective  in  assessing  the  effects  of 
nonllnearlties  which  are  difficult  to  address  in 
the  covariance  analysis  framework.  Also, 


certain  typea  of  mlamaCchea  between  the  Kalitian 
inter  otodel  and  the  truth  inodel  are  loore 
conveniently  addressed  with  the  simulation 
program  than  with  the  covariance  program.  An 
example  of  this  la  the  sensitivity  assessment  of 
the  effect  of  sea  current  correlation  time 
mismatch. 

Another  area  In  which  the  Monte  Carlo 
blraulatlon  can  be  of  more  use  than  the 
covariance  analysis  program  has  been  In  the 
investigation  of  the  effects  of  unmodeiled 
manoeuvre-dependent  sensor  errors,  Ae  well» 
covariance  analysis  software  will  never  be  able 
to  replace  the  function  of  simulation  software 
for  final  checkout  of  Kalman  filter  code. 

b.2  System  Error  Modelling 

Detailed  simulation  and  error  models  for 
all  the  relevant  navigation  equipment  and 
environmental  disturbances  were  developed  for 
the  performance  evaluation  and  sennit Ivlty 
analysis . 

A  wide  variety  of  types  and  brands  of 
navigation  sensors  can  contribute  to  meeting  a 
specific  set  of  requirements.  The  lollowing 
list  of  generic  navigation  subsystems  can  be 
considered  having  merit  in  HINS  applications: 

Global  Positioning  System  (GPS), 

Inertial  Navigation  System  (INS), 

Attitude  and  Heading  Reference  System 
(AUKS) , 

Doppler  Radar, 

TACAN. 

Omega, 

Air  Data  System, 

Strapdovn  Magnetometer, 

Radar  Altimeter. 

However,  many  of  the  generic  equipment 
categories  can  be  further  subdivided.  For 
example.  In  the  INS  category  there  are  high  and 
medium  accuracy  Irrtlal  equipments  available. 
The  Inertial  sensors  can  be  mechanized  in  either 
a  glmballed  or  strapdovn  platform.  Strapdovn 
configurations  may  use  conventional  or  ring 
laser  gyroscopes.  Similarly,  Doppler  v«  locitv 
sensors  and  Doppler  navigation  systems  are 
available  in  the  Doppler  category. 

3.3  Phase  11  Developoeot  aod  Testing 

a.  Acquire  the  sensor  hardware  for  the 
preferred  configuration  and  complete  the 
development  of  the  design  produced  in  Phase 
1. 

b.  Develop  the  data  bus  and  Interface 
electronics  to  connect  the  sensors. 

c.  Refine  and  convert  the  preliminary  forms  of 
the  Phase  2  Kalman  filter  and  Integration 
software  into  real-time  flight 
impiemcntable  programs.  Develop  the 
control  and  display  software  and  transfer 
these  programs  Into  the  airborne  processor. 

d.  Conduct  static  tests  of  the  compl^^ted 
system  in  an  integration  laboratory  and  in 
low  dynamics  tests  using  a  mobile  van. 


e.  Conduct  tllght  teats  in  a  test  alrc.aft  to 
evaluate  system  performance  In  a  realist? 
vibration  environment. 

f.  Assess  the  ’'svigation  system's  performance 
by  conducting  extensive  flight  tests  In  a 
test  aircraft  on  an  instrumented  range. 

The  Phase  il  development  was  aimed  at 
realizing  in  hardware  the  Phase  I  system  design 
by  const  ruct  t/ig  and  ■'developing  through  ground 
and  flight  testing  tiie  Advanced  Development 
Model  (ADM)  to  produce  a  fully  d.veloped  and 
flight  validated  integrated  navigation  svstem 
prototype . 

3.4  UINS  Configuration 

The  s.*lec'ed  HINS  configuration  Is 
represented  In  Figure  8.  The  navigation  bus 
Interfaces  the  primary  sensors  (INS,  CPS,  DVS) 
w  th  the  navigation  computer  system  (NCS),  which 
contalas  he  Integrated  Nav  Function,  described 
below.  iie  AHRS  Interfaces  directly  to  NCS  via 
an  ARINC  429  Interlace.  The  Control  Computer 
System  (CCS),  which  serves  as  a  smart  interface 
be  -een  the  NCS  and  the  Control  and  Display  Unii 
(CJU),  Is  connected  to  the  NCS  by  a  second  1353B 
data  bus. 

The  main  hardware  items  are: 

a.  Honeywell  H-423  Standard  Ring  Laser  Gyro 
Navigation  System. 

b.  Rockwell-Collins  model  3A  NAVSTAR  Global 
Posltior.'ng  System  Receiver. 

c.  Canadian  Marconi  ANP-233  Doppler  Ve.'^ity 
Sensor  (DVS)  . 

d.  HINS  M1L-STD-1333B  Navigation  Bus. 

e.  HINS  Motorola  6800  Microprocessor 

Navigation  Computer  System. 

f.  HINS  Control  and  Display  Computer 
Subsystem. 

g.  Data  Loader  System/Data  Loader  Module. 

h.  HINS  Control  Data  Bus. 

3.3  Flight  Test  Summary 

The  HINS  ADM  was  flight  tested  at  Holloman 
Air  Force  Base,  New  Mexico,  and  Vandenberg  Air 
Force  Base,  California,  to  take  advantage  of  an 
accurate.  Completely  Integrated  Refere:.ce 
Inst ruiDentat ion  System  (CIRIS).  The  flight 
tests  were  conducted  over  land  and  sea  with 
prescribed  nlssl^'t  profiles.  At  Holloman  AFB, 
three  types  of  .nlgnments  (ground,  In  motion, 
and  enhanced- Interrupteu )  four  operational  modes 
(Full-Up,  INS/DVS,  GPS/DVS,  AND  INS/GPS)  and 
three  pr«*flle8  (high  dynamic,  low  dynamic  and 
Bonobaoy;  were  flight  tested. 

At  Vandenberg  AFB,  two  different  types  of 
alignments  (In-rootlon  and  ground),  live 
operating  modes  (Full-up,  INS/DVS,  GPS/DVS,  DVS 
and  GPS)  and  two  profiles  (sonobuoy  and 
racetracK.)  wero  flown. 


5.5.1  Over  Lend  Flight  Teete 

Ac  Hollonian  AFB,  the  ensemble  results  12] 
of  4  cwo  and  a  halt  hour  fuIl-up  mode  are 
presented  In  Table  2.  The  95ch  and  50th 
percentile  radial  velocity  and  operational 
flights  position  error  plots  are  presented  in 
Figures  9  and  10. 

For  the  OVS  mode  with  ln<moclon 

alignment,  'able  ^  ;  rosents  the  ensemble  results 
of  4  fllghL*  wli'i  a  ‘fige  alignment  time  of  23 
minutes  au>.  '<a^^^^a.  1  n  mode  operations  of  72 
minutes.  'no  co;aposiie  radial  velocity  and 
position  ei  O  ^  are  ; 'v.aented  In  Figures  11-12. 
Zero  time  for  plots  was  ^he  point  at  which 
the  inertial  system  was  switched  to  the 
"navigate"  mode. 

5.5.2  Over  Sea  Flight  Tests 

At  Vandenberg,  the  HINS  was  flown  over 
waf<>:  with  in<moCion  alignment  of  40  minutes 
before  switching  into  the  navigation  mode  for  an 
average  of  100  minutes.  The  ensemble  results 
[2]  of  4  flights  are  presented  in  Table  4.  The 
composite  radial  velocity  and  position  error 
plots  are  presented  in  Figures  13  and  14. 

Sharply  elevated  position  errors  are  present  at 
the  end  of  three  flights  apparently  due  to  sea- 
co-land  transitions. 

6.  SYHTHETIC  APERTURE  RADAR  MOTION 

COMPENSATION  (SARMCS)  EXPERIENCE 

To  attain  high  resolution,  high  contrast 
and  low  guometrlc  distortion  airborne  imagery 
for  the  AN/APS-506  radar.  It  is  essential  chat 
very  accurate  motion  compensation  be  applied  to 
the  radar  returns  to  account  for  deviations  of 
the  radar  phase  centre  from  a  smooch  reference 
path,  chosen  a  priori.  The  main  task  of  the 
SARMCS  la  to  determine  spurious  high  frequency 
deviations  from  the  desired  motion  along  the 
reference  path;  these  displacements  are  used  by 
the  5AR  processor  to  adjust  the  relative 
alignment  and  phase  of  the  radar  returns,  after 
which  It  removes  low  frequency  (quadratic) 
errors  by  autofocuslng,  which  amounts  to  fitting 
a  quadratic  phase  adjustnent  to  the  radar 
returns  across  the  synthetic  aperture  to 
maximize  a  specific  measure  of  image  contrast. 

6.1  Motion  Coopeoeatlon  Requireoente 

There  are  two  main  modes  of  SAR  operation. 
In  spotlight  mode,  the  antenna  Is  aimed  at  the 
designated  target  (Figure  15)  or  specified 
coordinates,  and  wide  bandwidth  radar  pulses  are 
emitted.  In  the  strip-mapping  mode,  the 
orientation  of  the  radar  boresight  is  held 
constant  approximately  at  right  angles 
(Figure  16)  to  the  nominal  flight  path,  thus 
illuminating  a  swath  to  the  side  of  the 
aircraft . 

For  airborne  SAR  processing,  the  ideal 
situation  is  that  the  radar  antenna,  mounted  on 
the  aircraft,  moves  along  a  straight  line  in 
space,  transmitting  and  receiving  pulses  at 
equally  spaced  intervals  along  this  path,  which 
forms  the  synthetic  aperture.  However,  in 
general,  the  actual  path  of  the  antenna  will 


deviate  from  the  nominal  path  due  to  aircraft 
turbulence,  autopilot  inaccuracies,  etc.  These 
spurious  motions,  if  uncompensated,  can  severely 
degrade  the  SAR  image.  The  function  of  the 
motion  compensation  sy  m  is  to  sense  the 
antenna  motion,  and  compute  the  deviations 
between  the  actual  path  ai.d  the  nominal  path. 
This  information  is  then  used  to  correct  the 
phase  of  the  radar  returns  so  that,  ultimately, 
as  far  as  the  radar  processor  is  concerned,  the 
pulses  look  like  they  were  emitted  at  these 
ideal  points  along  the  nominal  track. 

6.2  Performance  Accuracy  Requireoente 

Since  this  project  is  in  support  of  the 
development  of  a  SAR  radar  capability,  the 
performance  requirement  for  motion  compensation 
has  been  specified  in  terms  of  power  spectral 
density  (PSD)  of  the  tolerable  error  in 
measurement  of  the  displacement  of  the  antenna 
phase  centre  along  the  radar  llne-of -sight  (LOS) 
(Figure  17).  The  displacement  error  spectrum 
has  been  divided  into  two  components.  The 
portion  of  the  PSD  below  A  Hz  lies  in  the 
"Don’t -Care  Region".  This  contains  the 
components  of  the  displacement  error  which  have 
characteristics  times  longer  than  the  maximum 
aperture  time  of  T  seconds  (A  Hz  ^  l/T  seconds). 
Displacement  error  components  having  frequencies 
above  A  Hz  must  be  controlled  by  the  motion 
compensation  system.  An  estimate  of  the  RMS 
magnitude  of  the  allowable  displacement  error 
measured  over  the  scene  Is: 

6r  =  0.33  mm  (RMS) . 

This  is  the  residual  displacement  error 
along  the  ^OS  to  the  target  not  including 
contributions  from  constant  and  linear 
components  of  displacement  error,  which  have  no 
effect  on  image  quality,  or  quadratic  components 
which  are  removed  by  the  autofocuslng. 

The  displacement  error  components  above  A 
Hz  affect  the  contrast  of  the  SAR  image  while 
those  below  A  Hz  degrade  resolution  and  produce 
geometric  distortions  of  the  Image.  Although 
the  lower  frequency  components  within  the 
"Don’t-Care"  region  may  affect  the  SAR  image 
quality,  this  error  component  is  to  be 
controlled  through  the  autofocuslng  algorithm. 
Therefore  the  SARMC  project  only  considers  error 
sources  above  the  A  Hz  region.  It  should  be 
emphasized  that  during  the  early  phase  of  the 
design  study,  it  was  felt  that  the  performance 
requirement  of  the  order  of  a  millimetre  would 
not  likely  be  achieved  in  a  practical  situation 
as  there  are  a  large  number  of  practical  design 
variables  which  could  easily  overwhelm  this 
level  of  accuracy  requirement. 

6.3  Analysis  of  Error  Sources 

In  view  of  the  extremely  stringent  accuracy 
requirement,  primary  design  consideration  was 
concentrated  on  estimating  the  magnitude  of  the 
contribution  of  major  system  error  sources  to 
the  residua^  LOS  displacement  error.  The 
following  error  sources  are  considered: 

-  Uncompensated  phase  centre  motion  due  to 
antenna  pointing  errors 


>  compucac lonal  and  related  errors  arising 
from  the  Imperfect  solution  of  the 
scrapdo%ni  motion  compensation  equations 

•  gyro  and  accelerometer  errors  of  the 
strapdovn  IMU 

-  attitude  errors  of  the  strapdovn 
navigator . 

The  analysis  indicated  that  the  principal 
aoarces  of  error  In  computing  the  LOS 
displacement  are  the  mlslevels  of  the  strapdovn 
aavigator«  the  error  in  determining  the  Initial 
depression  angle  of  the  target  LOS, 
computational  errors  In  navigation  and  targeting 
algorithms,  error  In  the  measured  relative 
azimuth  of  the  strapdovn  IMU  and  the  radar 
antenna  boresight,  and  errors  In  the 
accelerometers  and  gyros.  From  the  results 
obtained  for  the  required  aperture  under 
conditions  of  medium  turbulence,  the  error 
budget  of  Table  5  vas  dravn  up. 

6.<t  SARMC  Syatem  Configuration 

The  SARMCS  Instrumentation  that  was 
designed  and  installed  on  board  the  National 
Aeronautical  Establishment  (NA£)  Convair  580 
aircraft  for  Phase  II  Is  shown  in  Figure  18. 

The  system  configuration  consists  of: 

a.  a  ring  laser  gyro  inertial  navigation 
system,  denoted  the  master  INS,  which  Is 
located  about  three  meters  from  the 
aircraft  centre  of  gravity^ 

b.  a  Doppler  radar  employing  a  strapdovn 
three 'beam  lambda  configuration. 

c.  a  specially  designed  strapdovn  Inertial 
measurement  unit,  denoted  as  hv.IHS  (Motion 
Compensation  Inertial  Measurement 
Subsystem),  which  is  located  about  50 
centloetrea  from  the  SAR  antenna  phase 
centre. 

d.  air  data  sensors  Including  a  static  air 
pressure  transducer  along  with  an  air 
temperature  probe  to  determine  barometric 
altitude . 

The  almpllfled  block  diagram  of  Figure  19 
shows  the  SARMCS  functions.  All  of  the  blocks 
within  the  dotted  line  are  8oftwar«>  modules 
which  together  comprise  the  motion  compensation 
processor.  The  primary  sensor  Is  the  MCIMS 
which  accurately  measurea  rotational  and 
transitional  motions.  This  unit  is  mounted  on 
the  SAR  antenna  In  the  nose  of  the  aircraft  to 
provide  as  direct  a  measurement  as  possible  of 
the  antenna  motion.  The  raw  measurements  from 
the  strapdovn  unit  are  processed  In  a  strapdovn 
navigator  algorithm  to  yield  antenna  position, 
velocity  and  attitude.  This  Information  Is  then 
used  In  a  targeting  algorithm  to  generate  motion 
corrections  for  the  radar  returns.  These 
include,  In  addition  to  phase  corrections, 
adjustments  to  the  radsr  ^  .Ise  repetition 
frequency  and  range  gate  slewing  to  account  for 
aircraft  motion.  The  air  data  is  used  to 
compute  baroaltltude  which  Is  needed  to 
stabilize  the  vertical  channel  In  the  strapdovn 


navigator.  Outputs  from  a  Doppler  velocity 
sensor  and  a  master  inertial  navigation  svstero 
on  board  the  aircraft  are  fed  into  a  Kalman 
filter  algorithm  along  with  outputs  from  the 
strapdovn  navigator.  The  Kalman  filter 
optimally  Integrates  this  information  and 
eatlroatea  the  errors  In  the  various  sensors. 

The  net  effect  Is  a  transfer  of  alignment  from  a 
Doppler-damped  master  INS  to  the  strapdovn 
navigator.  The  error  estimates  for  the 
strapdovn  navigator  are  fed  back  Into  the 
strapdovn  algorithm  and  used  there  to  correct 
the  relevant  parameters.  This  error  control 
scheme  utilizing  the  Kalman  filter  is  designed 
to  prevent  a  build-up  of  long-term  levelling 
errors  commonly  referred  to  as  tilts  In  the 
strapdovn  platform  which,  as  indicated  In 
Table  5,  are  Important  contributors  to  motion 
compensation  errors. 

6.3  SARHCS  Simulation  Software 

The  SARMCS  simulation  software  Is  divided 
Into  3  separate  packages: 

a.  The  Data  Syntheala  Package  generates 
realistic  synthetic  data  from  the  system 
error  models  which  include: 

-  strapdovn  IMU  taodel 

-  Master  INS  model 

>  Doppler  radar  model 

-  Atmospheric  pressure  and  temperature 
models 

b.  Tbe  Data  Proctsaing  Package  can  process 
both  synthetic  and  real  sensor  data.  It 
Implements  the  motion  compensation 
processor  of  Figure  19,  which  Includes: 

'  strapdovn  navigation  and  sensor 
compensation  algorithms 

'  barometric  altitude  algorithm 

'  Kalman  filter 

-  targeting  algorithms 

c.  The  Evaluation  Package  evaluates  the 
performance  of  the  processing  package  by 
comparing  computed  master  and  strapdovn 
navigator  positions,  velocities  and 
attitudes  with  corresponding  accurate 
reference  data  generated  by  the  Synthesis 
Package . 

6.6  Kalman  Filter  Deaign 

A  baseline  35  state  Kalman  filter  vas 
developed  to  indicate  the  best  level  of 
achievable  performance.  The  filter  is 
mechanized  using  Elerman's  U-D  factorized 
formulation  [3].  The  filter  structure  Is 
implemented  in  such  a  way  that  arbitrary  subsets 
of  the  full  error  state  vector  may  be  selected 
for  a  particular  run  by  specifying  values  for 
Input  parameter  tables.  Similarly,  any  subset 
of  measurements  may  be  selected.  This  results 
in  a  very  flexible  deaign  tool. 
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An  error  control  routine  ueee  poeitlon» 
velocity  and  misalignment  error  state  values  to 
correct  position*  velocity  and  attitude 
estimates  of  the  strapdovn  navigator  after  each 
filter  update,  unless  the  update  occurs  during  a 
SAR  window.  The  corresponding  error  states  are 
zeroed  after  executing  error  control. 

For  practical  implementation,  a  ^uboptimal 
21  state  Kalman  filter  was  designed.  The  error 
state  vector  is  described  in  Table  6. 

The  modelling  of  relative  strapdown  (S/D) 
system  errors  instead  of  absolute  S/D  system 
errors  in  the  state  vector  is  a  design  decision 
that  is  motivated  by  several  considerations. 
First,  from  a  theoretical  viewpoint,  this  1$  an 
appropriate  choice  because  measurements 
constructed  by  comparing  information  from  two 
systems  with  the  aame  error  dynamics  only  allow 
observability  of  the  relative  error  between  the 
two  systems.  A  practical  motivation  for 
modelling  relative  S/D  errors  is  that  for  this 
case  where  S/D  instrument  errors  are  expected  to 
be  much  larger  than  master  INS  instrument 
errors,  it  can  be  shown  that  the  estimation  of  x, 
and  x^,  is  essentially  decoupled  from  the 
estimation  of  x^,,  x^,,  x^,  in  the  sense  that  no 
significant  correlation  develops  between  these 
two  sets  of  subvectors  during  Kalman  filter 
operation.  This  behaviour  Is  mathematically 
equivalent  to  having  two  independent  Kalman 
filters,  one  of  which  accomplishes  transfer-of' 
alignment  from  the  master  to  the  S/D  platform 
while  the  other  performs  Doppler-damplng  of 
master  errors.  This  is  a  robust  configuration 
in  chat  the  effects  of  slight  mismodelling  of 
the  lower  quality  S/0  IMU  in  the  Kalman  filter 
cannot  feed  back  through  the  velocity  matching 
measurements  to  corrupt  the  estimation  of  master 
system  errors. 

One  feature  of  the  SARMCS  Kalman  filter 
Chat  noticeably  distinguishes  it  from  a 
navigation-type  Kalman  filter  is  the  absence  of 
measurements  that  bound  the  inertial  position 
error.  This  is  a  direct  consequence  of 
tailoring  the  Kalman  filter  for  the  specific 
task  of  performing  accurate  S/D  platform 
alignment.  The  presence  of  S/0  position  errors 
has  only  a  relatively  weak  effect  on  the  buildup 
of  platform  misalignments  and  velocity  errors, 

80  there  is  no  need  to  accurately  estimate  them 
in  the  SARMCS.  In  fact,  S/D  position  states  are 
dropped  altogether;  the  use  of  the  e  angle  error 
formulation  for  the  Kalman  filter  inertial  error 
models  conveniently  allows  this  to  be  done 
without  impacting  on  the  filter’s  ability  to 
estimate  S/D  velocity  errors  and  platform 
misalignments  from  the  velocity  matching 
measurements. 

It  is  worthy  to  note  chat  the  choice  of 
augmenting  states  in  the  SARMCS  Kalman  filter  is 
based  primarily  on  the  criterion  of 
observability.  The  states  in  x^.,  x^  and  x^ 
represent  only  those  significant  instrument 
errors  chat  are  separately  observable  with  the 
given  measurements. 


6.7  SARHAC  Siomlatlon  and  Flight  Teat 
Verification 

The  mission  profile  for  the  simulation  is 
shown  in  Figure  20.  It  is  consistent  with  the 
flight  tolerance  limits  of  the  CV  5B0  research 
aircraft.  It  involves  an  initial  climb  to  an 
altitude  of  1000  metres,  followed  by  a  racetrack 
manoeuvre  after  10  minutes  and  an  s-tum  20 
minutes  after  takeoff.  This  is  followed  by  a 
period  of  nominally  straight  and  level  flight 
during  which  23  SAR  apertures  are  simulated. 
About  1  hour  after  takeoff,  a  second  s-tum  is 
carried  out  to  control  the  strapdown  navigator 
heading  error.  This  Is  followed  by  another 
section  of  straight  and  level  flight  during 
which  9  more  SAR  apertures  are  simulated.  All 
simulation  results  are  obtained  using  the 
baseline  Kalman  filter  design  unless  otherwise 
stated. 

6.7.1  SltBulation  Results 

Figures  21  to  23  show  the  north  velocity, 
roll  and  heading  errors  of  the  strapdown 
navigator,  together  with  RMS  values  computed 
from  the  Kalman  filter  error  covariance.  Notice 
that  the  o  bound  of  the  roll  error  conforms  well 
with  the  single  run  error  trace.  In  Figure  23, 
the  heading  error  RMS  is  reduced  to  the  level  of 
master  heading  error  after  the  second  s-tum. 

Simulation  results  Indicating  the 
performance  of  the  suboptlmai  21  state  filter 
are  shown  In  Figure  24.  This  plot  depicts  the 
roll  errors  of  the  strapdown  navigator,  as  well 
as  the  filter  predicted  1  o  value.  From  the 
comparison  of  Figure  24  to  Figure  22,  the 
performance  of  the  two  filters  is  quite  similar 
except  for  brief  periods  during  aircraft 
manoeuvres . 

6.7.2  Flight  Testing  Philosophy 

The  philosophy  for  flight  testing  the 
SARMCS  system  involves  validating  the  correct 
operation  of  subsystem  configurations  which 
Increase  in  complexity  until  the  complete 
configuration  is  attained.  This  type  of 
approach  provides  a  systematic  method  for 
detecting  and  isolating  unexpected  error  sources 
in  the  hardware  and/or  software  functions. 

There  are  five  sequential  steps  in  this  flight 
test  plan: 

1)  evaluate  the  performance  of  the  Haater/baro 
aubsytem, 

2)  evaluate  the  performance  of  the  MCIMS/baro 
subsystem, 

3)  evaluate  the  performance  of  the 
Haster/Doppler/baro  subsystem, 

4)  evaluate  the  performance  of  the 
Master /Doppler /baro/HCXMS  subsystem, 

5)  evaluate  the  performance  of  the  full  SARMCS 
with  all  SARMCS  sensors  utilized. 

In  the  first  four  steps,  the  subsystems  are 
tested  to  verify  that  their  velocity  accuracies 
are  consistent  with  expected  values  predicted  by 
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the  earlier  aimulationa.  A  flight  reference 
ayatem  (FRS)  la  uaed  to  provide  the  "truth*  data 
for  evaluation  of  theae  aubayatema.  The  FRS 
employe  an  extended  Kalman  filter  which 
optimally  Integratea  preclalon  microwave  rangea 
from  a  Del  Norte  Trlaponder  ayatem  with 
Information  from  an  LTN-91  Inertial  navigation 
ayatem.  For  the  FRSi  three  ground  tranapondera 
are  poaltloned  at  aurveyed  locatlona.  They 
provide  a  rectangular  coverage  area  of  width  45 
kllometrea  and  length  130  kilometres  within 
which  at  least  two  rangea  with  good  geometry  are 
received  by  the  aircraft.  Under  these 
conditions*  the  FRS  provides  continuous  aircraft 
velocity  Information  accurate  to  O.l 
metres/second  and  position  Information  accurate 
to  10  metres.  This  accuracy  is  sufficient  for 
evaluating  these  aubayatema  since  velocity 
errors  in  the  order  of  1  metre/aecond  are 
expected. 

After  it  has  been  verified  that  the  various 
subconf Igurationa  are  operating  properly*  the 
final  step  Involves  testing  the  full  SARMCS 
configuration  by  applying  motion  corrections 
computed  by  the  SARMCS  system  to  spotlight  SAR 
data.  The  extent  to  which  the  SAR  Image  is 
enhanced  is  the  ultimate  Indication  of  the 
performance  of  the  SARMCS. 

6.7.3  Flight  Test  Results 

Currently,  the  motion  compensation  system 
Is  already  Implemented  in  real-time.  However* 
the  radar  data  are  recorded  on  high  density 
digital  tape,  for  processing  in  a  ground-based 
facility.  As  a  first  step  In  the  processing, 
motion  compensation  vectors  are  generated  and 
applied  to  the  radar  data*  and  then  the  actual 
SAR  processing  la  done. 

Figures  25  to  28  Indicate  the  performance 
of  the  SARMCS  using  the  suboptlmal  Kalman 
filter.  Figure  25  shows  the  motion  compensated 
SAR  Image  of  essentially  a  point  scatterer.  The 
target  Is  a  satellite  receiving  station’s  10 
meter  reflector-type  antenna,  equipped  with  a 
dual  frequency  S/X-band  feed.  The  X-band  feed 
was  short  circuited  In  order  to  provide  a  strong 
reflection  from  the  antenna.  In  this  type  of 
display*  the  vertical  scale  is  signal  amplitude, 
one  horizontal  scale  Is  distance  along  the  radar 
Ilne-of-slght*  and  the  other  horizontal  scale  is 
distance  perpendicular  to  the  radar  llne-of- 
slght.  Theoretically,  the  SAR  Image  for  a  point 
target  should  be  one  sharp  peak*  which  is  fairly 
close  t*^  what  Is  being  achieved  in  this  Image. 

Figure  26  shows  the  same  radar  data  but 
processed  without  motion  compensation.  Here,  it 
is  apparent  that  the  effect  of  spurious 
uncompensated  aircraft  motion  is  to  cause  energy 
from  the  main  peak  to  spill  Into  the  side  lobes. 
The  Implication  of  this  for  a  more  typical  Image 
containing  many  point  targets  Is  that  weaker 
targets  In  the  vicinity  of  stronger  ones  might 
be  completely  obscured  by  this  sldelobe  energy; 
in  optical  terms*  the  resulting  image  would  be 
described  as  having  poor  contrast. 

Figure  27  shows  a  motion-compensated  SAR 
strip  map  image  taken  of  the  Sudbury  area  In 
northern  Ontario.  The  strip  is  about  650  metres 


wide  and  1500  metres  long.  The  area  Is  near  the 
nickel  smelter  In  Sudbury  that  refines  the  ore 
from  the  surrounding  mines.  The  dim  lines  are 
roads*  and  the  brighter  ones  are  railway  tracks. 
The  very  bright  lines  are  pipes  that  lead  Into  a 
cluster  of  five  circular  storage  tanks;  the 
radar  reflection  off  the  circular  edge  of  one  of 
the  tanks  can  be  clearly  seen  In  the  Image. 

Again*  Figure  28  shows  the  same  piece  of 
radar  data  but  processed  without  motion 
corrections.  The  Image  Is  initially  focused  but 
then  starts  to  smear  out  as  the  aircraft 
deviates  from  the  nominal  straight  line  track. 

In  this  case*  the  deviation  Is  a  result  of  a  2 
degree  change  In  aircraft  heading.  The 
pipelines  can  barely  be  distinguished  in  this 
image . 

7.  IHERTIALLT-BASED  HULTIFUSCTIOHAL  SYSTEMS 

Historically,  the  body  mounted  flight 
control  gyros  and  accelerometers  were  not  of 
sufficient  accuracy  for  navigation.  The 
navigation  sensors,  on  the  other  hand,  were  more 
accurate  than  necessary  and  yet  not  suitable  for 
flight  control  since  they  were  gimballed  and  did 
not  provide  the  platform  angular  rate  and 
acceleration.  Recent  advances  in  Ring  Laser 
Cyro  and  high  speed  microprocessors  have  made 
advanced  Inertially-based  multifunctional 
systems  feasible  and  desirable.  The  RLG  has 
both  the  accuracy  required  for  navigation  and 
the  dynamic  bandwidth  required  for  flight 
control.  Microprocessors  have  enabled  the 
processing  of  fault  detection*  isolation* 
dynamic  reconfiguration*  flight  control 
compensation  and  redundancy  data  management 
functions  to  achieve  fault-tolerant  multi¬ 
functional  operations. 

7.1  Performance  Accuracy 

The  navigation  performance  requirements  for 
Multifunctional  Inertial  Systems  are  in  general, 
similar  to  medium  accuracy  inertial  system. 

Table  7  represents  typical  system  output 
accuracies  that  are  required.  The  anticipated 
one  sigma  sensor  error  budgets  are  shown  in 
Table  8. 

Inertial  navigation  gyros  and 
accelerometers  are  normally  orders  of  magnitude 
more  accurate  than  those  conoonly  used  for 
flight  control.  Flight  control  sensor  accuracy 
requirements  (Table  9)  are  much  less  stringent. 
The  paramount  requirements  are  mount 
characteristics,  sample  rates*  structural 
bending,  signal  to  noise  ratio*  and  aliasing 
effects  and  computational  delays.  Therefore,  no 
software  compensation  on  the  sensor  errors  will 
be  required*  due  to  the  superior  quality  of 
inertial  grade  sensors. 

7.2  Redundancy  Requirements 

Fault  tolerant  architectures  with  redundant 
inertial  sensors  are  Increasingly  required  to 
meet  the  operational  requirements  of  high 
reliability  launch  vehicles*  advanced  aircraft, 
maintenance  free  commercial  aircraft  and  long¬ 
life  satellites,  etc.  Traditionally*  fault 
tolerance  is  provided  through  hardware 
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redundancy.  Triple  and  penta-criad 
architectures  have  been  adopted  for  coomerclal 
aircraft  and  space  vehicles.  Such  architectures 
lead  CO  a  large  number  of  sensors  and  associated 
coeti  veightf  size  and  power  considerations. 
However,  high  redundancy  and  reliability  can 
also  be  achieved  through  a  mlnlmuro  set  of 
redundant  components  In  an  Integrated 
multifunctional  design  with  fault  detection  and 
Isolation  (FDD  management  functions.  In 
general,  an  Integrated  flight  control  system 
must  ensure  system  Integrity  to  provide  fall- 
operate,  fall-operate  and  fall-safe  (fO,  FO,  FS) 
operations.  This  means  that  the  aircraft  must 
possess  a  full  authority  flight  control  system 
after  two  component  failures.  Even  after  three 
component  failures,  it  still  must  operate  safely 
but  with  degraded  handling  qualities. 

7 . 3  Survivability 

Flight  control  sensors  are  not  considered 
survlvable  when  the  gyros  are  clustered  at  a 
single  location  near  the  primary  aircraft 
bending  antinode  or  when  the  accelerometers  are 
clustered  at  a  node.  To  improve  survivability 
of  aerospace  vehicles.  It  is  necessary  to 
decrease  the  vulnerability  of  critical  flight 
control  sensors  to  penetrator  or  explosive 
warheads.  This  requires  assurances  of  a)  no 
single  point  vulnerability,  b)  the  flight 
control  output  will  survive  single-hit  battle 
damage  from  one  23rvd  High  Explosive  Incendiary 
(HEX) . 

7.4  Klsslon  Reliability 

Reliability  oust  be  considered  In  every 
phase  of  the  design  process.  High  mission 
reliability  can  be  achieved  either  by  designing 
components  that  have  a  very  large  HTBF  (mean 
time  between  failure)  or  by  providing  redundant 
components  and  a  redundancy  management  scheme  so 
that  performance  goals  are  met  In  spite  of  the 
failures . 

System  reliability  measures  the  degree  to 
which  fault  tolerance  is  being  achieved.  It  can 
be  used  as  a  yard  stick  to  compare  different 
fault  tolerant  architectures.  Reliability 
analysis  of  a  number  of  fault  tolerant  IMU 
architectures  with  redundant  Inertial  sensors 
was  performed  by  Jeerage  [4].  He  adopted  a 
systematic  reliability  analysis  procedure  to 
compare  this  state-of-the-art  fault  tolerant  IMU 
architectures.  However,  If  any  Inertially-based 
multifunctional  systems  were  to  be  adopted.  It 
would  be  necessary  to  demonstrate  on  an  economic 
term  the  life  cycle  cost  benefits  of  fault 
tolerant  architectures.  The  mission  reliability 
data  alone  will  never  be  sufficient  to 
demonstrate  Its  operational  applicability. 


7 . 5  FDIR  Management 

The  design  of  any  failure  detection 
Isolation  and  reconfiguration  system  should 
consider  the  following  design  Implications: 

a)  Failure  detection:  Rapid  response  In 

detecting  failed  or  degraded  sensors.  This 
requires  the  system  to  have  a  large  band¬ 


width  so  as  to  be  sensitive  to  high 
frequency  effects.  However,  higher 
frequency  components  can  cause  undesirable 
flight  control  allalsing  effects  such  as 
flutter  and  pilot  discomfort.  As  well. 
Increasing  the  bandwidth  of  the  Ralman 
filter,  will  make  the  overall  system  more 
sensitive  to  noise,  thus  degrading  the 
performance  under  no-fallure  conditions. 

As  well  a  false  alarm  can  cause  the  removal 
of  a  good  sensor  leading  to  erroneous 
detection  of  follow-on  sensor  failures. 
Therefore  the  FDIR  must  be  efficient  and 
real  time  Implementable,  while  addressing 
these  conflicting  requlrentents;  and 

b)  Failure  Isolation:  Upon  the  detection  of  a 
failure.  Isolation  Is  required  to  identify 
the  failed  sensor.  With  a  wrong  isolation, 
a  good  sensor  can  be  eliminated,  while 
leaving  the  failed  sensor  to  provide  the 
system  performance  and  FDI  measurements. 
Aside  from  direct  built-in  test  and 
verification  of  reasonableness,  and 
consistency,  numerous  papers  have  been 
published  on  FDI  algorithms,  they  generally 
fall  into  the  following  categories: 

I)  Voting  Scheme:  This  Is  relatively 
easy  to  implement  and  provide  fast 
detection  and  isolation  of  hard 
failures.  It  is  often  useful  in 
systems  of  high  hardware  redundancy. 

A  majority  voting  technique  is 
generally  used  to  detect  failures  and 
eliminate  faulty  Instruments. 

However,  It  cannot  take  advantage  of 
redundant  sensor  Information  and 
requires  multiple  hardware  redundancy. 
Kerr  [3)  has  proposed  a  voting  scheme 
based  on  the  pair  vise  statistical 
comparison  of  the  solutions  from  a 
series  of  sensors.  Any  lack  of 
conformity  between  two  solutions  are 
sent  to  a  voting  scheme  for  possible 
Isolation  of  a  sensor  failure. 

II)  Generalized  Likelihood  Test:  This 
approach  employs  a  set  of  equations 
called  the  parity  equations  to  detect 
a  failed  sensor.  A  parity  equation  Is 
defined  as  the  comparison  of  the 
measurements  between  several  sensors 
such  that  the  result  Is  zero,  except 
for  a  small  noise  resldxxal.  A 
significant  Increase  In  the  residual 
measurement  Indicates  a  failure  due  to 
a  shift  In  sensor  bias.  To  take  full 
advantage  of  this  technique,  sensor 
geometry  must  be  configured  to  yield 
failure  detectability.  This  Is  the 
nK)st  widely  used  FDI  techniques,  since 
fault  detection  and  Isolation  casks 
are  separately  performed,  and  It  has 
been  shown  to  be  equivalent  to  other 
methods  such  as  the  total  sqixared 
error  (TSE) /maximum  square  residual 
(HSR)  approach  [6]. 

III)  Multlple-Decentrallzeq  Filters: 
Recently,  a  number  of  multiple 
decentralized  filtering  schemes  have 
been  Introduced  In  literature. 
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BiermAn  {7]  has  developed  a  flexible 
decentralized  filter.  Brumback  and 
Srlnath  [8]  proposed  the  computation 
of  multiple  (local)  estimates 
conditioned  on  different  subsets  of 
the  sensors.  A  statistical  overlap 
test  Is  used  to  determine  the  validity 
of  the  local  estimates,  and  a  failed 
sensor  Is  Identified  from  analysis  of 
the  Invalid  local  estimates 
Carlson  [9]  has  developed  a  federated 
filter  by  extending  the  work  of 
Blerman  providing  usable  and 
physically  meaningful  local  filters 
and  allows  master  filter  race 
reduction  via  local  data  compression 
(prefllcerlng) .  The  accuracy  Is 
dependent  on  the  selectable  master 
filter  race,  and  provides  a  high 
degree  of  fault  tolerance.  In  Canada, 
we  have  attempted  to  investigate  three 
FDIR  techniques  to  detect  soft 
failures  in  multi-sensor  integrated 
navigation  system.  These  are: 

a)  Residual  test, 

b)  Chi-square  state-vector  test,  and 

c)  multiple  model  filtering  based  on 
a  Bayesian  fault  isolation  scheme. 

The  results  of  this  study  will  be 
presented  by  McMillan,  Bird  and  Arden 
in  this  Specialist's  Meeting.  The 
success  of  any  FDIR  schemes  must  be 
measured  in  terms  of: 

a)  Computational  complexity, 

b)  false  alarm  minimizatiout 

c)  Failure  detection  sensitivity,  and 

d)  Optimal  performance  accuracy  and 
graceful  degradation. 

6.  GPS  RELATED  FUTURE  APPLICATIONS 

The  success  of  Desert  Storm  operations, 
amongst  other  things,  convincingly  demonstrated 
the  utility  of  GPS  and  scene  correlation/terrain 
reference  systems  and  smart  munitions. 

Recent  advances  in  mobile  comnunlcatloo 
technology  will  usher  in  abundant  opportunities 
to  Integrate  comoiunlcatlons,  navigations  and 
position  reporting  systems.  Highly  accurate 
differential  GPS  will  find  greater  applications 
In  constricted  waterways,  terminal  guidance, 
precision  approach  and  stand-off  weapons.  The 
Integration  of  GPS  with  scene  correlator  will  no 
doubt  enhance  accuracy  of  terminal  guidance 
systems,  mission  planning  efficiency  and  terrain 
follovlng/avoldance  applications.  This  type  of 
Integrated  system  should  also  find  significant 
applications  in  low  flying  aircraft  and  aerial 
surveillance  systems. 

9.  CONCLUSIONS 

The  advent  of  strapdown  RLG,  GPS,  terrain 
reference  systems,  multi-sensor  integration 
filter  and  fault  tolerant  FDIR  techniques  has 
extended  applications  of  IMU  and  GPS  far  beyond 
the  traditional  navigation  domain.  The 
successful  development  and  applications  of  these 
technologies  In  military  operations  will  no 


doubt  usher  In  abundant  opportunities  for 
civilian  aerospace,  marine  and  land  applications 
and  for  wide  ranging  innovative  military 
applications.  Even  for  the  system  design  of 
highly  accurate  performance  requirement,  the 
design  risk  can  be  adequately  managed  with  a 
well  executed  sequence  of  simulation, 
development  and  flight  test  evaluation 
activities. 
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CANADIAM  DEVELOPMENT  AND  APPLICATIONS  OF 
MULTI -SENSOR  INTEGRATED  NAVIGATION  SYSTEMS 
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TABLE  2 

ENHANCED  INTERRUPTED  ALIGNMENT, 
FULL  UP  MODE  (93TH  PERCENTILE) 


TIME 

POSITION  ERROR 

SPEC 

VELOCITY  ERROR 

SPEC 

(MIN) 

(NM) 

(NM) 

(KNOTS) 

(KNOTS) 

60 

0.011 

0.016 

0.26 

0.47 

115 

0.010 

0.016 

0.27 

0.47 

IN-MOTION  ALIGHMENT,  INS/DVS 
OVER  LAND  (95TH  PERCENTILE) 


POSITION  ERROR 
RATE  (NM/HR) 


SPEC 

(NM/HR) 


VELOCITY  ERROR 
(KNOTS) 


SPEC 

(KNOTS) 


IN-MOTION  ALIGHMENT,  INS/DVS 
OVER  WATER  (95TH  PERCENTILE) 


TIME 

POSITION  ERROR 

SPEC 

VELOCITY 

SPEC 

(MINS) 

RATE  (NM/HR) 

(NM/HR) 

(KNOTS) 

(KNOTS) 

60 

0.19 

l.OO 

2.26 

2.40 

90 

0.67 

1.00 

2.28 

2.40 
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TABU  : 

ERBOR  BUDGET 


ERROR  SOURCE 

MAX  CONTRIBUTION 

TO  RMS  (HH) 

Z 

1.  Sensor  errors 

•  acceleroiDeter 

0.02 

0 

-  gyro 

0.09 

8 

RSS  TOTAL  (sensors) 

0.09 

8 

2.  Computational  errors 

0. 10 

9 

3.  S/D  heading  error 

0.02 

0 

4,  S/D  mlslevels 

0. 18 

30 

5.  S/D  azimuth  alignment 

0.05 

2 

6.  Azimuth  angle  encoder 

0.05 

2 

7.  Interpolation  errors 

0.10 

9 

6.  Initial  depreasion  angle 

0.15 

20 

9.  Contingency 

0. 15 

20 

RSS  TOTAL  (all) 

0.33 

100 

TABU  6 

X.T 

MASTER  POSITION 

ERRORS 

X,  y 

MASTER  VELOCITY 

ERRORS 

X,  Y,  Z 

MASTER  PLATFORM 

MISALIGNMENTS 

X.  Y 

MASTER  ACCELEROMETER  BIASES 

X 

DOPPLER  SCALE  FACTOR  ERROR 

z 

DOPPLER  BORZSIGHT  MISALIGNMENT 

X.  Y 

SEA  CURRENT  BIASES 

X,  Y 

RELATIVE  S/D  VELOCITY  ERRORS 

X,  Y,  Z 

RELATIVE  S/D  PLATFORM  MISALIGNMENTS 

igugugnnnniiiiiiiiiiiiiiiiii 

S/D  GYRO  BIASES 

TABU  7 

NAVIGATION  PERFORMANCE  REQUIREMENTS 

Radical  Position  Error  Rate 
Velocity  Error 


Inm/hr  (CEP) 

3  ft/sec  (RMS) 


Reaction  Time 


5  minutes 


1-1.1 


TABLE  8 

NAVIGATION  SENSOR  REQUIREMENTS  (ONE  SIGMA) 


1  G^ro: 

Bias 

0.008  deg/hr 

Scale  Factor 

5  ppm 

Alignment 

2S  p  rad 

Random  Noise 

0.002  deg//hr 

Tum-on  Transient 

0.007  deg/hr 

1  Accelerometer:  1 

Bias 

40  p  g 

Scale  Factor  Stability 

35  ppm 

Alignment 

40  p  rad 

TABLE  9 

FLIGHT  CONTROL  SENSOR  REQUIREMENTS 


Gvto; 


Bias 

l.S  deg/hr 

Scale  Factor 

O.IZ 

AllgniDenC 

1  mllllrad 

Resolution 

0.02  deg/sec 

Range 

400  deg/ sec 

Accelerometer: 

Bias 

4  mllll-g 

Scale  Factor 

O.l  I 

Alignment 

7  mllllrad 

Resolution 

2  mllll-g 

Range 

20  g 

(WN)  bouua  iviavu 


(r(N)  uouua  iviavb 
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ra  7:  Piwi  vww  of  Convoy  ScraMting  Miuton  Figure  8  :  HINS  ADM  Architecture 


COMPOSITeIpaDIAL  velocity  EPROR  (EPS) 


Full-Up  Mode,  Sonobuoy  Profile  INS/DVS  Mode,  Over  Land  INS/DVS  Mode,  Over  Water 

(50th  and  95th  Percentiles) 
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Figure  15 

Spotlight  SAR  Geometry 
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Figure  16  Figure  17  :  Normalized  Power  Spectral  Density  of 

Stripmapping  SAR  Geometry  Tolerable  Antenna  Phase  Centre  Displacement  Error 
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Figure  18  ;  Location  of  SARMC  Instrumentation  on 
the  NAE  Convair  580 


Figure  27  :  Motion-Compensated  SAR 
Stripmapping  Image 


Figure  28  :  Uncompensated  SAR  Stripmapping  Image 


M 


OPPORTUNITIES  AND  CHALLENGES  IN  AVIONICS  INTEGRAI  ION, 

INS/GPS  -  A  CASE  STUDY 

ZJzislaw  U  ”Stan"  Levvaniovvicz.  C'oloncl.  I'SAF 
Depuiv  Director.  Avionics  [directorate.  Wright  l.aboratory 
Adjunct  Prot'essor  ct  l*leciricai  Engineering.  Air  [•  ^e  Institute  ot  TechnolocN 
Danny  W.  Keen 
Aeronautical  Systems  Division 
Wnght-Patierson  AEB.  Oil  454.F<-6543 


BIOC;KAPinK.S 

/J/uia’A  H.  ‘Sian”  Lc'.'.antovsic/.  Colonel.  L’SAF.  is  the 
Depuiv  DtreeU-r.  AvKUiies.  Wn^ht  Lahoraloiy.  W'nghi-Pauerson 
AFfi.  ()H  He  served  as  Assistant  Piofessoi  and  Deputy  Head. 
Dcpartmeni  of  Eleeineal  and  Computer  Enjiineering.  Air  Force 
InsUiuie  ot  Teehnvdogy.  where  he  laughi  the  mtegiated  navigaiion 
system  iheory  and  applteatutns  courses.  He  has  w«irked  at  ihe  .An 
Fvree  Weapons  Laboratory  in  a  high  energy  laser  ‘'earn  pointing, 
tracking,  siabih/ation.  and  wavetVonl  control.  Colonel 
Levvaniowic/  is  a  Senior  Pilot  with  over  2.S(Mt  living  houis.  He 
leceivcd  the  B  S  E.F.  Irv»m  Lowell  Tcchnoitigical  Insiuuie 
icurrenily  University  ot  Lowell)  in  1968.  the  M  S.F.E.  horn  AFIT 
in  1976.  and  the  M  S. A. A.  tiom  MIT  in  1986.  His  research 
inieicsi.s  arc  in  integrated  navigation  systems,  tliglu  ci'ntrol. 
adapuvo  optics,  and  .system  modelling  and  analy.sis 

Mr.  Danny  Keen  is  a  graduate  of  Wright  Slate  University, 
where  he  received  his  Bachelors  Degree  and  Masters  Degree  in 
Sy.siems  Engineering  in  1977  and  1980.  respectively.  From  1977 
tiil  the  present  Mr.  Keen  has  worked  tor  Aevvmauucal  Systems 
Division  (ASD)  at  W'righi  Patterson  AFB.  Dayu»n  Ohio,  primarily 
in  the  navigaiion/guidance  area.  Mr.  Keen  has  provided  support  in 
varying  capacities  to  numerous  ASD  poigrams  including  the  A*10. 
B-L  ACM.  B-2,  and  C-l?  Mr  Keen  has  also  worked  xs  a  chief 
proieci  and  llighi  test  engineer  in  the  4950TH  Test  Wing  at  Wright 
Patterson  AFB.  Mr.  Keen  currently  serves  as  the  Technical 
Specialist  for  the  ASD  Avionics  Engineering  .Navigation  Branch. 
Mr.  Keens  previous  publications  include  papers  on  various 
navigaiion/tlighi  test  topics  for  NAECON.  the  American  Defense 
Preparedness  Association,  and  NATO  AGARD  panels. 

ABSTRACT 

Several  recent  technological  developments  (including  the 
advent  of  GPS  and  the  virtual  explosion  of  computational 
capability)  i)ffer  unprecedented  oppoiium'ies  for  radically 
different  appiuachcs  to  piMviding  weapon  system  capabilities.  In 
ihe  past  high-rate  raw  semsor  data  would  have  to  be  sampled,  or 
significantly  pre  pu'ccssed  m  a  separate  (dedicated!  computer, 
before  such  data  culd  be  used  w  ithin  the  consiiainls  of  a  real  lime 
weapon  system  application  During  such  sampling/pic-procesving 
much  of  the  inhumation  content  could  be  i«>si.  The  current 
computational  capability  exphision  now  permits  highly  complex 
algorithmic  stdulions  l»t  be  executed  within  real  time.  Such 
C‘'mpuiational  capabilities  within  an  iiucgiated  avionics 
architecture  iilfer  tipporiunilies  for  maximum  rale  fusion  of  all  raw 
Signals  directly  from  the  smsors.  where  they  arc  gcnera'ed.  with 
litiie  or  no  information  loss.  As  an  example,  when  unfiltcrcd  CJPS 
information  is  dircclly/optimally  combined  at  maximum  rate  with 
inertia)  data,  not  only  is  the  navigation  accuracy  increxsed.  hut 
effective  susceptibility  to  GPS  signal  dn*p»>ui/iamming  is 
significantly  reduced.  Ad  liiionaily.  the  resultant  highly  prcci.se 
GPS/INS  position,  velocity,  attitude,  and  lime  information  can 
serve  as  a  common  integrating  agent  for  combining  the  information 
from  a  variety  of  ('thcr  mission  sensors  and  eommunicaiion 
devices.  A  system  engineering  process  is  required  to 


syMcmatically  explore  and  exploit  the  vet  untapped  oppi*riunilie> 
presented  by  these  lecliiudogieal  aJvaneeinents  The  es\enti.i! 
ingredients  of  this  process  aie  a  NVviem  level  peispective.  sound 
modeling  and  simulation,  and  the  .ippliealie-n  ot  .in.i!vtic  to. 'Is 

IM  ROin  UTION 

The  pi'ieiuul  ^>1  (.iP.S  to  vtunribule  to  the  iniiiiai  v  mission  is  n>' 
Ivmger  iii  question  The  acceptance  by  the  USAF  Ma)4  : 
Comm.inds  was  already  well  esiablisheJ  appioashing  the  end  ol 
1990  Foimcr  commander  of  itie  I’aclical  An  Uoinmand  iTAC'i. 
General  Russ,  stated  during  ilie  T.\C  Day  in  Julv  1900 1  in  es.s^'nce  > 
“GPS  i.s  heie  to  .stay,  we  have  ineJ  it.  our  piU'ls  love  it.  get  u  in  our 
Jiivrafi  as  quickly  u.s  pos.sjble  “  The  Opei.ition  Desert  Suirm 
simply  validated  and  amplified  this  acceptance  .Numerous  ai  iiele.s 
in  the  civil,  technical,  and  military  lournals  have  expounded  on  the 
GPS  coniribuiion  lo  that  operation.  One  defense  lournal.  Defense 
AVH-j.quv>ied  scnioi  Defense  vitlicials  that  of  the  numerous  success 
sU'i  ics  of  the  various  space  system  assei  cv'iunbulums  to  that  desert 
war.  that  of  GPS  was  most  .significant  In  the  Global  View  section 
of  the  June  1991  cdititm  of  the  GPS  World,  in  an  article  entitled 
“After  the  Storm  DoD  Officials  Back  Selective  Availability.” 
US.AF  General  Donald  J.  Kuiyna.  Cv’inmandei  in-Chief  of  the 
U.S.  Space  Command,  is  quoted;  (it)  “would  i'e  difficult  lo 
ovcr.staic  the  value  of  the  NAVSTAR  GPS  system  during  Desert 
Shield  and  Desert  Storm  operations"  and  “this  system  has  proved 
to  he  an  unqualified  success  " 

In  Opcraiion.s  Desert  Shield  and  Desert  Storm  the  Allied  forces 
also  deinon.siralcd  tremendous  ingenuity  in  the  u.se  and  application 
of  the  available  GPS  equipment.  Although  ihe  GPS  receiver 
equipment  availahie  to  them  performed  very  well,  the  system  has 
the  pviieniial  for  providing  significantly  greater  capability.  Had  the 
full  GPS  system  pvJicniial  been  mure  Hexibly  exploited,  the  Desert 
Storm  air  campaign  would  have  likely  produced  even  more 
impressive  results. 

The  challenge  for  (he  mililaiy  reseaich  and  development 
community  is  t(>  vigori»usly  exph'it  the  simultaneous  arrival  ol  the 
GPS.  the  explosion  in  coniputatH*nal  capability,  and  av  ai lability  ol 
the  integrated  avionics  architectures  tor  weapon  systems  Thcsi* 
factors  olfer  unprecedented  opportunities  \\h  iiuieh  greatei 
exploitation  of  avionics  sensor  fusion.  The  level  sensor  fusion 
achievable  is  strongly  influenced  by  the  avionics  arehiiecture  The 
avionics  architecture  can  also  significantly  enhance  oi  degrade  the 
sensor  fusion  results 

KKDERATEI)  AR(  Ili  rtX  Tl  Ri:.S 

Historically,  the  airciaft  avionics  have  evolved  fiom  dcdicaied. 
single  funclum.  mechanical  sensor  systems  to.  more  rceenily. 
sensor  systems  which  have  becmrie  quite  sophisticated  in  their 
functionality  and  accuracy  I'lic  earlier  sensors  were  developed. 
I'cTined.  and  added  to  the  aircraft  as  stand-alone  Ifcdeiaicd)  devices 
which  provided  crew  memheis  the  increased  ability  to  pcrfoi.n 
their  mission  more  cITeclivcIy  The  fusion  of  infoimaiion  fiom  a 
multitude  of  these  avionics  subsystems  was  a  required  pilot  (oi 
crew  member)  skill.  For  example,  in.sirumeni  Hying  requires  the 


J 
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piloi  to  methodically  and  lapidly  “cross-check*’  several 
iiisiiumeiUs  that  make  up  the  “pert'ormance”  and  “conirv)!” 
instrument  groups.  He  must  absorb  this  multitude  of  information 
and  make  continuous  and  real-time  decisions  about  the  type  and 
quantity  of  control  inputs  to  apply  in  order  to  achieve  the  required 
(light  path  precision.  In  this  case  the  pilot  mentally  perform.s  the 
fiisuni  of  the  various  elements  of  informativm  required  for  safe 
instrument  tlighi  Incidentally  the  auto-pilot,  when  engaged, 
pc’iforms  similar  fusion  and  cvmtiol  dccisu  ns  for  a  subset  of  the 
n> me  tasks. 

Increases  in  the  earlier  avionics  capabilities  typically  came 
from  evolutuMury  increa.ses  in  sensor  accuracy,  range,  reliability, 
affordability,  etc.  The  more  recently  developed  sensors  have 
embt'dded  in  them  quite  impressive  computer  pit'ces'.ing 
capahilities  to  enhance  sensor  peiformance.  In  nivuc  recently 
vieveK)pv'd  sensvus.  lunciional  outputs  trom  i‘ther  sensors  are 
added  ti'  enhance  ihcir  pertoimance  H(»vvever  the  provided 
infoiinalion.  being  the  output  of  another  sensor,  is  typically 
processed  rather  than  the  unprocessed  intormation  available  closer 
to  the  sensvir  detecivir.  In  the  past  there  had  been  valid  .ind  practical 
leastnis  for  this  Two  of  these  rea.sons  were  the  technoUigy 
availability  and  stanJaidi/ation  constraints 

In  recent  past,  computational  and  Jala  bus  lechn*»logics  cither 
did  pot  exist,  or  their  performance  was  inadequate,  or  the  mission 
did  not  require  the  “complexity”  With  time,  as  teehnt)logv 
advanced,  the  sensor  peiformance  increased,  the  eomputJiu)nal 
and  data  bus  capabilities  w-ere  developed  and  impnned.  and  the 
mission  requirements  “w  arranted"  st>me  communication  of  various 
outputs  anuing  the  avionics  black  boxes.  However,  c.ich  sensor 
evolsed  primarily  tVom  the  necessity  for  stand-alone  op<.*ration. 
that  IS  without  the  necessity  fv'r  c.  :nmumcativ*n  v‘f  much 
information  to  or  fiom  viiher  sensors.  Where  informaii^'n  was 
needed  to  he  shared  with  other  scnsors.  the  format  «*f  that 
information  was  typically  consirairuJ  to  that  available  at  the  post- 
processed  output  serving  the  primaiy  sensvir  purpox*. 

Despite  some  challenges  in  providing  for  multiple 
requirements,  this  limited  integration  cc-ncepi  was  successful  in 
that  performance  of  some  sensors  was  improved,  to  a  lesser  it 
greater  degree,  by  adding  to  it  inU'rmativm  tiom  »-thcr  sen.sors 
Most  of  the  infi)rmaii*ui  that  was  provided  from  other  sen.sius  was 
at  the  post-processed  output  level  or  in  the  domain  of  output 
integration,  This  post-processing  modifies  the  “raw"  signal, 
available  fium  the  detector,  in  bandwidth,  noi.sc  statistics,  and 
other  electronic  conips'iisation  characicnstics.  Although 
theoretically  it  possible  to  “undo"  the  output  piiKessing.  if  the 
original  processing  is  known,  this  is  not  practical  due  signal-to- 
n»>ise  losses,  distortions,  and  typically  high  cMst,  The  impact  of  this 
posi-pii'cessing  IS  that  it  limits  the  degree  to  which  the  information 
trom  other  sensors  can  be  utilized,  where  appropriate.  li>  improve 
the  perfi'i  mance  of  other  .sensors 

ADV  ANTEO  AVIONICS  ARCTIITEC  Tl  RES 

In  conirasl  to  the  federated  avionics  architectures,  the 
mlegra'ed  avuimc.s  arcl.ilcclure.s  offer  numerous  advantages. 
The.se  advantages  can  be  undersuiod  from  a  bniader  perspective  of 
avionics  system  Hexibility.  redundancy,  fault  tolerance,  real-time 
reconfigurahilily.  decreased  life  cycle  cost,  adaptability,  and  other 
attnhuies.  These  archilecluivs  consist  of  multi-function,  software 
programmable  module.s  in  common  avionics  enclosures.  Many  of 
the  mission  functions  can  be  performed  by  individual  or  groups  of 
modules.  This  ci»ncept  replaces  the  di.screte  functions  of  the 
ledcraied  avionics  architectures.  The  Integrated  ('ommunications. 
Navigation.  Identification  Avionics  <ICNIA)  and  the  Integrated 
Electronic  Warfare  System  (INEWS).  are  examples  of  such 
architectures,  and  arc  the  basis  for  the  U..S,  Air  Force  Advanced 
Tactical  Tighter  (ATT),  recently  designated  as  the  F-22.  and  the 
U  .S.  Army's  next  generation  helicopter  the  LHX  The  U..S.  Navy 
is  considering  this  avionics  architecture  for  its  AX  system 


Selection  of  modular  avionics  .standard  is  a  u»pic  of  high  interest  iv' 
the  North  Atlantic  Treaty  Organization  (NA'TO).  in  particular  the 
Four  Power  Group  consisting  I'f  Fniicd  Stales,  I'nited  Kingdom. 
France,  and  Geimany.  The  essence  of  the  question  before  this 
group  is  not  whether  iniegiaied  av  ionics  should  he  consiJereJ.  but 
what  form  shiiuld  the  slaiiJai  Js  lake  for  the  av  ionics  architectures 
and  for  vuie  id  its  key  elements,  the  mi'Jules. 

Many  .iJvantage.s  result  fiom  the  miegiated  architecture 
concept.  The  essemially  raw  signals  are  brought  into  a  single 
framework  where  real-time  m.tnagement  of  the  avaiLihle  lesv-uices 
can  be  exercised  This  imnieJi.itely  offers  oppoi tunnies  for  ie.il 
lime  rcciinfiguraium  foi  a  speciium  i»f  requirements,  be  u  !>• 
aeciiunl  Kir  (allures.  «>r  reCiUitigure  to  ad.ipt  i»'  .1  ..lunging  mission 
pha.st*.  v>r  ti'  rcspiiiiJ  t.*  changing  mission  reLjtniemenis.  siii.h  as  j 
just  identified  enemy  tliieal  Jivi.iting  a  umque  and  immediate 
lespiHise. 

Peihaps  the  most  signiticaiu  advantage  i^l  inieguted  avioines. 
as  the  mam  mess.ige  of  this  paper,  is  that  nu'st  i  t  the  signals  aie 
available  in  various  f* nils  and  stages  of  piocessing  within  the 
physical  CiUifines  id  this  architecture  Sensiir  liisuTi  ranging  horn 
Ciimbinuig  of  two  or  three  sensors  to  large  seale  fusion  of  .i 
multitude  ill  sensiTs  is  pi>ssihle  For  example,  availability  of  the 
“raw”  (unprocessed)  pseuJii-  and  delta-iange  GPS  measurenieiUs 
provivies  unprecedented  .-ppiTtumties.  When  tlie  (iPS  is  piopeilv 
Combined  with  INS.  this  two-sensiir  subset  produces  a  significaniiv 
more  accurate,  u'busi.  jani-iesisiani.  less  costly  navig.iih'n. 
attitude,  and  time  reference  set  This  refeience  set  is  very 
impiHlant  because  iKd  i'lily  does  it  provide  a  superior  navigatioi'. 
sidutuin.  but  It  also  IvciMiKs  an  integratu'ii  reference  set.  loi 
eiimbining  (fusing)  of  infi>rnuiion  ficim  other  sens.-rs. 

When  other  sensor  inKinnation.  w  hieh  eoniains  either  absolute 
i>r  relative  navigatiim.  altitude,  or  time  information,  is  pri»eessed 
)omi!y  with  that  iif  GPS  and  l.S'.S.  then  additional  benefits  are 
available.  F\»r  example  the  referenee  biases,  and  k»lhcr  errors,  ol 
these  sensi-is  are  often  i-bsei cable  and  cslimable.  thus  providing  j 
cri>ss-calibraiii>n  function.  F>u  tliosc  sensius  where  this  cioss- 
ealibiatum  is  significant,  several  I'ppi ‘it unities  immediately 
appear.  F‘*'r  example,  the  absolute  perloi  nunce  tolerances  on  those 
sens«»rs  perhaps  e»>uld  he  relaxed,  thus  reducing  the  complexity, 
cost,  and  reliability  ol  ihi»NC  sens.iis.  In  some  cases  iiu»re  than  i»ne 
sensor  pcitorms  a  similar  i’l  an  ovei  lapping  functum.  or  measures 
inKTmaliiMi  alsi»  measuied  by  some  iUher  sensi'r.  hen  the 
mti>iiTialii>n  fixim  this  enwmble  of  semsors  is  pitipeilv  fused, 
perhaps  siune  id'  those  sen.sois  are  either  redundant,  or  then 
omis.sioii  CiHiId  result  m  minor  and  aecepiabie  mission 
perfonn.ince  degradati'-n  hut  at  a  significant  reduction  in  c.wi 
.Another  pi‘ssibility  may  he  the  realization  iil  a  common  .ind  h.ghlv 
accurate  imie  refeience  that  could  be  derived  from  this  |oiiu  tiision 
i*f  signals  which  have  the  GPS  ume  as  a  comnu'n  reference.  Also, 
when  inforin.iium  fii>m  lUher  sens»Ts  is  jiuntly  fused  with  that 
CiPS  and  INS.  the  refeience  set  .iccur.icy  and  n'bustness  is  luiihei 
improved 

These  arc  only  few  examples  of  wha:  may  be  achievable  with 
integrated  architectures.  It  is  esser.t.al  Ui  emphasize,  that  to  realize 
this  vision,  system  and  ccmpiment  level  modeling,  analysis,  and 
simulation  arc  required  to  identify  the  system  level  s<,‘nsitiv iiies 
and  pcrfori..  various  trade-offs.  The  folhivving  sections  vif  this 
paper  de.scribc  a  GPS/INS  integrated  aviimics  archileelure  ease 
-Study  that  was  tirsi  doeunienled  in  Reference  1. 

CONCERNS  WITH  Cl  RRENT  MILITARY  GPS/INS 
INTEGRATION  APPROAITIES 

The  federated  architecture,  with  ii.s  limitations,  is  the  prevalent 
environment  that  current  military  GPS  user  equipment  is  designed 
to  operate  within  Neither  the  Standard  GPS  Receiver  IMA  nor  the 
new  Miniaturi/ed  GPS  .Aiib»>ine  Receiver  (MAGR)  provide  raw 
(lonospheiic  delay  corrected)  pseudo-range  and  delta-range  data 
from  the  GPS  satellites.  Instead  the.se  receivers  pre-process  this 


J.ua  and  uuipui  p  and  vcK>cuy  data  a.s  ouipuis  ol  ihcu' 

iiuoi  nal  Katin  all  tilk-rs.  Those  tiliots  arc  based  on  a  ceneiie  INS 
enor  model  ihal  is  luu  opiimi/ed  lo  any  paiiieiilar  INS  i>pe  t*r 
levhn.diiv’^,  Ifan  aiieialt  leqoiresa  nasigauon  sohuion  opiimi/eJ 
ti)  a  paitieular  INS  oi  if  vuhei'  sensors  are  leqoued  in  the  optimal 
nasieaiion  solution  ihess’  (IPS  leeeueis  evMiNiiam  ihe  aiicialt 
Kalman  filter  designer  to  a  easeadeJ  filter  jppu'aeh  I'se  of  CiPS 
liltered  position  and  \elov.it\  outputs  to  dnsc  a  separate  aireralt 
Kalman  filiei  ean  lead  l<*  liller  stability  problems,  since  the  OPS 
and  the  INS  position  and  velocity  data  are  time  cv'irelaied 
•Referensos  2  and  O  This  potential  problem  is  mimmi/ed  by 
tvpicalK  piocessing  OiPS  measurements  in  the  ancrall  tiller  at  a 
much  sK  \i.ei  rate  than  they  are  asjiiable  from  ihe  GPS  receiser 
This  helps  in  reducing  the  cvuielation  between  GPS  and  INS 
Micasuremenis  A  spa*.mg  ol  h)  12  seconds  is  sulficieni  when  4 
sat  •lines  w  nh  g<'od  geometry  are  a\  ailahle  However,  when  tewer 
tlian  4  satellites  are  available,  the  GPS  receiver  tiller  outputs 
dcgiade  and  closely  ii  ack  the  rapidly  giviwing  INS  eiiois  Tv'  a\  v'lJ 
tiller  Instability  under  these  conditions  the  anvrati  filter  is  designed 
'o  disiegaid  inputs  fiv'in  the  GpS  receiver  when  fewer  than  4 
accept. ible  satellites  are  available.  This  cascaded  filler  appiv'jch 
therelv''re  results  in  the  binary  v'n/off  use  of  GPS  information 

I’he  Stand.H  J  GPS  Receiver  IllA  and  MACiR  «.vuilJ  easily  K* 
uh'dified  to  support  a  m>ue  integrated  avn-nics  aulutecUne.  If 
pseudo-range  and  della-iaiige  data  were  dneclly  v'ulpul  fiom  'l.v 
Standard  GPS  Phase  IIIA  Receiver  or  the  MACiR.  a  non  ascaJed 
aiuiatl  Kalman  tiller  could  easily  be  implemc;  ed  within  the 
- ompulalional  capability  of  today's  avion;. s  computeis  Such  a 
tiller  could  u.se  PK)  percent  of  the  ailable  law  data  li'  piovide 
ckKCluI  posilu.n  and  velv»,  perU'rmance  degradation  when 
lewei  that  4  sciicUiies  .;  .  available  In  the  future  nunc  ^v>mplete 
Use  of  available  -u^a  will  be  requueJ.  Many  current  and  future 
aiiciall  will  be  built  as  "low  observable  «.LOf'  vehicles.  The 
addition  of  any  aperture  negatively  impacts  l,( )  characierisiics  of 
Mich  antennae  To  minim i/e  the  l.( )  impact  GPS  antenna  gams  will 
have  li'  be  saerifieed  with  a  corresponding  reJuctum  in  (iPS 
performance  I'p  to  10  Jb  of  reduced  antenna  gain  at  Uiw  scan 
angles  is  likely.  Another  concern  for  GPS  signal  availability  is 
dnnng.  or  near  the  weapon  delivety  time  when  enemy  lamming  is 
likely  to  be  piesc-nt  Even  use  of  imimentary  and  landom  glimpses 
at  individual  satellites  by  a  iu'n-cascadeJ  filic.  during  a  high 
lamming  period  shouKI  piovide  significantly  impioveJ 
peilormanee  over  the  cascaded  filter  appiojwh  (Reference  4K 
l  ollowing  sectji'n.s  of  this  paper  describe  the  system  engineering 
{  oee>s  }X*ifv»rmed  to  define  an  integrated  avivaiks  appioaeh  for 
implementing  GPS/INS  non  cascaded  Kalman  filters  Potential 
sets  v5t  error  states  required  for  such  non-cascaded  filters  are 
determined.  Subsevjuenily.  performance  of  these  filters  i.s 
vjuantified  via  analysis  agviinst  various  potential  GPS  coverage 
conditions 

PROPOSED  GPS/INS  INTEGRATED  AVIONICS  APPROACH 

Modify  the  fiPS  leceiver  IIIA  and  the  MACiR  to  output 
pseudo-range  and  delta  range,  satellite  position,  and  GPS  time  lag 
data  on  the  Mil.  STD  1  data  bus.  Develop  a  loinl  Kalman  filler 
that  uses  these  CiPS  pseudo-range  and  delta-range  measurer.. cni.s 
'  instead  of  the  111  lei  ed  ( iPS  posiin.ii  and  veloeity  outputs).  Include 
as  a  miniinuni  the  addition  of  one  and/ta  iwt)  (iP.S  reccivci  clock 
bias  and  drift  states  to  this  )omt  Kalman  tiller.  Model  the  effect  of 
adt.! I iiona I  CiPS  i me  ol  - sight  ( L.(  )S)  measurement  errors  as  stales  in 
the  Kalman  fiitei  (Should  result  in  higher  estim.ilion  accuracy). 
Furthcniiore,  since  raw  CiPS  ineasuiemenl  errors  are  ni>t  lime 
c<»ne!.Med  with  [h(»se  of  the  INC.  all  CiPS  data  can  be  used  al  ihe 
maximum  (iPS  mitpui  rale.  Ihis  enables  INU  errors,  receiver 
clock  bias  and  drift,  and  other  errors  lo  be  rapidly  and  acciiraiely 
computed  in  the  aircraft  integrated  (joint  in  the  probability  density 
lunction  sense)  Kalin. in  hiier  If.  at  a  .subsequent  lime,  fewer  than 
4  satellites  are  available  (he  now  calibrated  receiver  cKick  and 


other  CiPS  and  INS  eitois  will  [.KiUtaie  use  of  psv.-uJo-iange  and 
Jella-iange  data  fiom  the  available  satellites  K>r  .it  leaNi  '(*  nunuies 
to  keep  the  na\  igaiivm  soluti.m  bounded  t  ReleieiKc  >  i 

SIMl  L  A  I  ION  TOOLS 

rv'quaniily  the  level  ol  [vifi-iniance  impiovement  expected  bv 
the  abi'vc  jUi'piised  CiPS/lNS  integrated  avituiks  appioaeh.  the 
Ivdlowmg  simulalioii  iv'i.Is  arc  list'd 

a)  Muliiniv'de  Simulation  Ioi  Optimal  f'llter  LvaluatKii 
i.\1S()FEj.  a  L'vulian  ba>eJ  paogiam  cap.ible  ol  muUimovle 
Mnuiialiv'ns,  "  assists  the  engineei  in  tlie  design  and  evalualu  n 
of  integrated  .systems  that  empik'y  Kalman  tilieimg  techniques 
(Refeicnce  h)  MSOFK  was  designed  p  :ni!y  by  Inlegniy 
Systems,  Ine  .  and  the  itormeii  .Avu  iius  i.ab.i  jt.  ly .  WR'dC/ 
-\.\UN.  (eunently  \Vl /.A.AAS  is  a  branch  in  the  .Avioni».s 
Directorate  v‘f  the  Wright  l.aboi.n^-ry)  \\  light  Patterson  Af-^ 
The  gieatcst  advantage  in  using  .MS()M:  is  its  time  'nd  cost 
saving  he  lie  I  Us.  By  uiili/ing  its  1 4  pi  ohlem  -  speeit  ;e  subroutine  s 
and  Its  5y  general  suhi\»uiines.  a  user  may  periv'tm  evaluation  on 
a  system  in  20N  of  the  time  pievn  required  It  is  referred  to 
as  multiiiU'Je  in  that  it  is  ^nle  v>f  simulating  a  variety  of 
system  pia'bicms.  Its  .ao  most  widely  used  m.  des  are  M  me 
I'ailo  and  C'ovanance  simulations. 

b»  P-  iile  generator  il’ROPGI’N)  is  a  liaiectoiy  generaiiim 
p*  giam  de\ei\'ped  by  the  <foimerIy>  .Avionics  Laboratory  at 
Wi ight-Pjtfci.son  .A/  R  It  computes  po.sitnm.  veh'City. 
acccleialioii.  attitude,  and  ailitU'.le  latcs  lor  a  maneuvering  au 
vehicle  pic'file  based  iui  user  ptov  idcJ  inputs,  1  his  [light  profile 
Is  daeetly  usable  by  MSOlb  A  detailed  desviiplion  ol 
PROI  CiTN  IS  U'und  in  Refeienve  ' 

FILTER  DK\ELOPMENT 

A  *>b  enor  state  truth  model  was  developed  for  the  lully 
mtegraied  (iPS/IN.S  navig.uu  n  sv  .tern  It  combines  6K  state  INL 
iiuih  model  based  on  the  L.N  ')4.  the  Lillv'n  Inc  veision  of  the  .Air 
Force  Standaid  Rl.Ci  INS  (RcfcreiKc  S)  and  a  ^O-state  GP.S  truth 
model  developt'd  by  Solomon  in  support  .d  an  advanced 
Completely  Integrated  Refeicnce  Insii umentalti'n  System  iCIRISi 
for  the  Central  Inertia!  (iuidanee  Test  Fae iliiy  iClCiTF Holloman 
AFB.  .NM  (Reference  '>».  From  this  truth  model  various  reduced 
order  Tiltcis  aic  created  and  cvaluaieJ  using  .MSOFE  against  the 
leprcseniaiive  mission  ir.iie*.toiy.  The  pei Lumance  k*f  each  of 
these  reduced  C'ider  filters  is  d...cussed  in  the  F'lltei  F.valuatu'n 
Seetum  herein 

The  fiist  icduccd  oidei  (5l-siale)  fihei  is  created  by 
identifying  and  deleting  those  error  states  whose  error 
coniiibuiions  are  multiple  t’lder.s  i-f  magnitude  smaller  than  the 
more  dominant  error  states.  Additionally  other  error  states,  with 
similar  ci'uphng  paths,  are  linearly  combined  Fifteen  INS  states 
are  one  or  more  orders  of  magnitude  smaller  in  error  evmirihuiutn 
liian  other  significant  cnoi  states  effecting  either  gyro  platform  tilt 
i*r  veliK'ity  accuracy  (e.g  .  the  gyro  scale  factor  asymmetry  errors) 
Also  12  other  minor  INS  erroi  states  are  sulfieiently  similar  to 
other  existing  error  states  that  they  ean  logically  be  c'mbined  le  g  . 
gvro  misalignment  errors  with  gyro  scale  factor  enoi  i  Similaily 
the  twelve  GPS  satellite  position  error  stales  arc  not  fully 
ohseivahle,  except  for  the  positiv'ii  error  vector  projection  onto  the 
respective  hne-of-sight,  and  can  be  deleted  or  combined 
Additionally,  the  ionospheric  and  satellite  clock  errors  are 
vomhined  W4tli  il.c  eiiois  to  reduce  the  CiPS  model  hy 

another  eight  states.  E.xeept  for  the  reeeivei  clock  errors,  the  CiPS 
measurement  errors  \o  each  satellite  are  assumed  to  be  siatistieally 
independent.  (In  tael  some  modest  correlation  does  exist  For 
example,  the  low  altitude  aimusphene  delay  has  some  correlation 
as  a  function  of  angular  proximity  of  the  lines-of-sight  and 
elevation  angles.)  Using  this  appioaeh  the  98-Mate  truth  model  is 
reduced  toa  51  -state  reduced -older  filter.  These  5 1  states  arc  listed 
m  the  Appendix,  llie  resulting  51 -stale  reduced-order  filter  is 
limed  and  its  performance  compaied  to  that  of  the  truth  model.  As 
e.xpecied  lilllc  or  no  tuning  nuise  is  added  lo  selected  stales  to 
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insuiv  liilLT  siabilily  (liUiM'  tuning >. 

The  ne’il  32-siaie  icdiiccd-oi  Jer  filici  conih.acj*  the  ofUvLN  ot 
the  following  l‘>  states  into  the  remaining  error  ierm>  (see 
Appendix). 

a.  }  Gravity  Anomaly  States 

b.  ^  Accelerometer  Correlate'^  Bns 

e.  \\.iOcity  Scale-Factor  Asymmetry  Slates 

d-  6  Accelerometer  Misalignment  Stales 

e.  4  GPS  Code  Loop  Lrror  Stales 

The.se  error  states  are  primarily  the  mv'si  insignificant 
error  coiuribuiors  of  the  remaining  51  states.  The  resulting  \2 
state  reduced-order  filter  is  tuned  and  its  perlormance  Ciimpared 
til  that  of  the  iiuth  nuidel  The  performance  v‘f  the  ^2'Sialc 
reduced-order  liiier  is  slightly  degraded  Irom  that  ol  the  51-staie 
filter 

The  sub.scqueni.  23-siaie  reduced-order  filter  is  generated 
by  combining  the  effects  of  the  following  9  states  into  the 
remaining  error  terms  (See  Appendix). 

a.  3  Acceleromeiei  Scale  Factor  States 

b.  .3  Gyro  Scale  Factor  States 

c.  3  Vertical  Channel  States 

These  9  error  states  are  the  most  insignificant  error 
contributors  of  the  remaining  32  states.  The  resulting  23-siaie 
reduced-order  error  filler  is  tuned  and  its  performance  compared  to 
that  of  the  truth  model.  .A  moderate  amount  of  tuning  noi.sc  is 
added  to  insure  filter  siahiiity.  As  expected  the  peiformancc  of  the 
23-slaio  reduced-order  filter  is  somewhat  degraded  fiom  that  uf  the 
32  and  5 1 -slate  filters. 

The  final  IH-siaie  reduced-order  filler  is  generated  by  deleting 
the  follow-ing  5  states  (see  Appendix). 

a.  4  C('de  I-oop  States 

b.  L'ser  Clock  Drift 

These  5  cnor  states  arc  the  lea.si  significant  of  the  23  primary 
error  coniribuiors.  Deletion  of  these  slates  should  only  be 
considered  under  severe  computational  limiiatii>ns.  A  significant 
amount  of  tuning  noise  must  be  added  to  insure  filter  stability, 
e.specially  for  those  conditions  where  fewer  than  4  satellites  are 
available.  The  performanee  of  the  tuned  IX-staie  reduced  t)rdci 
filter  is  significantly  poorer  than  of  the  51.  32  »)r  23-siate  fillers. 
H\>wcver,  the  prk>iecied  performance  of  the  |ouu  {X-siatc  reduced- 
order  filter  promises  to  be  better  than  the  F  16  15  state  cascaded 
filter  jxrrformance  demonstrated  during  recent  F-16  GPS/INS 
Iltghi  testing  (Reference  U)).  With  four  satellites  available,  the 
projected  performance  of  the  joint  IS-staie  filter  is  10  feet 
compared  to  the  demonsiraled  performance  of  27  feel  of  the  F-  lb 
ca.scaded  filler, 

FILTKR  EVALUATION 

Before  the  simulated  Highis  each  filter  i.s  aligned  u.sing  the 
(light  filter.  No  separate  alignment  filter  is  required  In  fact 
aligning  with  the  flight  filler  has  .several  advantages.  During 
alignment  zero  velocity,  barometric  altimeter,  and  the  four  (iPS 
measurements  are  incorporated.  This  provides  the  filter  with  the 
Opportunity  to  immediately  begin  estimating  tho.se  error  states 
which  are  observable.  The  signilieani  advantage  during  alignment 
is  that  the  flight  filter  begins  building  up  the  eniss-convlaiioii 
terms  in  the  covariance  matrix  between  ihi>se  observable  slates. 

A  representative  attack  aircraft  weapon  delivery  mi.ssion  is 
generated  using  PUOFGEN,  This  mission  flight  irajecii*ry  is 
shown  in  Figure  1.  The  top  portion  t^f  the  Figure  show-s  the  enitrc 
mission  profile.  The  significant  segments  during  the  0  •  2(HM) 
second  period  of  the  simulation  arc  the  takeoff,  eanse.  and  de.sceni. 
The  significant  segments  during  the  2000  -  2X00  second  period  are 
the  ingress,  p(^p-up  maneuver,  weapon  deUvery.  evasive 
maneuvers,  and  escape.  This  period  is  shown  as  an  cnlargcmeni  in 
the  bottom  portion  of  Figure  I  This  is  the  segment  that  i.s 


examined  with  various  CIPS  saiellnc  availahtliiies  The  final 
period.  2S(K)  -  7295  seci*nd'i.  is  ifie  reiui  n  of  the  airci  aft  to  the  sume 
base  Single-iun  Monte  CaiU>  simulation  is  pcitoimed  for  eacli 
ca.se  ana!v/ed  for  relative  filtci  peifoiinance  compaiisons 


IW-M 

Jjimiiiiig-v..,^ 

r\.‘\k.c-nJ  oiul  1  and 

kuimjy - — > 

Keuioi.o!  liP.s  iJuiJties 

(Jaiiuiiing*  _ ^ 

A  I  ( )  r  1  :mo  st-c . 

11,/  .  i-aasuc 

lit-  Maneuvers 

1 

l.i*!*  AloUl.li- 

l.pupl 

J  i:siK)s.v) 

Inercss  »2iX¥)  K-v't 

1 _ _ 

(jMuiid  Turect 

Fiiiurn  /.  Flight  Profile 


The  reduced  order  filters  dc.scnbed  above  aiv  exercised  using 
.MSOFE  simulatmn  agauisi  this  mission  profile  During  the  take¬ 
off.  climb  out.  and  cruise  eniouie  to  the  target  area  four  GPS 
satellites  aic  simulated  as  continuously  available  until  the  2000 
second  t  33. 33  minute)  point.  .A  single-run  Monte  Carlo  simulatiiin 
IS  perftirmed  from  take-off  until  the  2(K)0  second  point  for  each 
reduced  order  filter  and  the  uuth  model.  This  ivcurs  immediately 
after  the  completion  of  descent  to  a  low  altitude. 

The  position  and  velocity  eiTiU  performance  plots,  for  this 
initial  20<H)  second  segment,  aie  show  n  in  Figures  2j  and  2b.  The 
appropriately  labeled  performance  plots  provide  the  Kalman  filter 
confidences  expressed  m  1 -sigma  values  for  the  tuned  18.  23.  32 
and  51-stjte  reduced  oidcr  filters  (gray  line)  a.s  well  as  the 
esvtmavusn  oV  ertvir  (b\ack  \ine)  These  are  presented  as  root  sum 
squared  (RSS)  three-dimensional  p<).siuon  and  velocity  en'ors 
(magnitudes  of  the  position  and  velocity  error  vectors)  versus  lime 
No  attempt  is  made  to  K>call>  opnmi/e  the  performance  of  any  of 
the  filters. 


Figure  2a.  3-D  Position  Error  (ft).  Take-off  to  2000  Sec. 


- _ 


Figure  2b.  3-0  Velocity  Error  (fps).  Take-off  to  2000  Sec. 

.At  the  2fMM)  second  pi>ini  into  the  mission,  and  approximately 
10  minutes  prior  to  time -vin- target  (  T(  )T).  varying  qualities  of  GPS 


coverage  arc  xssuined.  A  sepautc  MotUe  CarU»  sinuilauon  run  is 
pertormed  U>r  an  addiuonal  S()()  second  <  I.V.V^  minuie)  perii'd  l\*i‘ 
each  reduced  vudei  liUei  againsl  each  assumed  tiPS  c»>veiage  caw 
Each  GPS  coverage  case,  and  ils  associaied  position  and  vcUvils 
estimation  [vrtonnance  plots  for  each  reduced  order  filter  is 
illustrated  in  figures  3a  and  'h  through  figures  Sa  and  Nb  belou 
These  plots  provide  the  Kalman  filter  cvmfidences  1 1-sigma  values) 
i  -v'lo  O  .•^;lif7V(^ion  as  'bmensu'nal  KSS  nosiiion  and 

velocity  eiTor  plots 


:L 


Figure  3a.  .?-/>  Position  Error  ijti,  Four  Satellites 


Figure  3b.  3-1)  Velocity  Error  (fps),  Four  Satellites 


The  foui -saielliie  performance  is  the  baseline  for  comparison 
v>f  the  following  three,  two.  one.  /eui  and  occasii)nal  satellite 
measurement  avjiiahility  cases.  The  GPsS  satellite  geometiv 
assumed  in  this  analvMs  is  with  a  GDOP  of  appi.'Ximatelv  3  with 
one  satellite  diiecilv  oseihead  Note  the  relative  peiforinanee  of 
the  more  significantly  reduced  eader  fillers  against  the  51 -stale 
filter,  whose  performance  is  very  clo.se  to  that  of  the  truth  model 
(^iS-slate  filter)  performance  fnoi  shv»w-ni.  Also  note  the  superior 
performance  of  the  51  -  state  filter,  especially  in  velocity.  When  the 
four  satellite  measurements  are  available,  the  position  performance 
differences  are  not  significant,  appro .ximaieiy  6-7  ft  for  the  5 1 -state 
ca.se  compared  to  approximately  S- 10  ft  for  the  IK-staic  case.  The 
velocity  performance  is  sigiiincanily  better  for  the  51 -state  vcrsu.s 
the  1  X-stalc  case. 

When  the  »'\erhead  saielltie  is  a.s.sumed  nt)t  available  (the 
three-satellite  case),  the  IS-siaie  filler  pvisiiion  estimation  error 
performance  (black  linct  degrades  by  approximately  a  factor  of 
two.  The  performance  t)f  the  other  reduced  order  filters  remain 
essentially  the  same  as  the  full  saielliie  coverage  case.  Note  that 
the  IS-state  Kalman  filter  1 -sigma  position  confidence  plot  (gray 
line)  IS  significantly  larger  than  that  of  the  other  fillers.  Thi.s  large 
difference  in  filler  confidence  is  driven  by  the  moderate  amount  of 
tuning  noise  incorporated  in  the  18-slaie  filter  to  insure  filter 
stability  under  conditions  of  little  or  no  satellite  availability. 
Without  this  additional  tuning  noi.se  the  IX-.siaie  filler  became 
unstable. 


Figure  4u.  3-1)  Position  Error  {Jt),  Three  Satellites 


Figure  4b.  3-1)  Velocity  Error  (Jps).  Three  Satellites 


In  the  next  caw  .m.ilv/c.i.  in  addilipn  U'  ilk*  loss  of  the 
overhead  satellite,  one  im>ie  s.iieilile  removed  leaving 
mea.Miiemems  firm  I'tilv  iwr  NaU’lliles  available  ir  llie  reduced 
Older  filiei>  during  the  ingiv'*'*  and  attack  porm  n  rf  the  inissii>:i 
Note  that  in  all  oi  the  euNCs  .ir.alv/eJ.  eavh  ivduced  order  fillei 
includes  at  least  one  st.iie  foi  the  barometric  altimeter,  and  the 
j.ssckiated  aimospheiiv  pressuie  variation  eiiors  which  arc 
mvvdckd  astust-ovdcY  M.nkov  r.mdom  processes  The  presence  ol 
this  stale  appears  to  signifieaniiv  enhanee  the  pei  U'rmance  of  each 
filter,  ineluding  the  lb-si.ite  filter  In  tlie  iw r  wtellne  ease  the 
position  error  performance  ‘  f  the  reduced  order  filters  vanC' 
subsianuallv  The  32  and  51  state  fillers  perlorm  signilicaniiv 
better  than  the  23  and  IX  staie  filters  This  is  especialU  true  during 
the  fust  4(K)  seconds  tor  soi  of  this  tlighl  segment 


Figure  Sa.  3-0  Position  Error  {ft).  Two  Satellites 
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Figure  5b.  3-D  Velocity  Error  Ifps),  Two  Satellites 


The  next  case  analyzed  is  that  of  a  single  satelliie  and 
barometric  altimeter  measurements.  The  position  error 
performance  is  somewhat  degraded  in  comparison  to  the  earlier 
cases.  Noteworthy  is  the  velocity  performance  of  the  51  and  52- 
staie  filters,  where  the  error  increases  are  minor.  Also  note  the 
advantage  of  additumal  states  in  the  two  higher  order  filters, 
especially  during  the  first  4{K)  .seconds. 


Figure  6a.  3-D  Position  Error  (ft).  One  Satellite 


Figure  6b.  3-D  Velocity  Error  (fps),  One  Satellite 


Although  a  particular  single  satellite  is  chosen  it  is  heUeved 
that  very  similar  performance  will  result  with  any  other  .single 
satellite,  except  the  vertical  one.  The  barometric  altimeter  is 
already  providing  substantial  information  in  the  vertical  direction. 
The  lone  uff-vertical  satellite  significantly  helps  bound  the  growth 
of  horizontal  position  errors.  The  majority  of  the  error  growth 
observed  in  the.se  position  error  plots  i.s  due  to  the  loss  of 


estimation  accuracy  of  the  vertical  channel  tbarometnc)  errors  due 
to  growing  uncertainty  of  the  aimv'sphenc  correlated  Markov  error 
growth. 

Plots  7a  and  7h  show  the  performance  of  each  filter  w  hen  only 
barometric  aliimeicr  measorcmeni.N  are  available.  In  this  ease  each 
filter  relies  on  the  quality  of  estimates  of  the  INS  and  barometne 
measurement  errors.  Of  ci^urse  the  estimation  quality  of  these 
errors  depends  on  the  estimation  qu  ili*y  of  the  GPS  measu*.  m  ':'.! 
errors  during  the  lime  w  hen  GPS  measurements  are  available.  The 
position  error  performance  is  surprisingly  good  for  the  51-staie 
filter  compared  to  the  other  fillers.  The  veUviiy  enor  performance 
is  also  quite  good,  especially  when  compared  to  the  vehK’iiy 
performance  of  cascaded  fillers  (Reference  10). 


Figure  7a.  3-D  Position  Error  {ft),  Zero  Satellites 


Figure  7b.  3-0  Velocity  Error  (fps).  Zero  Satellites 


This  final  case  is  the  most  inteiesting  It  is  a  Mmulalioii  of  a 
situation  where  only  occa.sional  GP.S  measurements  from  varuius 
satellites  arc  available.  Although  in  reality  the  time  distribution  of 
ihe  sporadic  availability  of  GP.S  measurements  is  exfK’cted  to  be 
random,  here  it  is  approximated  with  a  single  satellite 
mca.surcment  available  only  once  every  50  seconds  on  a  rotairng 
hasi.s,  that  is  each  .saielliic  is  available  only  once  every  120 
seconds.  The  results  are  interesting,  especuillv  for  the  52  and  5 1  - 
.state  filters.  The  po.sition  error  performance  is  near  that  of  the  f  nir 
satellite  case,  within  a  factor  of  two  or  .s(»  The  vcKk’Iiv 
performance  of  each  of  these  fillers  is  nearly  unchanged  from  the 
four  satellite  case. 
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Figure  8a.  3-D  Position  Error  {ft),  Occasional  Satellites 


Figure  8b.  3-0  Velocity  Error  (fps),  Occasional  Satellites 


SlMl  1. ATION  RESl  LTS 

The  HSS  position  and  veUx:iiy  ctTor  results  (\)r  each  assumed 
OPS  coverage  case  are  shown  in  the  previous  Figures  3a  •  Kb. 
These  simulation  results  predict  that  a  nun-cascaded  Kalman  filter 
receiving  p.seudo-range  and  delta-range  measurements  and 
modeling  significant  GPS  and  hanimetric  altimeter  measurement 
errors  will  perform  significantlv  better  tn  actual  flight  than  the 
current  cascaded  approach. 

The  results  of  the  zero  satellite  case  provide  a  "best  case" 
approximation  (upper  hound  i  tor  cascaded  filter  performance,  with 
fewer  than  4  satellites  under  these  same  conditums.  This  is 
because  the  ca.scuiled  tiller  does  iiut  use  the  filtered  GP.S  receiver 
cvMTiputed  position  and  veKtciu  data  when  fewer  than  4  satelUtes 
are  available.  Note  that  for  all  the  reduced  order  fillers  the  RSS 
perft'rmance  at  the  H)  mimite  point  for  the  Tsatellile  ca.se  is 
essentially  the  same  as  for  the  4  satellite  ca.se.  with  the  e.xcepiion 
of  the  1  X-staie  filler.  For  the  one.  two.  and  three  satellite  cases  the 

2.Vsiaie  RSS  position  error  values  at  the  10  minute  point  are  l.'^O. 
100.  and  1  f)  respectively.  These  values  are  significantly  better  than 
the  "best  ca.se"  value  that  could  be  expected  for  the  cascaded  filter 
approach  using  fewer  than  4  .satellites  Similarly  the  2.^  siaie 
veK>euy  errors  at  the  ten-minute  point  for  the  one,  two  and  ihicc- 
saiellile  cases  are  1.0.  O  X.  and  0.6  feel  per  second.  Note  the  error 
growth  rale  for  all  Kalman  filters  is  subsiaruially  less  for  the  1 
satellite  ease  \eisu.s  the  zero  satellite  case.  Another  iniere.siing 
case  IS  when  only  occasional  single  GPS  mea.suremeni.s  are 
simulated  by  a  single  measurement  from  each  of  four  satellites,  in 
turn,  at  .”^0  .second  intervals.  It  is  clear  for  all  the  reduced  order 
Kalman  fillers  that  even  i>ccasional  p.scudo-ri’ngc  measurements 
provide  sufficient  information  to  significantly  improve  filler 
performance  iw’er  that  of  the  cascaded  filter  case. 

CONCLI  SIONS  AND  RFXOMMENDATIONS 

It  ’s  clear  that  the  choice  of  avionics  integration  architecture 
can  inherently  enhance,  enable,  or  severely  limit  potential  mission 
eapahiliiies.  This  choice  of  integration  arehiicelure.  can  also 
directly  and  profoundly  affect  performance,  cost  of  integration, 
and  cost  of  ow-nership  The.se  impacts  are  clearly  illustrated  by  the 
GPS/IN’S  cd.sc  study 


The  above  GPS/INS  case  study  demonstraie.s  that  a  significant 
level  of  navigational  performance  improvement  can  be  realized  fo" 
the  case  where  fewer  than  four  satellites  are  ava.lable  by  modifying 
the  standard  GPS  IIIA  receiver  and  MAGR  to  output  pseudo-range 
and  delta-range  data  on  the  MIL  STD  155.^  data  bus  and  by 
incorporating  a  non-ea.scaded  integrated  aircraft  Kalman  filter. 

The  quality  of  error  estimates  improves  significantly  dunng 
any  maneuver  .segments,  be  it  hori/onial  or  vtTUcal.  In  fact  the 
flight  ifajcciory  is  rather  sterile  in  the  sen.se  that  all  maneuvers  are 
perfect.  A  straight  and  level  flight  is  precisely  straight  and  level. 
In  reality  pilots,  and  to  a  lesser  degree  autopili»is.  are  not  physically 
capable  in  flying  these  .segments  as  pcrfectlv  Thus  any  rolling, 
p*  'hing.  yawing,  or  linear  accelerations,  even  reUlivcly  small  in 
magnitude  should  help  the  filter  by  making  the  less  observable 
errors  bccv>me  more  observable. 

.Additional  significant  performance  impiuvemeni  can  be 
realiza^d  by  incorporating  as  many  significant  error  siate.s  into  ihi.s 
single  integrated  Kalman  filter  as  possible  based  on  the  aircraft 
memory  and  the  throughput  constraints. 

For  the  applications  where  the  positk>n.  velocity,  and  aiiiiudc 
accuracy  arc  the  primary  ssslcm  contribui^us  to  weapon-on-taigei 
miss  di.stances.  ihi.s  GP.S/INS  integration  approach  promises  tv> 
significantly  reduce  those  emu  compvincnis  and  provide 
significantly  more  robust  missu-n  capahiliiv. 
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AN  OVERVIEW  OF  OPTICAL  GYROSCOPES  FOR  NAVIGATION 

J.G.  Mark  and  D.A.  Tazartes 
Litton  Guidance  and  Control  Systems  Division 
5500  Canoga  Avenue 
Woodland  Hills.  California  91367  USA 


SUM.MARY 

In  the  1980's,  Ring  Laser  Gyroscopes  (RLG)  displaced  the 
mechanical  (spinning  wheel)  gyroscope  as  the  angular  sensor  of 
choice  for  navigation.  While  the  RLG  remains  the  standard 
navigation  grade  instrument,  several  other  optical  gyroscopes 
have  recently  appe<ired.  The  multioscillator  (or  four-mode 
gyro)  represents  a  new  generation  in  laser  gyroscopes.  Systems 
based  on  this  technology  are  now  being  delivered  for  use  on 
commercial  and  military  aircraft  Another  optical  sensor,  the 
fiber  optic  gyroscope  (FOG)  has  been  incorporated  in  inertial 
measurement  units  (IMU)  and  proved  itself  capable  of  AHRS 
(attitude  and  heading  reference  system)  accuracy.  This  gyro¬ 
scope  should  find  many  applications  in  aided  navigation  sys¬ 
tems.  Integrated  FOG/GPS  systems  appear  attractive  as  low 
cost  navigators.  This  paper  addresses  technology  involved  in 
these  optical  gyroscopes  and  discusses  their  advantages  and  dis¬ 
advantages  in  relation  to  present  and  future  applications. 

LIST  OF  SYMBOLS 


ac 

- 

Alternating  Cunent 

AHRS 

- 

Attitude  and  Heading  Reference  System 

ccw 

- 

Counter-Clockwise 

cw 

- 

Clockwise 

deg 

- 

Degrees 

FOG 

- 

Fiber  Optic  Gyroscope 

GPS 

- 

Global  Positioning  System 

IFOG 

- 

Interferometric  Fiber  Optic  Gyroscope 

IMU 

- 

Inertial  Measurement  Unit 

INS 

- 

Inertial  Navigation  System 
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- 

Left  Circularly  Polarized 
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- 

Nautical  Mile  per  Hour 

RCP 

- 

Right  Circularly  Polarized 

RLG 

- 

Ring  Laser  Gyroscope 

sec 

- 

Second(s) 

1.  INTRODUCTION 

Present-day  optical  gyroscopes  employ  the  Sagnac  effect'  to 
permit  observation  of  rotation  relative  to  inertial  space. 
Sagnac 's  work  dates  back  to  the  early  1900's  in  conjunction 
with  attempts  to  identify  the  "ether.”  However,  the  effect  that 
bears  his  name  and  which  deals  with  the  behavior  of  counter- 
propagating  light  waves  within  a  rotating  cavity  was  later  found 
to  be  rooted  in  general  relativity.  Application  of  this  physical 
phenomenon  to  inertial  sensors  was  not  practical  until  the 
advent  of  the  laser.  In  the  early  1960's,  laser  gyroscopes  were 
demonstrated  for  the  first  time  and  the  interest  in  optical  rotation 
sensors  as  replacements  for  the  mechanical  (spinning  wheel) 
gyroscopes  was  launched.  While  the  earliest  embodiments  of 
the  laser  gyro  exhibited  many  problems,  they  also  offered  prom¬ 
ise  of  improved  reliability,  extremely  high  dynamic  range,  and 
excellent  linearity  at  high  angular  rates.  The  Sagnac  effect  also 
led  to  the  F(X!  which,  when  properly  mechanized,  offers  many 
of  the  same  desirable  properties  with  promise  for  lower  cost.  At 
present,  there  are  two  main  classes  of  optical  gyroscopes.  The 
first  type  makes  use  of  the  Sagnac  effect  in  resonant  cavities. 


It  is  comprised  predominantly  of  several  forms  of  RLGs.  This 
category  includes  the  conventional  two-mode  gyros  as  well  as 
the  multioscillator  devices.  The  second  type  makes  use  of  the 
Sagnac  effect  in  an  interferometer.  The  interferometric  fiber 
optic  gyro  (IFOG)  falls  into  this  category.  The  discussion  will 
focus  on  various  forms  of  RLGs  and  the  IFCXj. 

2.  HISTORICAL  A.ND  MARKET  PERSPECTIVE 
Mechanical  gyroscopes  have  long  been  used  as  rotation  sensors 
for  platform  stabilization  in  guidance  and  navigation  systems. 
While  these  devices  demonstrated  very  good  accuracy,  the  me¬ 
chanical  complexity  associated  with  the  spiiming  gyros  and  the 
stable  platfomi  led  to  compromises  in  reliability,  weight,  band¬ 
width.  and  dynamic  range.  With  the  advent  of  the  laser,  optical 
rotation  sensors  became  a  possibility  and  an  intensive  effort  to 
develop  the  RLG  was  initiated  in  the  early  1960’s.  The  hope 
was  to  develop  a  relatively  simple  instrument  whose  accuracy 
would  meet  or  exceed  that  achievable  with  the  mechanical  gyro¬ 
scopes  of  the  time  but  which  would  also  offer  better  reliability 
and  a  potential  for  reduced  cost.  Another  important  consider¬ 
ation  was  that  the  wide  dynamic  range  achievable  with  an  opti¬ 
cal  gyroscope  would  permit  the  development  of  "strapdown" 
inertial  nav igation  systems  (INS )  wherein  the  complex  mechan¬ 
ical  gimbals  required  to  form  a  stabilized  platform  were  elimi¬ 
nated.  Indeed,  the  RLG  used  in  a  strapdown  configuration  has 
become  the  backbone  of  most  present  commercial  and  military 
navigation  systems.  Presently,  the  next  generation  of  ring  lasers 
is  being  developed  and  introduced  into  aircraft.  New  instru¬ 
ments  include  the  multioscillator  gyros  which  employ  optical 
biasing  to  circumvent  lock-in  effects.  Systems  based  on  these 
gyros  arc  being  delivered  for  use  in  commercial  and  military  air¬ 
craft.  In  addition,  both  the  two-mode  and  multioscillalor  RLG 
systems  have  bencfiited  from  improvements  in  component 
technology  (particularly  in  the  area  of  mirrors).  This  has 
resulted  in  smaller  and  lighter  weight  systems. 

In  parallel  with  RLG  development,  work  was  also  being  done 
in  the  field  of  fiber  optics.  The  FOG  was  made  possible  by 
advances  in  the  areas  of  light  sources,  low  loss  couplers,  polari¬ 
zers.  -id  integrated  optics.  These  components  are  important  to 
the  telecommunications  industry  but  arc  also  essential  to  fiber 
optic  rate  sensors.  FOGs  are  attractive  in  that  long  fiber  lengths 
can  be  used  to  obtain  very  fine  angular  rate  resolution  (the  opti¬ 
cal  paths  in  FOGs  are  measured  in  hundreds  of  meurrs  versus 
path  lengths  of  tens  of  centimeters  for  RLGs).  The  ability  to 
wind  long  lengths  of  fiber  permits  the  construction  of  small 
gyros  with  acceptable  performance. 

The  FOG  was  first  considered  to  be  a  rate  gyro  but  was  later 
shown  to  possess  rate  integrating  characteristics^.  In  the  area  of 
navigation  grade  instruments,  the  RLG  (both  two-mode  and 
multioscillator)  remains  clearly  in  the  lead  at  the  present  time 
although  navigation  grade  FOGs  have  been  demonstrated  and 
arc  included  in  future  inertial  navigation  systems.  On  the  lower 
accuracy  end,  the  FOG  promises  many  advantages,  including  a 
lack  of  moving  parts,  high  angular  rate  resolution,  low  noise, 
low  weight,  cost,  and  power  while  retaining  most  of  the 


desirable  characteristics  of  the  RLG  such  as  dynamic  range  and 
bandwidth.  FCKJ-based  IMUs  have  been  delivered  and  demon¬ 
strated  to  meet  their  performance  goals.  These  IMUs  are  very 
well  suited  to  a  wide  variety  of  applications^''*  including  smart 
munitions,  rate  gyros,  missile  guidance,  and  AHRS,  as  well  as 
embedded  GPS  navigators. 

3.  SAGNAC  EFFECT 

The  Sagnac  effect  deals  with  the  propagation  of  light  in  a  rotat¬ 
ing  reference  system.  Due  to  the  rotation,  the  frame  is  not  iner¬ 
tial  and  a  general  relativistic  analysis  applies.  Interestingly 
enough,  a  classical  treatment  of  the  problem  (as  performed  by 
Sagnac)  yields  the  correct  answer  but  for  the  wrong  reason! 

A  simple  view  of  the  Sagnac  effect  consists  of  the  following. 
Consider  a  closed  path  created  by  a  cavity  or  waveguide  in 
which  counter-propagating  (clockwise  and  counter¬ 
clockwise)  beams  are  propagating.  When  the  system  is  rotating, 
the  effective  optical  path  “seen"  by  the  beam  that  is  traveling 
in  the  same  direction  as  the  rotation  becomes  longer  while  the 
path  "seen"  by  the  beam  traveling  in  the  opposite  direction  be¬ 
comes  shorter.  The  difference  in  path  lengths  is  a  measure  of 
rotation. 

The  Sagnac  effect  may  be  exploited  for  gyroscopic  purposes  in 
one  of  two  different  manners  depending  on  whether  the  sensor 
is  mechanized  as  a  resonator  or  as  an  interferometer^.  In  a  reso¬ 
nator  (such  as  the  various  forms  of  RLGs),  the  clockwise  (cw) 
and  counter-clockwise  (ccw)  beams  form  resonant  modes  in  a 
cavity.  These  modes  can  be  viewed  as  a  fictitious  standing  wave 
pattern  which  exists  in  the  cavity.  The  Sagnac  effect  ensures 
that  the  standing  wave  remains  fixed  in  inertial  space  and  there¬ 
fore  provides  a  reference  for  measuring  rotation.  A  detailed  ex¬ 
planation  of  the  RUj  readout  scheme  appears  in  a  later  section. 

In  the  case  of  an  interferometer,  light  waves  are  launched  in  op¬ 
posite  directions  into  a  cavity  or  waveguide.  Rotation  of  this 
path  causes  an  optical  length  difference  between  the  two 
counter-propagating  beams.  This  equates  to  an  optical  phase 
difference  which  can  be  detected  by  recombining  the  two  beams 
as  they  exit  the  path.  The  interference  phase  observed  is  a  mea¬ 
sure  of  rotation. 

4.  RING  LASER  GYRO  OPERATION 

The  RLG  has  undergone  considerable  development  over  the 
past  two  decades.  The  two-mode  RLG  is  the  most  common  op¬ 
tical  inertial  sensor  while  multioscillator  gyros  are  showing 
much  promise  for  the  next  generation  of  navigation  systems. 
The  following  describes  the  principles  of  operation  of  these  two 
optical  gyroscopes.  Many  of  the  topics  discussed  apply  to  both 
forms  of  ring  lasers. 

4.1  Two-Mode  Gyros 

The  first,  and  still  most  prevalent,  ring  laser  gyros*’’  are  two¬ 
mode  resonators  which  support  one  cw  and  one  ccw  mode  (the 
distinction  between  two-mode  and  multioscillator  RLGs  will 
become  apparent  later).  A  resonant  cavity  is  formed  with  a 
block  of  glass  possessing  three  or  more  sides  and  with  very 
high-quality  mirrors  on  each  comer  to  close  the  cavity.  Bores 
in  the  glass  permit  laser  beams  to  propagate.  The  bores  are  also 
filled  with  a  gas  mixture  (generally  Helium-Neon)  which 
serves  as  a  gain  medium.  One  or  more  cathodes  and  one  or  more 
anodes  are  used  to  support  an  electric  discharge  in  the  gas.  This 
serves  as  the  pump  for  the  laser  which  then  resides  within  the 
resonant  cavity.  The  RLG  is.  therefore,  an  active  resonator. 


At  leastone  of  the  mirror  faces  is  partially  transmissive  to  permit 
observation  of  the  laser  beams.  Combining  optics,  typically  in 
the  form  of  a  prism,  are  used  to  coherently  recombine  (hetero¬ 
dyne)  the  cw  and  ccw  beams  in  order  to  permit  the  observation 
of  the  interference  and  hence  the  standing  wave  pattern  (also 
referred  to  as  interference  fringes)  created  by  the  counter- 
propagating  modes.  Detectors  are  used  to  measure  the  mtensity 
of  the  interference  fringes. 

As  discussed  in  the  previous  section,  the  Sagnac  effect  renders 
the  standing  w  ave  pattern  stationary  in  inertial  space.  When  the 
gyro  is  rotated,  it  is  the  body  which  rotates  relative  to  the  stand¬ 
ing  wave.  Measurements  of  angular  rotation  are  performed  by 
observing  thechanges  in  the  detected  heterodyned  outputs.  The 
operation  of  the  RLG  is  best  illustrated  in  Figure  1  which  depicts 
a  fictitious  circular  RLG.  In  this  figure,  a  virtual  standing  wave 
pattern  is  created  by  the  two  counter-propagating  waves.  When 
the  gyro  is  rotated,  the  detector  moves  with  respect  to  the  inter¬ 
ference  pattern  and  dark  and  light  areas  will  alternate.  Each 
dark/light  cycle  represents  one  half  wavelength  of  the  laser 
beam  along  the  circumference  of  the  paJi.  The  number  of  dark/ 
light  transitions  can  therefore  be  geometrically  related  to  the 
angle  of  rotation  as  indicated  in  Figure  1 .  By  counting  the  num¬ 
ber  of  fringes  traversed,  a  measure  of  the  total  rotation  angle  is 
obtained.  The  scale  factor  of  the  instrument  is  based  on  purely 
geometrical  relationships  as  given  in  Figure  1  for  the  "circular" 
RLG.  A  similar  analysis  can  be  made  for  any  polygonal  gyro. 
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Figure  1.  Circular  Ring  Laser  Gyro  (RLG) 


The  scale  factor  remains  geometrical,  involving  the  ratio  of 
enclosed  area  to  path  length  according  to  the  following 
expression; 
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4.1.1  RLG  Quality 

The  RLG  makes  use  of  the  laser  within  the  cavity  to  provide  the 
signals  which  create  the  standing  wave  pattern  and  hence  the 
measurement  capability.  As  is  well  known,  the  laser  is  based  on 
stimulated  emission  of  photons.  However,  the  gas  medium 
which  supplies  the  gain  for  the  laser  also  occasionally  emits 
photons  which  are  unrelated  to  the  laser  signal.  This  is  known 
as  spontaneous  emission  and  leads  to  noise  and  random  walk  in 
the  RLG  angle  output.  Spontaneous  emission  is  described  sta¬ 
tistically  through  quantum  mechanics  and  cannot  be  eluninated. 
However,  in  order  to  reduce  its  impact  on  gyro  performance,  it 
is  important  to  maximize  the  active  signal.  This  is  accomplished 
by  designing  a  gyro  with  high  gain  and  low  loss  which  results 
in  a  high  “fmesse"  (analogous  to  Q  in  a  resonator). 

For  the  reason  discussed  above,  it  is  exceedingly  important  to 
incorporate  extremely  high-quality  mirrors  into  the  RLG.  Low- 
loss  is  required  to  minimize  the  impact  of  spontaneous  emission 
and  hence  reduce  the  "quantum  limit"  which  is  a  mea,surc  of  the 
best  noise  p-.-formance  (and  hence  angle  random  walk)  achiev¬ 
able  with  the  gyro.  For  reasons  to  be  discussed  later,  it  is  also 
essential  to  minimize  the  backscatter  generated  by  the  mirrors. 


4.1.2  Technical  Challenges  in  Two-Mode  RlXis 
The  most  severe  problem  encountered  in  the  RLG  is  that  of 
lock-in.  At  low  rotation  rates,  it  was  observed  that  no  fringe  dis¬ 
placement  was  obtained.  That  Ls.  the  RLG  was  apparently  in¬ 
sensitive  to  low  rates.  This  is  illustrated  in  the  output  versus 
input  curve  shown  in  Figure  2,  The  cause  of  the  lock-in  phe¬ 
nomenon  is  backscatter  within  the  cavity,  usually  resulting  from 
imperfections  or  particulates  on  the  mirror  surfaces.  At  low 
rates,  the  two  counter-propagating  beams  in  the  resonator  arc 
very  close  in  frequency  because  their  optical  pathlcngths  are 
nearly  equal.  Coupling  of  one  beam  into  the  other  (which  results 
from  backscatter)  causes  the  two  modes  to  "lock"  together 
thereby  making  the  gyro  insensitive  to  the  actual  rate.  In  the 
schematic  representation  of  the  RLG  given  in  Figure  1.  back¬ 
scatter  amounts  to  friction  between  the  standing  wave  pattern 
and  the  cavity.  When  the  gyro  is  rotated  at  low  rates,  the  stand¬ 
ing  wave  pattern  "sticks"  to  the  cavity  instead  of  remaining 
fixed  in  inertial  space.  The  detector  therefore  does  not  observe 
any  shift  in  the  interference  fringes  and  the  gyro  docs  not  regis¬ 
ter  the  rotation.  At  high  rates,  the  “friction"  is  overcome  and  the 
gyro  is  capable  of  measuring  rate. 

4.U  Lockr-in  Circumvention 

In  a  two-  mode  RLG,  the  method  of  overcoming  lock-in  con¬ 
sists  of  mechanically  biasing  the  gyro  to  the  point  where  lock-in 
becomes  negligible.  The  conventional  means  for  accomplish¬ 
ing  this  is  the  use  of  dither  wherein  a  large  amplitude  sinusoidal 
excitation  is  applied  to  the  gyro  body.  The  angular  rate  corre¬ 
sponding  to  this  motion  typically  is  on  the  order  of  100  dcg/scc. 
The  output  of  the  gyro  must  then  be  compensated  for  the  dither 


Figure  2.  TWo-Mode  RLG  Input'Output  (No  Dither) 


motion  sotliat  the  true  rotation  of  the  vehicle  can  be  determined. 
There  arc  many  effective  techniques  for  accomplishing  this 
compensation. 

One  additional  drawback  of  diL'icr  is  increased  random  walk  as 
well  as  mechanical  problems  described  below.  As  the  sinusoi¬ 
dal  motion  crosses  through  zero  velocity,  a  small  lock-in  error 
u.sually  occurs.  Since  the  gyro  reverses  direction  twice  per 
dither  cycle,  a  random  accumulation  of  these  errors  occurs 
thereby  leading  to  random  walk.  The  random  walk  coefficient 
improves  with  the  square  root  of  dither  rate  but  is  usually  the 
dominant  source  of  random  walk  in  a  dithered  RLG. 

An  alternative  method  (which  avoids  the  random  walk  problem) 
of  biasing  the  RLG  makes  use  of  large  angle  rotation  usuig  a 
turntable.  An  angular  encoder  provides  the  relative  angle 
between  the  instrument  cluster  and  its  base.  This  technique  is 
referred  to  as  rate  biasing.  Rate  biased  systems  w  ith  small  path 
length  RLGs  have  been  delivered  for  missile  applications  and 
excellent  accuracy  dcmonsu-aled.  Nonetheless,  because  of  the 
mechanical  complexity  involved  in  rate  biased  systems,  these 
remain  much  less  prevalent. 

4.1.4  Mechanical  Design 

As  mentioned  above,  most  RLG  systems  today  -;mploy  dither 
as  lock-in  circumvention.  Unfortunately,  dither  places  serious 
constraints  on  the  mechanical  design  of  the  system.  In  order  to 
achieve  the  high  dither  rates  required,  high  frequency  (typically 
several  hundred  Hz),  high  Q  mechanical  flexures  are  used.  Loss 
of  dither  energy  to  the  outside  world  is  deuimcntal  in  terms  of 
achieving  the  appropriate  motion.  In  addition,  coupling  of 
dither  motion  to  mounting  structures  may  have  undesirable 
effects  such  as  acoustic  noise.  Thus,  hard-mounted  dithered 
systems  arc  generally  not  practical.  A  relatively  low  frequency 
suspension  is  usually  used  to  isolate  the  sensor  assembly  from 
the  outside  world. 

Another  important  consideration  in  the  mechanical  design  is 
that  coupling  of  dither  torques  between  the  three  axes  of  the 
ircstrument  block  can  lead  to  coning  motion  of  the  entire 
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usembly.  This  leads  to  apparent  gyro  bias  errors  in  the  naviga¬ 
tion  solution. 

The  mechanical  design  of  a  sensor  assembly  for  dithered  RLGs 
is  therefore  extremely  critical  and  must  be  approached  w  .n  con¬ 
siderable  care.  While  state-of-the-art  dither  controllers  tend  to 
mitigate  the  problems  due  to  non-ideal  mechanical  behavior,  it 
must  be  highlighted  that  the  mechanical  aspect  of  dithered  sys¬ 
tems  remains  a  very  real  and  relevant  challenge. 

4.1.5  Cavity  Length  Control 

The  RLG  opaates  as  a  resonant  cavity.  However,  the  gas  mix¬ 
ture  which  supplies  the  pump  for  the  laser  exhibits  a  well- 
defined  gain  curve.  Certain  ranges  of  optical  frequencies  (or 
equivalent  wavelengths)  excite  the  stimulated  emission  and 
result  in  lasing  action.  In  order  to  ensure  proper  operation  of  the 
gyro,  it  is  essential  that  the  cavity  be  tuned  to  the  proper  resonant 
frequency.  That  is.  the  length  of  the  cavity  must  be  an  integral 
number  of  the  propci  wavelength.  For  the  Helium-Neon  gas 
mixture  normally  used,  this  wavelength  is  on  the  order  of 
630  nanometers.  It  is  obviously  impossible  to  mechanically  es¬ 
tablish  a  cavity  whose  length  is  accurate  to  a  small  fraction  of 
this  value  by  design!  Furthermore,  the  themial  expansion  or 
contraction  of  the  glass  used  for  the  cavity  will  cause  the  length 
to  vary  as  a  function  of  temperature.  The  solution  to  this  prob¬ 
lem  is  the  use  of  an  active  scheme  m  which  the  total  laser  inten¬ 
sity  is  monitored  and  the  mirror  positions  adjusted  to  maximize 
this  intensity.  The  mirror  motion  is  created  by  piezo-electric 
transducers  which  causes  minute  displacements  of  the  muror 
faces.  Nonetheless,  because  the  excursion  afforded  by  the  mir¬ 
ror  transducers  is  very  small  itypically  only  a  few  wavelengths). 
It  IS  essential  that  the  cavity  be  made  of  a  low  e.xpansion  glass 
so  that  the  mirror  travel  is  sufficient  to  compensate  for  expan¬ 
sion  over  the  entire  temperature  range.  If  this  is  not  the  case, 
then  "mode  hops"  must  be  performed  wherein  the  path  length 
of  the  gyro  is  quickly  changed  by  one  wavelength  to  establish 
a  new  control  point.  Unfortunately,  a  mode  hop  causes  a  loss  or 
a  corruption  of  data  during  the  time  it  is  ocrurring.  Frequent 
mode  h.ips  or  mode  hops  during  high  dynamics  are  tlierefore  to 
be  avoided. 


4.1.6  Catn  Medium 

A  gas  mixture  w  ithin  die  cavity  suppiu-s  gam  for  the  laser.  Ths- 
designofthe  RLCicaviiy  should  be  such  that  gas  fiow  withmtlie 
gain  bores  remains  balanced.  A  net  flow  around  tiie  cavity 
causes  gyro  bias  and  can  tv  a  dominant  er-  n  source  in  any  KL.Ci. 
The  gain  nnxlium  is  also  a  consideration  m  'he  instrument  life¬ 
time,  In  very  small  KLfls  well  unfavorable  volume  to  surface- 
ratios,  Heiiuni  jvrmeahility  can  compromise  lifetime. 

4. 1 .7  RLG  Error  Moiiels  and  Scaling  Laws 

The  performance  of  a  RLG  depends  very  heavily  on  its  si.-e 
The  parameters  used  to  describe  gyro  performance  include  tlie 
random  walk  coefTicient,  bias  stability,  resolution  (also  known 
as  quantization),  and  scale  factor  stability.  Because  the  sensiliv 
ity  of  the  gyro  is  determined  by  the  ratio  of  its  area  to  its  path 
length,  it  follows  that  all  else  being  equal,  the  perfomiance 
should  improve  at  least  linearly  with  pathlength.  However, 
most  of  the  parame'ers  are  actually  much  higher-order  fiinc 
tions  of  length.  The  following  scaling  laws  are  provided  as 
guidelines.  Because  of  the  interaction  between  many  elements 
in  the  gyro  design,  these  laws  may  not  be  perfectly  accurate  but 
they  do  illustrate  the  concept  "a  little  pathlength  goes  a  long 
way." 
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Reference  6  provides  a  more  detailed  discussion  of  error 
sources  and  mechanisms.  It  is  noted  that  m  the  above  expres¬ 
sions,  the  quajii>  of  the  components  which  form  the  RLG  are  as¬ 
sumed  to  be  mdependen:  of  the  pathlength.  Thus,  reducing  the 
size  of  the  RLG  may  not  significantly  reduce  its  cost  since  high 
quality  components  (minors  in  particular)  are  still  required.  In 
effect,  quafiy  becon-cs  more  critical  as  pathlength  is  reduced. 

In  addition  to  the  staling  of  the  gyro  parameters  themselves, 
other  performance  considerations  apply  to  the  mechanical  de¬ 
sign  of  the  gyro  and  its  mounting  structure.  For  example,  ran 
dom  walk  in  a  dithered  gyro  improves  with  the  square  root  of  the 
dither  amplitude.  However,  as  discussed  earlier,  mechanical 
cross-coupling  between  gyros  can  cause  coning  motion  which 
appears  as  a  navigation  g>TO  bias.  The  coning  error  is  proper 
tional  to  the  square  of  the  dither  amplitude.  Thus,  w-hilc  it  may 
be  possible  to  improve  random  walk  by  raising  dither  ampli¬ 
tudes.  the  penalty  incurred  is  a  coning  rate  which  mcTcases  rap¬ 
idly  with  amplitude. 


4.1.S  Vibratitm  ScnsiUvity 

While  the  RLO  itself  is  insensitive  to  vibration.  iLs  mechanical 
configuration  ma\  lead  to  dynamic  errors  when  it  is  u.sed  for 
navigation.  For  example,  if  the  RLG  flexure  (which  permit.s 
dither)  exhibits  any  cross-axis  compliance,  then  tiie  set  of  three 
gyros  in  an  inertial  system  no  longer  forms  a  rigid  body  and 
large  navigation  errors  may  resuU  during  vibration.  This  is  adif- 
liculi  problem  because  the  flexure  must  he  compliant  (wnh  a 
very  high  Q)  one  axis  while  remaining  extremely  stiff 
about  the  other  two  perpendicular  avns.  A  similar  problem  isen 
countered  ii  the  pickoff  employed  to  measure  the  rciaiive  re; : 
lion  of  he  RLG  irvimo  u  uh  respect  'o  its  case  exhibiLs  an\  sensi- 
iiv  u>  to  accclerdij-'n. 


4.I.V  Suiie  ihc  RLG 

Tile  two  -mode  RLG  rcprcsenis  a  mature  rutatuin  sen.vor.  w  hich 
in  rcavfjnahle  si/cn.  offers  g<K>d  bia.s  stabilitv,  sealc  I.iClor  accu 
ra».y,  iow  random  vAjIk.  and  exiremelv  h  ..  dynamic  range 
RLGs  with  pathlength  the  order  uf  centimeters  nnw  form 
the  Hums  for  most  moitern.  1  -  nautical  mile  per  iiour  nav  ig  uorv 
ill  the  mihlarx  and  c(>mmer>.ial  marke's  The  iwn-miHie  RLG 
IS  cv  olving  w  iiii  reduced  si/e  dw  •  ices  rik^w  made  possible  hv  im 
proved  comptincnls  auAj  nc  .v  error  compensation  techniques 
Ciyros  widi  paihlengih-s  oj  U)  20  centimeters  now  otfer  per¬ 
formance  comparable  to  ihai  vM  eariiOT  3(>-cm  gvros. 


4.2  .MuIlioscillalDr  G\ ro!s 

While  the  Iwo-modc  RLG  was  dcvelupcd  into  an  accurate  d*' 
vice  for  measuring  rotation,  its  need  for  mcchaiiical  biasing 
(i.c..  dither  or  rate  bitts)  has  Ix'cn  problematic  from  a  practical 
-Standpoint  as  well  a.s  an  acsdiciic  one.  Duller  has  now  been  per¬ 
fected  but  early  on  it  prov^^d  to  be  a  major  problem  area  m  terms 
of  gyro  pcrf(3rniance.  Even  at  this  lime,  dither  impvises  severe 
consirunis  on  the  mcchan.-al  designs  of  RLG  systems  and 


causes  increased  noise,  ranoom  walk,  and  physical  motion  of 
the  sensor  assembly.  From  an  aesiheiic  stand]X)ini,  dither  and 
rate  bias  are  unattractive  because  they  umply  insUurncnts  wuh 
moving  parts  which  are  not  truly  strapped  down  to  the  vehicle. 
For  these  reasons,  means  of  optically  biasing  RLGs  have  been 
aiit*mpied  since  the  early  days  of  RLG  research.  This  has  led  to 
the  class  of  RLGs  known  as  muliioscillators.  These  gVTos  are 
currently  being  delivered  for  use  in  commercial  iransjioris  and 
military  aircraft.  They  offer  advantages  w  hich  include  very  low 
noise,  are  truly  “strapped  down."  and  may  be  used  as  very  wide 
bandwidth,  sery  high  resolution  angle  scnf  .g  devices.  The\ 
has  e  no  mov  ing  pari.s  and  generate  no  acoustic  noise.  A  descnp 
lion  of  theiT  operation  follows. 

4.2.1  Operation  of  the  MuUioscillalor  RLG 
As  discussed  earlier,  the  tw\>-mode  RLG  is  a  resonant  cavity 
which  supports  a  standing  wave  paliem.  Two-niOile  RLGs  are 
planar  by  design  so  that  only  linearly  p^^lari/cd  nuxles  may  be 
re.sonani  in  'he  cavity.  Furthennore.  in  order  toen.siire  stable  op 
eraiion,  one  of  the  two  pc»lari/alions  is  suppressed.  In  a  multi 
oscillator  gyro,  both  polarizations  are  used  to  form  a  left-hand 
circularly  px>lanzed  (LCP^  mode  and  a  right-hand  circulx'lv  \\^ 
larized  fRCP'  mode  wnich  coexist  within  lire  cavitv  In  the 
muUioscillaior  devices,  these  two  modes  are  split  apart  in  ire- 
quency  In  effect,  this  corTesj>onds  to  having  two  g>ro\  astive 
within  the  same  resonator.  Separatr  ti  ot  the  LCP  and  RCP 
mt^des  IS  accomplished  by  makmg  their  optical  paih>  ddicreni 
This  can  he  done  with  an  optically  active  cr>Ntal  in  the  'f»carn 
path  which  rotates  polarization  stales  and  ctjn.'.c^jueir.ly 
iniroduce.s  a  differcnual  phase  between  the  LCP  and  RCP 
waves''.  A  more  attract' alicmaiive  makes  u>e  of  imago  rota¬ 
tion'*  When  a  set ol  mirrors  aeaics  abeam  paiii  which  vloesmti 
Uc  \n  a  plane,  an  image  rvHates  m  space  as  \\  is  Ter.cvicd  aiound 
the  path.  A  net  rotation  may  be  obtained  through  acomplcte  cir¬ 
cuit.  The  image  rotation  al.so  leads  to  a  •olari/ation  rotation 
which  splii.s  the  RCP  mode  from  the  LCPmcxic  The  advantage 
of  the  image  rotation  mechanization  is  that  udoes  not  require  an 
additional  element  to  be  present  in  the  beam  patli  thereby  avoid¬ 
ing  scatter  and  loss. 

Once  the  LCP  and  RCP  rnixles  are  vplu  '.hc>  may  be  treated  as 
two  separate  gyros  each  p».)s.sessing  clockwise  and  counter¬ 
clockwise  beams  As  such,  lock-in  may  (xcur  on  each  ot  the 
gyros  thereby  precluding  rate  measuremenis.  In  order  to  avoid 
this,  a  magneto-vmiical  ^ffecl  is  used  to  bias  the  cw  beam  away 
from  the  ccw  be  n.  Tl  is  is  generally  accomplished  with  a 
doped  glass  element  m  Uie  beam  path  which,  w  hen  subjected  to 
a  magnetic  field,  causes  adiftercniial  phase  shift  between  ihccw 
and  a.  w  beams.  Furthermore,  the  shift  is  in  opposite  directions 
for  the  LCP  and  RCP  modes.  The  phenomenon  responsible  for 
the  circular  polan/aiion  Jepcndcni  phase  shift  is  known  as  the 
Faraday  effect  and  the  g.ass  clement  re.  c  msiblc  for  its  occur 
fence  is  known  as  a  Faraday  rotator.  The  frequency  splitting  in 
an  out  of  plane  muliios  illaior  g>TO  is  illustrated  in  Figure  3. 

Thc  muUioscillator  gyro  measures  rate  in  much  the  .same  way 
a.s  two  independent  gyros  (one  LCP  and  one  RCP)  However, 
because  of  the  built-in  split  between  the  cw  and  ccw  modes, 
each  gyro  appears  to  be  biased  to  a  large  rate  (the  Faraday  bias) 
thereby  avoiding  lock-in.  As  illustrated  m  Figure  4.  when  true 
rotation  rate  is  applied  to  the  mullioscillaior.  the  rate  sensed  by 
one  of  the  two  gyiv/s  (LCP  in  Figure  4)  increases  while  the  rate 
sensed  by  the  o*her  gyro  (RCP  in  Figure  4)  dcacxscs.  By  sub¬ 
tracting  the  outputs  of  the  two  gyros,  it  is  possible  to  cancel  the 
Faraday  bias  while  doubling  the  true  angular  rate  measurement. 
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Figure  3.  Mode  Splitting  tn  a  Multioscitlator  RLG 
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Figure  4.  Effect  of  Rate  on  Muttlosciliator  RLG 


Thus,  the  rale  scn--;iiviiy  (scale  factor)  of  the  muUioscilIaU'r 
is  essentially  double  iliai  of  a  conventional  iwo-nuxie  gvro  ol 
ih..  same  size  but  still  determined  by  the  geometrical  ratio  of 
projected  area  to  pathlengih. 


4^^  Technical  Challenges  in  MuUioscillalor  Gyros 
While  ihe  most  significant  problem  associated  with  two-mode 
g>Tos  (i.e.,  lock-in)  is  avoided  in  multioscillators,  other  prob¬ 
lems  arise  because  of  the  optical  configuration.  The  Faraday 
split  which  IS  employed  to  separate  the  cw  and  ccw  modes 
requires  that  a  glass  element  be  present  in  the  beam  path.  Inter¬ 
action  between  scatter  sources  on  the  surfaces  of  the  Faraday 
rotator  and  the  mirrors  causes  mode  coupling  which  in  turn, 
leads  to  gyro  bias.  However,  by  minuniung  the  amount  of  scat¬ 
ter  through  the  use  of  state-of-the-art  mirrors  and  rotator  coat¬ 
ings  and  by  employing  designs  which  minimize  sensitivity  to 
scatter,  the  bias  stability  difficulties  can  be  mitigated. 

4.2J  Advantages  of  the  MullioscUiator  Gyro 
While  the  strong  point  of  the  two-mode  RLG  has  always  been 
its  bias  stability,  the  multioscillator  gyro  presents  many  advan¬ 
tages.  Elimination  of  mechanical  biasing  requirements  for 
lock-in  circumvention  make  this  gyro  exceptionally  w  ell  suited 
for  low  noise,  mulufur. .lion  tflighi  control)  applications.  The 
elimination  of  dither  leads  to  a  random  w  alk  w  hich  approaches 
the  quantum  limit.  The  scale  factor  stability  is  exceptionally 
good  due  to  the  absence  of  residual  scatter-induced  lock-in 
effects  present  in  dithered  gyros.  The  doubling  of  the  scale  fac¬ 
tor  ensures  that  smaller  instruments  can  he  used,  and  the  lack  of 
dither-induced  mechanical  noi;»e  implies  superior  angle  mea¬ 
surement  and  flight  control  capabilities.  The  mechanical  de¬ 
signs  are  simplified  due  to  the  absence  of  high  frequency, 
high  -Q  dither  nexurcs.  In  addition,  since  the  multioscillator  is 
a  due  strapdow  n  sen.sor.  it  may  be  used  for  accurate  pointing  and 
tracking  applicauons  as  well  as  for  navigation  purposes. 


4.2.4  Sttrhanical  Design 

As  in  the  two- mode  RLCi.  the  gyro  itself  does  not  exhibit  vibra 
tion  or  g  sensitiv  ity  A  ssiund  mechanical  design  is  still  required 
to  avoid  reciification  of  errors  in  tb.e  nav  igation  frame.  How . 
ever,  the  restrictioas  incurred  because  of  meGi.cnical  bia.Miig  m 
a  two  mode  RLG  are  eliminated  in  reg.irds  t.>  ihe  multiosciila 
tor  Vy  hiie  cross-aXis  comt'liance  must  still  be  miiumi/et.!,  tliete 
IS  no  siiiiuhaneous  nee-i  tor  a  built  -in  -.I'nipii.irice  alvul  oniv 


one  axis.  High  frequency,  dither-induced  coning  is  also  elimi¬ 
nated  and  the  absence  of  dither  implies  that  somewhat  higher 
frequency  isolators  may  be  used. 

4.2.5  Cavity  Length  Control 

As  in  the  case  of  the  two-mode  RLG.  the  multioscillator  gyro 
cavity  length  must  be  controlled  to  ensure  resonant  operation 
within  the  gain  curve  provided  by  the  gaseous  medium.  In  addi¬ 
tion,  It  IS  important  that  the  LCP  and  RCP  intensities  be  bal¬ 
anced  to  ensure  common  mode  cancellation  of  errors  w  hen  the 
output  of  the  two  gyros  are  subtracted.  Cavity  length  control 
may  be  accomplished  m  several  different  ways.  One  method 
similar  to  that  used  in  two-mode  RLGs  involves  maxunizing 
total  intensity  while  others  auempt  to  control  the  difference 
between  the  LCP  and  RCP  intensities. 

4.2.6  State  of  the  Multioscillator  RLG 

While  the  multioscillator  gyro  has  been  under  development  for 
the  past  two  decades,  activity  has  been  inlcnsificd  in  the  past 
five  years.  Technology  has  progressed  rapidly  to  the  pomt 
where  n.iv  igation  gr.ide  instruments  with  pathlengihs  on  the 
order  of  2l)  cm  have  now  been  produced  and  delivered.  Devel¬ 
opment  continues  on  the  multioscillator  to  further  enhance  bias 
stability  and  oilier  key  performance  parameters.  .As  in  the  case 
of  the  two-mode  RLG,  pathlength  and  cumjionent  quality  ate 
essential  to  petfiirmance.  The  nuiltioscillator's  many  benefits 
make  it  very  attr.ictive  for  present  and  future  systems. 

S.  HI5KR  OPTIC  (iVRO 

The  secondcategory  of  optical  gyros  vliscussed  is  that  of  Sagnac 
interleronieters.  The  most  v  lable  lorm  of  the  liber  optic  gyrob* 
I  FOG)  falls  within  this  category. 

5. 1  Principle  of  Operation 

The  mterferometric  liber  optic  gyro  'IFOGi  is  basicallv  com 
pose.)  of  a  light  source,  a  coupler,  a  fiber  coil,  and  a  detector 
Figure  ,5  shows  a  generic  configuration  lor  an  IFDG  Light  is 
laLinciied  trom  a  couice  and  coupled,  through  a  fiivr  optic  coil 
in  botii  tile- cW  .i;„Iccw  directions  Beca.ise  of  the  Sagn.ic  effect. 
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Figure  5.  Interferometric  Fiber  Optic  Gyro  (IFOG) 


ihe  optical  paths  seen  by  the  two  beams  differ  in  proportion  to 
the  rate  applied  to  the  gyro.  Upon  recombination,  the  two  beams 
interfere  and  the  intensity  detected  is  a  function  of  the  phase  dif¬ 
ference  and  hence  the  rate  of  the  gyro.  It  is  shown,  in  Refer¬ 
ence  3,  that  the  phase  difference  is,  in  fact,  proportional  to  the 
angle  traversed  during  one  transit  time  of  light  through  the  fiber 
coil  and  not  the  instantaneous  rate  as  is  commonly  believed. 
Thus,  the  FOG'S  output  characteristic  is  that  of  a  rate  integrating 
gyro  with  a  very  short  memory  as  opposed  to  an  RLG  w  hich  is 
rate  integrating  over  an  indefinite  pericxl  of  time 

S.I.l  Fiber  Optic  Gyro  Modulation 

The  interferometric  architecture  of  the  FOG  implies  that  sensi 

tivity  is  poor  at  low  rates.  This  is  illustrated  in  Figure  6  which 


shows  detected  intensity  as  a  function  of  rate  input.  In  order  to 
obtain  good  rale  sensitivity,  it  is  necessarv  to  modulate  the  F(Xj 
to  phase  shifts  which  are  txld  multiples  of  l/27t.  In  early  FCXjs, 
tliis  was  accomplished  by  winding  the  fiber  on  a  pie/o-electnc 
mandrel.  An  excitation  was  applied  leading  to  a  modulation  of 
the  light  m  the  fiber.  The  development  of  integrated  optics  per¬ 
mits  the  replacement  of  the  pie/o-eleciric  mandrel  with  an 
elccuo-optic  modulator  witlun  the  beam  path  as  shown  in  Fig¬ 
ure  7.  Light  passing  tlirough  ilie  nuxiulalor  is  phase  shifted  m 
proportion  to  the  voltage  applied.  However,  tlie  modulator  is 
not  selective  as  to  direction  of  beam  uavel.  Differential  phase 
shifts  between  the  cw  anjeew  beams  are  sustained  for  only  one 
transit  time  of  light  tlirough  the  coil.  Thus,  modulation  must  be 
applied  every  transit  tune.  A  detailed  discussion  of  FCXj  modu¬ 
lation  may  be  found  in  Reference  5 
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Figure  6.  Detected  Intensity  vs  Interferometer  Phase 
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Figure?.  IFOG  with  Phase  Modulator 
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Modulation  may  take  the  foim  of  a  sinusoidal  waveform.  How¬ 
ever,  state-of-the-art  devices  often  employ  complex  digital 
modulation  to  achieve  maximum  sensitivity  and  to  avoid  prob¬ 
lems  with  distortion. 

5.1.2  Closed  Loop  Fiber  Optic  Gyro  Operation 

Gyro  modulation  improves  sensitivity  at  low  rates.  However, 
high  rate  nonlinearity,  intensity  variation,  pholodetector  sensi¬ 
tivity.  preamp  gain,  and  background  intensity  all  contaminate 
the  open  loop  output  of  the  FOG.  For  this  reason,  it  is  important 
for  higher  accuracy  and  greater  dynamic  range  to  operate  the 
FOG  in  a  closed  loop  fashion".  This  may  be  accomplished 
through  the  use  of  the  same  electro-optic  device  which  supplies 
the  phase  modulation.  Because  a  rate  in  the  gyro  appears  as  a 
interferometer  phase  shift,  it  may  be  nulled  out  by  applying  a 
phase  rebalance  (in  addition  to  the  modulation)  with  the  modu¬ 
lator.  However,  the  fact  that  the  modulator  can  produce  a  differ¬ 
ential  phase  shift  between  the  cw  and  ccw  beams  only  for  a 
single  transit  time  introduces  a  complication,  because  a  given 
angular  rate  causes  3  persistent  phase  shift  between  the  beams. 
Thus,  in  order  to  null  out  the  rate  induced  shi  ft  w  ith  a  phase  mod¬ 
ulator.  it  is  necessary  to  increase  the  phase  applied  at  least  every 
transit  time.  Since  available  voltages  are  bounded,  the  phase 
cannot  increase  indefinitely.  A  periodic  "reset”  is  required  to 
maintain  the  voltage  supplied  to  the  phase  modulator  within 
prescribed  limits.  The  magnitude  of  this  reset  must  be  exactly 
27t  of  phase  to  ensure  that  the  gyro  is  not  perturbed.  A  block  dia¬ 
gram  of  a  typical  closed  loop  FOG  mechanization  is  given  in 
Figure  8.  As  in  the  case  of  modulation,  a  digital  implemcnution 
of  the  rate  rebalance  loop  is  attractive  because  it  permits  more 
precise  control,  tracking,  and  mtegration  of  the  rale  rebalance 
signal.  A  more  detailed  discussion  of  the  closed  loop  FCXi  may¬ 
be  found  in  Reference  5. 

5.U  Phase  Modulator  Scale  Factor  Tracking 
The  above  discussion  of  the  FOG  describes  the  modulation  and 
rebalance  techniques.  However,  knowledge  of  the  conversion 
between  voltage  applied  to  the  electro-optic  device  and  tlic  ac¬ 
tual  phase  shift  generated  is  assumed.  Modulation  amplitudes 
equal  to  odd  multiples  of  l/2n  and  rebalance  Uxip  resets  of  2n 
must  be  established.  An  error  in  the  scale  factor  which  relates 
phase  to  voltage  may  be  observed  by  comparing  the  intensities 
measured  in  the  course  of±l/2Tt  modulauon  against  the  intensi¬ 
ties  obtained  during  ±l  -l/2it  modulation.  A  loop  which  mea¬ 
sures  the  difference  in  intensities  may  be  mecharuzed  to  control 
the  voltage  which  corresponds  to  2it. 

5.2  Polarization  Nonreclprocily 

Many  phase  shifts  in  a  FOG  are  reciprocal.  This  means  that  the 
shift  experienced  by  the  cw  wave  is  the  same  as  that  experienced 
by  the  ccw  wave  and  no  differential  phase  is  observable  to  con¬ 
taminate  the  rate  information.  One  error  source  which  may  be 
nonreciprocal  is  the  coupling  of  different  polarizations  wiUiin 
the  fiber/coupler  circuit.  This  error  often  leads  to  an  unmodcl 
able  uncertainty  in  the  gyro  bias  and  limits  pcrfomiance.  Polar¬ 
ization  nonreciprociiy  may  be  minimized  through  the  use  of 
high  quality  polarizers,  short  coherence  length  sources,  and  po¬ 
larization  maintaining  fiber  and/or  depolarizers. 

5.3  Vibration/Thermal  Sensitivity 

The  index  of  refraction  and  the  physical  length  of  the  FOG  coil 
are  affected  by  temperature  and  pressure.  Differing  conditions 
as  a  function  of  time  as  light  propagates  through  tiie  coil  can  lead 
to  a  rale  error  known  as  the  .Shupe  effect.  Typical  conditions 
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Figure  8.  Closed-Loop  IFOG  Operation 


which  excite  this  phenomenon  include  a  changing  temperature- 
gradient  or  an  inhomogeneous  optica]  path  subjected  to  varying 
temperature,  or  time  varying  stress  resulting  from  a  vibration 
input.  Themial  Shupe  effects  lead  to  a  gyro  bias  w  hich  is  a  func¬ 
tion  of  temperature  and  gradient  changes  while  mechanical 
Stn-pe  converts  ac  translational  vibration  into  an  erroneous  ac 
rate  Both  of  these  effects  may  be  reduce.; uuugh  coil  winding 
methods  which  favor  cancellation  of  ,S:...;>c  errors.  Thermal 
modeling  leclmiques  which  account  for  temperature  changes 
may  be  usco  :  ..rther  improve  performance  while  mechanical 
design  can  ur.pt.ive  the  mechanical  Shupe  effect. 

5.4  Electronics 

Short  fiber  length  FCXjs  are  made  possible  by  very  fast  electron¬ 
ic  components  which  arc  used  to  generate  mooulation,  data  pro¬ 
cessing.  and  loop  closure.  It  is  noted,  how  ever,  that  the  electron¬ 
ics  play  an  integral  role  in  the  performance  of  the  FOG  and  that 
very  careful  design  must  be  pursued.  A  digital  approach  to  mod¬ 
ulation.  demodulation,  and  loop  processing  typically  offers  the 
most  flexible  and  effective  means  of  controlling  FOGs  while 
avoiding  many  of  tlic  instabilities  associated  with  analog 
elecuonics. 

5.5  Advantages  of  F'iber  Optic  Gyros 

While  the  FOG  is  more  demanding  in  terns  of  loop  electronics 
as  opjxised  to  RLGs,  it  docs  present  many  advantages.  The 
FOG  requires  no  mechanical  biasing,  and  is  rugged  enough  to 
be  operated  m  a  hard  mounted  configuration.  High-s|)ced  clcc- 
Ironies  permii  very  wide  hand  operation  with  relatively  short 
fiber  lengths  (on  tlie  order  of  10(>-to-l(,X)()  meters).  This  leads 
to  small  size,  weight,  and  cost  w  nhout  sacrificing  performance. 
The  FOG  also  provides  extremely  fine  qi..intizaiion  thereby  fier- 
miliing  iLs  use  not  only  as  a  rate  inlegr  rng  device  but  also  as 
a  very  low  noise  rate  sen-sor. 

5.6  .State  of  the  I'iher  Optic  (iyro 

IFOGs  have  been  con-trucicd  and  demonstrated  for  many  ap 
plications.  At  the  low  ]'..rl,'rm.uicc  end  of  the  market,  open  loop 
gyros  h.ive  beer',  deinoristi .ucd  lor  iimnitioiis.  In  tile  AHRS  t.-Xt- 
tiuide  and  IT  i-ling  Reference  .Sssieni)  leiJ  small  IMU  arena. 
1  deg,(hr  cl.iss  systems  have  been  flight  tested,  delivered,  and  arc 
now  beginning  production  Navigation  grade  FOGs  have  also 


been  proven  and  form  the  basis  for  FOG  navigators.  It  is  antici¬ 
pated  that  FOG  technology  will  continue  to  evolve  rapidly 
thereby  leading  to  smaller,  lighter,  more  cost  effective  inertial 
systems. 

6.  CONCLL'SION 

Optical  gyroscopes  form  the  basis  for  the  majority  of  future 
INS’.  The  two-mode  RLG  is  presently  the  most  mature  of  the 
optical  gyroscopes.  Navigation  systems  which  perform  better 
than  1  nmi/hr  are  readily  available  both  for  military  and  com¬ 
mercial  applications.  Improvements  to  the  component  technol¬ 
ogy,  the  basic  understandmg  of  the  physics,  and  the  develop¬ 
ment  of  effective  control  mechanizations  now  permit  the  use  of 
smaller  RLGs. 

One  major  drawback  of  the  two-mode  RLG  is  its  need  for  me¬ 
chanical  biasing.  The  multioscillator  RLG  was  devclojjed  to 
avoid  this  problem.  Four-mode  multioscillators  are  now  capa¬ 
ble  of  navigation  grade  accuracies  and  offer  a  number  of  advan¬ 
tages.  This  form  of  RLG  has  been  demonstrated  and  deliveries 
have  begun  both  for  commercial  and  military  programs. 

Finally,  the  FOG  with  its  small  size  and  low  cost  has  been  dem¬ 
onstrated  for  AHRS  class  accuracy  (1  deg/hour  typical).  FOG- 
based  IMLs  are  being  constructed  for  several  different  applica¬ 
tions.  Navigation  grade  gyros  have  also  been  successfully 
demonstrated  and  these  will  be  integrated  into  the  next  genera¬ 
tion  of  inertial  navigation  systems. 

Each  optical  gyroscope  discussed  above  offers  unique  perfor¬ 
mance  capabilities  to  satisfy  most  of  the  requirements  for  iner¬ 
tial  angle  sensors.  It  is  expected  that  they  will  remam  dominant 
in  the  inertial  navigation  arena  for  many  years  to  come. 
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Abstract;  The  Hemispherical  Resonator  G y  ro  ( H  R( i )  is 
a  new-technolngy  rotation-seasing  instrument  based  on 
the  precession  of  a  standing  wave  around  a  vibrating 
hemispherical  form.  This  paper  presents  the  principle 
of  the  HRG  and  describes  the  design  and  performance 
of  some  actual  instruments. 

Delco  Systems  Operations  has  developed  a  new-tethnol- 
ogy  gyro,  the  Heniisphencal  Resonator  Gyro  (HRG).  that  is 
ideally  suited  to  strapdown  navigation  systems.  The  HRG 

The  HRG  is  a  Nearly  Ideal  Rotation  Sensor 

•  “Solid-state"  reliability 

-  No  rotating  parts 

-  Internal  dissipation  (ess  than  10  nanowatts 

•  Insensitive  to  magnetic  fields 

•  Nuclear  ride-through  capability 

•  Negligible  acceleration  sensitivity 

-  Same  performance  on  earth  as  in  orbit 

•  High  acceleration  tolerance 

-  Operates  to  500  g 

-  Survives  to  3,000  g 

•  No  temperature  control  required 

offers  great  reliability  and  long  life  due  to  its  inherent 
simplicity. 

The  Hemispherical  Resonator  Gyro  is  not  a  gyroscope  in 
the  classical  sense,  since  it  does  not  utilize  a  rotating  mass, 
but  only  in  the  functional  sense  of  being  an  inertial  rotation 
sensor. 

The  rotation  sensing  property  of  a  thin-walled  resonator 
having  the  shape  of  a  figure  of  revolution  was  discovered  in 
1890  by  G.H.  Bryan,  a  British  physicist.  His  observations 
and  their  implications  for  the  HRG  are  summarized  below  . 
Experimenting  with  w  ine  glasses.  Bryan  demonstrated  that 
the  standing  wave  pattern  of  a  nnging  wine  glass  precesses 
around  the  bow  l  w  hen  the  glass  is  rotated  about  its  stem.  ( Ic 
also  showed,  on  theoretical  grounds,  that  the  ratio  of  the 
precession  angle  to  the  rotation  angle  is  a  constant  deter¬ 


mined  by  the  geometry  of  the  rc'onalor  and  the  characlei- 
istics  ol  the  nioile  evened  from  this  n  may  be  concluded 
that  the  HRG  scale  l.icior  is  l.irgely  independent  tvilh  ot 
rotation  r.ile  and  of  Young's  M^kIliIuv  tor  the  resonator 
mateiial.  This  latter  implies  low  sensitivity  ot  scale  t.ictorto 
temperature 

In  .ipplying  Bryan's  discovery  to  ihe  development  of  .i 
practical  gy  roscope,  Delco  selected  Ihe  hemispherical  sh.ipe 
for  the  resonator  because  it  is  inherently  strong  and  re.idily 
manufacturable  and  can  be  supported  v'li  a  shaft  at  its  center, 
where  flexing  is  minimal 

It  is  convenient  to  utilize  the  hemisphere's  lowesi-order 
resonant  flexing  mode,  which  consists  of  two  pairs  of 
antinodes.  In  the  niixJel  discussed  in  thi  .paper,  the  standing 
wave  amplitude  is  less  than  4  micronieiers.  Since,  tor  a 
hemisphere,  the  higher-order  resonant  modes  do  not  occur 
as  integral  harmonics,  the  lowest-order  resonance  can  be 
driven  without  exciting  higher-frequency  harmonic  vibra¬ 
tions. 

Figure  I  shows  how  the  alignment  of  the  standing  wave 
responds  to  rotation  of  the  hemisphere  One  antinixJeaxisof 
the  vibration  pattern  i.s  initially  aligned  with  a  reference 
point.  When  the  hemisphere  is  rotated,  the  v  ibration  pattern 
preces,ses  -  it  lags  behind  the  rotation  of  the  hemisphere  by 
.40  percent.  For  instance,  during  a  9()-degree  counterclix;k- 


Bryan’s  Discovery 

•  Wineglass  experiment 

-  Vibratory  nodes  precess  when  glass 
is  rotated  about  stem 

'  1890  paper  (Proceedings  of  the  Cambridge 

Philosophical  Society) 

-  Precession  of  nodes  arises  from  Coriolis 
effect 

-  Angular  gain  can  be  computed  from 
geometry 

•  Implications 

-  Wide  band,  flat  response 

-  No  rate  threshold 
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wise  rotation  of  the  resonator,  the  antinode  axis  precesses 
clockwiserelativetotheresonatorby0.3of  the  hemisphere's 
rotation  angle,  or  27  degrees.  This  scale  factor  of  0.3  is  a 
geometric  property  of  the  resonator  and  holds  constant  for 
any  rotation  angle  and  any  rotation  rate. 

The  mechanical  components  of  the  HRG.  show  n  in  Figure 

2.  are  the  re.sonator.  the  forcer  housing,  and  the  pickoff 
housing  These  three  parts  are  all  monolithic  pieces  made 
from  fused  quart/  (silica)  with  metallized  surfaces.  The 
resonator  is  a  hemispherical  shell  with  a  central  shaft.  The 
shaft  is  attached  at  one  end  to  a  forcer  housing  and  at  the 
other  to  a  pickoff  housing.  In  the  assembled  HRG.  the  outer 
surface  of  the  resonator  clears  the  electrode  surface  of  the 
forcer  housing  by  a  few  tenths  of  a  millimeter,  and  the  inner 
surface  of  the  resonator  clears  ihe  pickoff  electrode  surface 
by  about  the  same  amount.  The  resonator  is  driven  and 
controlled  electrostatically  by  the  forcer  eleclnxles.  and  the 
location  and  amplitude  of  its  flexing  pattern  are  sensed 
electrostatically  by  the  pickoff  electrixles.  These  elements 
of  the  HRG  are  enclosed  in  a  vacuum. 

Fused  silica  was  selected  as  the  structural  material  for  Ihe 
HRG  primarily  for  its  high  "Q"  and  extremely  low  hyster¬ 
esis,  These  material  properties  impart  two  important  char¬ 
acteristics  to  Ihe  gyro:  low  damping,  which  is  essential  for 
high  performance,  and  mechanical  stability  across  vibra¬ 
tion.  shiK'k.  and  thermal  environments.  Other  desirable 
properties  of  fused  quartz  are  its  low  thermal  expansion  and 
its  great  inherent  strength  when  adequately  surface-fin¬ 
ished. 

Three  generations  of  developmental  gyros,  shown  in  Figure 

3.  have  been  constructed  and  tested.  Each  generation  has 
achieved  a  sub.stantial  improvement  in  resonator  damping 
time  constant.  The  value  of  1 .8()0  seconds  achieved  with  the 
third-generation  gyros  corresponds  to  a  Q  of  about  12 
million,  thus  validating  Ihe  selection  of  fused  quartz  as  the 
siractural  material.  The  tenfold  reduction  in  damping  losses 
obtained  from  the  first  to  the  third  generation  resulted  from 
improvements  in  processes  for  surface  preparation  and 
metallization  and  in  HRG  geometry. 

Growth  in  resonator  time  constant  has  played  a  major  role 
in  improving  drift  stability  and  reducing  drift  noise.  Other 


important  evolutionary  improvements  have  been  gained  in 
vacuum  integnty.  contamination  control,  and  electronics. 

To  limit  aerixlynamic  damping  of  the  resonator,  it  is  en¬ 
closed  in  a  vacuum  Ga.ses  enter  the  internal  volume  from 


three  sources:  oulgassing  of  absorbed  ga.ses  from  resonator 
and  housing  inlenor  surfaces,  leakage  of  atmosphenc  gases 
through  imperfections  in  seals,  and  permeation  of  helium 
through  Ihe  quartz  housing.  .A  gas  getter  is  incorporated  to 
maintain  low  internal  prossure.  Surface  and  pariiculafe 
contamination  are  controlled  during  manufacture. 


Figure  2.  Mechanical  Components  of  HRG 


Figure  3.  Three  Generations  of  HRG's  (left  to  right)  First  Generation.  HRG  ti 
Second  Generation.  HRG  21  22  Third  Generation  HRG  31  36 


During  tlk'dovcUipniciu  ot  the  [  tKCi.  jvrtvirniaiicc  lu%lvcii 
electriinics  liniiled  0>nNei)uentl> .  iiuii.ln>tThc  o\i>luli«iii- 
ar\  iniprinemcnt  h.is  rcMilicd  t'roni  oxpcnniom.ilh  ulciili- 
lying  .1  pertiirnianco  liniiuiioii.  jiulyticallv  nuiJflinp  the 
phenomenon.  aiKlilevelopini;  the  needed  electronic  improve¬ 
ment.  In  this  wav.  the  electneal  sprini:  liKipv  were  devel 
oped  to  reduce  dnfi  by  niinimi/ int:  quadrature  motion  at  the 
vtandmg  w  ave  nixlev.  A  major  reduction  in  drift  uncertainty 
was  obtained  by  using  the  electneal  springs  also  to  provide 
open-kKipcompenvilion  fordrift  sensitivity  tomxlalquadra- 
ture  motion 

Two  other  important  electronics  improvements  have  K’en 

I  IX’velopment  ot  a  very-high-inipcdance  buffer  am¬ 
plifier  to  isolate  the  resonator  readout  signals  in  order 
to  obtain  the  high  degree  of  linearity  needed  for 
accurate  readout  over  an  extremely  large  dynamic 
range. 

2.  Introduction  of  a  digital  microprocessor  into  the  gy  ro 
contnil  loops  to  provide  uniform  behavior  at  ail 
liK’ations  of  the  rcstinator's  standing  w  avc  pattern  and 
during  operation  at  high  rotation  rates 

The  gyro  electronics  architecture  is  show  n  in  I  igure  4.  The 
figure  depicts  the  three  principal  gyro  control  elements  that 
maintain  the  resonator  Hexing  action  as  stable,  simple 
harmonic  motion  These  three  elements  and  their  roles  m 
maintaining  the  gyro's  perlorniance  are. 

I.  Amplitude  regulation  lixip.  which  maintains  a  stable 
ampliliide  of  the  resonator's  standing  w  ave  palleni 


J  Ttequensv  coiilrol  siiunts,  wliuh  develop  tniiiiig 
signals  Used  to 

IXmivHlulale  llie  rcson.itoi  s  standing  w  jveainpli 
tuvlc.  spatial  location,  and  phase 

Replicate  gyro  tlexing  treijuency .  which  Is  a  direct 
measure  (if  gyro  ieni)vrature  i  frequency  vanes  .it 
.silppnv'  ('). 

1  Klectncal  spnng  control  Uxip.  which  is  lesponsible 
for  maintaining  the  simple  haniionic  motion  of  the 
standing  wave  lall  components  in  phase  at  the  s.inie 
frec|uency  i 

I'he  electronics  hardware  can  be  divided  into  lour  basic 
categones:  readout  buffers,  digital  interlace  electronics, 
digital  pnvessor.  and  power  conveners,  as  indicated  in 
Figure  5 

Ilie  readout  buffer  amplifier  is  a  key  performance  element. 
Tour  readout  buffers  ate  nc-eded  for  each  gyro.  To  maintain 
adequate  balance  between  channels,  these  four  must  track 
over  temperature  to  within  a  few  parts  per  million  of  full 
scale,  and  also  provide  linearity  of  the  same  t|uality. 

Hie  digital  interlace  electronics  include  the  aMvIoiit  A/I) 
convenor  for  principal  and  quadrature  niiHle  detection  Irom 
which  error  signals  tor  timing  and  resonant  ltei|uency 
controlaswellasilexingpaitemorienlalion  are  derived,  the 
timing  signals  generator,  which  includes  the  sampling  and 
switching  logic,  and  the  D/A  convertei  .ind  driver  circuits 
hilorniation  from  the  re.idout  signals  is  rotilcil  to  the  digii.il 
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Figure  4,  Electronics  Architecture 

processor  through  differential  amplifiers  that  provide  com¬ 
mon  mode  rejection  and  are  used  to  determine  the  ampli¬ 
tudes  of  the  resonator's  in-phase  and  quadrature  flexing 
components  and  the  flexing  pattern  precession  angle 

An  outstanding  characteristic  of  the  HRG  is  its  very  low 
level  of  angle  random  walk,  which  is  the  result  of  reduction 
in  electronics-generated  noise,  especially  that  from  power 
supplies  and  phase  jitter  in  crossover  detectors.  Further 
reduction  can  he  anticipated,  because  the  theoretical  limit  is 
an  order  of  magnitude  below  the  operating  performance  of 
the  current  commercial  instrument. 

The  HRG  mechanical  assembly  is  a  simple,  monolithic 
structure  that  has  no  wearout  mechanism,  operates  at  the 
sub-milliwatt  power  level,  and  is  virtually  immune  to 
environmental  stresses.  .Accordingly.  HRG  reliability  Is 
determined  almost  entirely  by  its  electronics.  The  electron¬ 
ics  are  composed  of  low  -power  elements,  including  micro- 
prtKcssors  and  semi-custom  interface  circuit  elements 
With  a  maximum  required  voltage  of  less  than  ,f(X)  volts, 
these  electronics  are  also  expected  to  provide  very  high 
reliability. 

The  dominant  gyro  life  consideration  is  a  gradual  increase 
in  internal  pressure,  resulting  in  increased  demands  upon 
the  gyro  electronics.  All  electronics  are  designed  looperate 
with  a  gyro  lime  constant  as  low  as  100  seconds.  The  gyro 
performs  to  specifications  over  this  entire  range  of  time 


constant  values  The  operation  of  the  gas  getter  assures  a 
minimum  20-year  life  before  performance  degrades 
beyond  requirements 

I'he  principal  HRG  errors  anse  as  a  result  of  interactions 
between  the  gyro's  mechanical  assembly  and  its  elecirim- 
ics.  The  mechanical  assembly  ischaracteri/edby  a  nominal 
axisynimetric  configuration  having  sm.ill  physic.il  devia¬ 
tions  such  as  lack  of  reson.itor/housing  concentricity  or 
circumferential  sarialioris  in  resonator  thickness;  the  elec¬ 
tronics  compensate  for  such  phy  sic.il  de\  lalioiis.  The  elec¬ 
tronics  theiiisehes  are  characteri/ed  by  nominal  behavior 
with  small  slow  ly  ch.ingmgdes  lalionsas  well  as  small  r.ipul 
fluctua'ions  Performance  errors  anse  pnmarily  from  the 
small  electronics  devi.itions  interacting  with  the  nomin.il 
characteristics  or  deviations  of  the  mech.inical  assembly 

Fxtciisive  vibration  testing  has  continued  that  \ihralioii- 
sensiiivednfliK’cursonlv  tors  ibratioii  frequencies  iie.irihe 
bending  and  flexing  resonances,  vi/  .  the  resonator  flexing 
frequency  (approximately  2,50r  H/l  and  the  resonator,' 
stem  bending  frequency  (approximately  -f.dX)  11/ 1  It  iKo 
showed  the  need  for  a  stiffer.  noniMiililexered  resonator 
support  lor  higher-pertormaiice  gyros,  which  led  to  the 
double-ended  shaft  resonator  csrntiguration. 

Family  characteristics  for  resonators  .‘sXmm  in  dianreler. 
IDiiim  in  diameter,  and  I  .“imni  iliameter  arc  presented  in 
Figure  f>.  With  the  exception  of  calculated  acceleration 
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Figure  5.  Electronics  Hardware  Design 


i 

i 

;  CHARACTERISTICS 

VALUES  (1-SIGMA) 

Actual 

1  Projected 

Full-Scale  HRG  i 

(HRG  158) 

^  Halt-Scale  HRG 

(HRG  130)  1 

Quarter-Scale  HRG 
(HRG  115) 

r 

1  Resonator 

1 

1 

1 

•  Flexing  frequency  (Hz) 

2,500 

5.000  i 

10.000 

]  •  Bending  frequency  (Hz) 

3.900 

7.000  j 

15.000 

!  •  Damping  time(s) 

1.800 

1.000  ; 

110 

j  Gyro 

i 

[  •  Max.  diameter  (mm) 

91 

47  i 

25 

•  Max.  tieigtil  (mm) 

101 

63  j 

35 

'  •  Weight  (gm)  (Includes  gyro- 

1  1 

mounted  electronics) 

544 

82 

50 

'  Performance  (1 -sigma) 

1 

I  •  Drift  uncertainty 

1  1 

-  Angle-dependent  (deg/h) 

0.002 

001  i 

0  7 

-  Bias  (deg/h) 

0.0001 

0.001  1 

0  06 

•  Angle  random  walk  (deg/\h) 

000004 

0.0001  I 

0  002 

•  Scale  factor  uncertainty  (ppm) 

0.02 

I  0  02  i 

0  02 

•Acceleration  sensitivity 

1  i 

-  (deg/h/g) 

2x10'' 

1 X 10  6  ; 

8x10-6 

-  (deg/h/g2| 

4x109 

;  1 X 10-8 

8x10-' 

•  Readout  accuracy  (arc-seconds) 

0.4 

;  1-0 

10,0 

Figure  6.  HRG  "Family "  Characteristics 


Benefits  of  the  HRG 


•  Intrinsically  simple,  low  parts  count 

•  No  wearout  mechanism 

•  No  “moving  parts"  (resonator  oscillation  is  less  than  4  micrometers) 

•  No  temperature  control  required 

•  No  high  voltage 

•  Potential  failure  mechanisms  are  minimized 

-  Metallization  failure  -  Processes  monitored,  parts  tested 

-  Contamination  -  Assembled  in  cleanroom 

-  Loss  of  vacuum  -  20-year  (minimum)  design  goal;  vacuum  effects  continuously  monitored  and 
compensated  for 

-  Drift  coefficient  stability  -  Gyro  inherently  stable:  on-pacLbn-aircraft  calibration  provided  for 
electronically 

•  Outputs  whole  angle  of  rotation 

•  Resonator  continues  to  measure  rotation  during  power  interruptions 


.sensitivity,  values  tor  the  .''Snini  diameter  resonator  are 
from  lest  data.  Theory  was  used  to  piojeet  performance  into 
half  and  quarter  size  instruments;  gyros  with  .^Omni  resona¬ 
tors  are  currently  being  fabricated  for  test. 

In  summary ,  the  HRG  represents  a  rev  olulionary  adv  ance  in 
inertial  technology  and  prov  ides  the  combinalton  of  charac¬ 
teristics  needed  in  the  nest  generation  of  inertial  reference 
systems. 

It  is  a  strapdovvn  gyro  that  meets  the  multifunction  needs  of 
adv  anced  integrated  av  ionics  architectures,  prov  iding  navi¬ 
gation  accuracy  beyond  that  presently  available  and  also 
prt.viding  a  wide-hand,  low  -noise  attitude  reference  for 
tracking,  pointing,  and  flight  control. 

It  exhibits  very  low  enror  sensitivity  to  military  operating 
environments,  including  highly  dynamic  environments 
(acceleration,  vibration.  shtKk,  and  angular  velocity)  and 
temperature  extremes.  It  also  is  able  to  continue  accurately 
sensing  rotation  dunng  disruptions  such  as  those  caused  by 
nuclear  radiation. 


It  can  respond  rapidly  from  a  completely  dormant  state, 
coming  to  stable  operation  within  a  few  seconds.  It  has  no 
significant  thermal  dnfl  transient  and  requires  no  tempera¬ 
ture  control.  It  operates  with  very  low  random  noise,  a 
requirement  for  rapid,  accurate  gyriKompassing, 

It  has  inherent  characteristics  making  for  low  cost,  long  life, 
and  high  reliability:  it  is  a  solid  state  device  having  no 
wearout  mechanism;  the  parts  are  fully  interchangeable  and 
suitable  for  automated  assembly  ;  and  it  operates  at  low 
power  and  low  voltage. 

The  basic  technology  offers  si/e.'perfonnance/'cost  tradeoffs 
that  make  it  adaptable  to  a  wide  range  of  applications, 
including  very  accurate  nav  igation  for  aircraft  and  strategic 
missiles,  precision  pviinting  and  tracking  for  directed- 
energy  weapons,  small  guidance  units  for  ballistic  missile 
interceptors,  tactical  missiles,  and  reentry  vehicles,  and 
ultra-small  attitude  references  for  hy  pervelocity  proiectiles 
and  missiles. 


J 
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H.-J.  Buschelberger,  E.  Handrich 

LITEF  GmbH 
Lorracher  Str - 1 8 
7800  Freiburg 
Germany 


Summary 

Fiber  Optic  Gyroscopes  have  emerged  from  the  engineering 
laboratories  and  come  into  production.  Conventional  gyros  will 
be  replaced  by  the  fiber  optical  gyros  in  most  applications  in 
the  near  future.  LITEF  has  developed  a  family  of  gyros  and 
systems  based  on  these  gyros.  The  introduction  of  the  new 
technology  brings  many  advantages  with  respect  to  function, 
performance,  size  and  weight. 


LITEF^s  Gvro  Family 

The  LITEF  fiber  optic  gyro  (FOG)  development  program  which 
started  in  1983  has  resulted  today  in  a  family  of  gyros  covering 
a  wide  range  of  accuracy  requirements.  Fiber  optic  gyros  are  the 
gyro  technology  of  the  future.  They  have  clear  advantages  over 
conventional  mechanical  gyros: 

no  moving  parts 

no  acceleration  sensitivity 

robustness 

high  shock  immunity 

high  reliability 

low  power  consumption 

low  manufacturing  cost 

These  advantages  make  it  quite  clear  that  the  fiber  optic  gyro 
will  rapidly  replace  the  mechanical  gyro  in  most  applications  in 
the  near  future.  LITEF  has  recognized  the  importance  of  this 
technology  and  has  developed  a  family  of  gyros  which  meet  market 
requirements.  This  FOG  family  comprises  three  variants,  namely 
the  K-2010,  K-2020  and  K-2030. 

The  highest  performance  gyro,  the  AHRS  quality  model  K-2010,  has 
been  built  in  a  prototype  series  over  the  past  few  years.  Gyros 
of  this  model  type  were  integrated  in  the  FOG  Attitude  and 
Heading  Reference  System  (AHRS),  which  was  a  modified  version  of 
LITER'S  standard  LTR-81  AHRS  for  commercial  airlines.  In  May  1989 
this  FOG-AHRS  was  successfully  flight  tested  at  the  DLR  in 
Braunschweig  (Germany).  The  results  were  comfortably  within  the 
requirements  of  the  ARINC-705  specification  in  all  points  and  on 


all  flights.  In  the  same  year,  the  LITEF  K-2010  FOG  instrument 
was  tested  in  a  comparative  test-program  sponsored  by  the  German 
government  and  performed  by  the  independent  lABG  test  facility 
at  Munich.  In  this  test-program  the  LITEF  fiber  optic  gyro 
emerged  as  the  clear  winner. 

The  other  end  of  the  performance  spectrum  is  covered  by  the 
K-2030  which  resulted  from  a  development  program  whose  aim  was 
the  achievement  of  high  component  packing  density.  The  K-2030  met 
its  project  goals  both  in  physical  size  and  performance.  This 
instrument  will  find  use  in  low  accuracy  space-critical  applica¬ 
tions  . 

The  K-2020  lies  in  the  middle  of  the  performance  range  where  it 
meets  the  requirements  set  by  an  augmented  AHRS  system.  It  is 
smaller  than  the  K-2010  in  order  to  satisfy  the  requirements  for 
low  volume. 

Based  on  its  experience  with  the  K-2030,  LITEF  started 
development  in  February  1990  of  a  three  axis  fiber  optic  gyro 
Inertial  Sensor  Unit  for  application  in  a  flight  control 
system.  The  restriction  on  size  of  the  unit  required  a 
considerable  miniaturization  effort.  This  product  is 
designated  LFS-90.  This  system  is  described  in  more  detail  in 
the  chapter  "LFS-90  System  Design". 


All  LITEF  fiber  optic  gyro  systems  operate  with  a  closed  loop 
signal  processing  technique.  This  offers  various  important 
advantages  over  open  loop  operation: 

high  scalefactor  linearity 
high  bandwidth 
unlimited  input  rate 

The  signal  processing  technique  is  covered  by  a  number  of 
special  LITEF  patents. 

The  LFS-90  unit  was  the  basis  for  a  family  of  FOG  systems: 


LFS-92 

LFS-93 

LCR-92//iAHRS 

LCR-93//iAHRS 


3  axis  rate  gyro  and  accelerometer  unit 

single  axis  rate  gyro 

attitude  and  heading  reference  system 
with  level  sensors 

attitude  and  heading  reference  system 
with  micromechanic  accelerometers 


A  description  of  the  functions  and  applications  of  these 
systems  is  given  below.  ”  *’  *’ 


The  LFS-90  is  equipped  with  three  fiber  optic  gyroscopes 
orthogonally  oriented  to  each  other  on  a  common  mechanical 
structure.  The  optical  architecture  is  a  triad  configuration  with 
one  common  lightsource  for  the  three  gyro  sensor-axes,  a  coupler 
array,  three  sensor  modules  and  three  photodetectors. 

The  LFS-90  consists  of  five  modules:  three  Sensor-modules,  the 
Opto-module  and  the  Electronics-module. 

The  Sensor  module  is  connected  to  the  Opto  module  via  a  fiber 
optic  link.  The  Electronics  module  contains  all  the  components 
required  for  three  gyro  axes. 

Sensor  Modules 

A  Sensor  module  is  the  sensing  element  of  the  gyro.  It  comprises 
in  essence  the  fiber  optic  coil  and  a  Multifunction  Integrated 
Optics  Chip  (MIOC).  This  MIOC  realizes  the  functions  of  the 
polarizer,  the  beamsplitter  and  the  electrooptic  phase  shifter 
and  is  connected  at  one  end  to  the  fiber  coil  and  at  the  other 
to  the  fiber  link  for  connection  to  the  Opto  module. 


The  Opto-Module  functions  as  the  interface  between  the  optical 
and  the  electronic  components  of  the  gyro.  It  contains  the 
semiconductor  light  source  and  the  photodetector  with  its 
preamplifier.  The  current  supply  for  the  lightsource  is  placed 
on  the  circuit  board  of  the  Opto-Module  and  the  read  out  couplers 
which  are  necessary  to  guide  the  returning  light  to  the  photo¬ 
detectors  are  located  in  the  Opto-module.  A  preamplifier  converts 
the  photo  current  to  a  voltage  which  is  processed  in  the 
Electronics  Module. 


Electronics  Module 

The  following  functions  are  implemented  in  the  Electronic  Module: 

Modulation  signal  generation 

Closed  loop  Sagnac  phase  compensation 

Data  filtering 

Interface  control 

Self-test 

The  Electronics  module  is  divided  into  the  following  three  main 
sections : 


*  Sensor  Control  Section 

*  Processor  Section 

*  Interface  Section 
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These  sections  contain  the  functions  as  described  below: 

*  Sensor  Control  Section 

The  Gyro  Loop  Control  is  laid  out  to  operate  with  three  fiber 
optic  qyros.  The  incoming  signals  from  the  Opto  Module  are  A/D 
converted  and  processed  in  a  digital  ASIC  which  realizes  all 
control  loop  algorithms.  The  output  signals  of  the  ASIC  are  D/A 
converted  and  applied  to  the  modulator  of  the  MIOC  in  the  Sensor 
Module.  The  ASIC  performs  the  main  control  loop  directly  in 
hardware  to  provide  the  fastest  possible  rebalance. 


*  Processor  Section 

A  digital  signal  processor  performs  the  data  processing  algo¬ 
rithms  and  supports  the  required  interface  functions.  The  tasks 
performed  are  in  particular  : 

Acquisition  and  processing  of  the  measured  sensor  data  from 
the  ASIC.  Compensation  of  these  values  with  the  calibration 
data  resident  in  an  EEPROM,  and  transfer  of  the  required 
information  via  the  dedicated  interface. 

Performing  power-up,  background  and  initiated  Built-In-Test 
functions  in  order  to  guarantee  correct  operation  after 
power  up  and  to  detect  failures  during  operation. 

The  operational  program  is  stored  in  EPROM  memory  and  the 
required  calibration  data  is  held  resident  in  EEPROM  memory. 


*  Interface  Section 

The  Interface  Section  provides  the  required  link  between  the 
Inertial  Sensor  Unit  and  flight  control  computer.  This  is 
realized  by  implementing  two  UART  interface  section  into  the 


ASIC.  The  interface  is  controll 
cessor . 

Performance  Data  of  the  LFS-90 

Total  Drift  Error 
Drift  Stability 
Total  Scalefactor  Error 
Scalefactor  Repeatability 
Data  rate 
Power  Consumption 
Size 
Weight 

Output  Format 

electrical 
addressing 
sensor  information 


by  the  digital  signal  pro- 


200"/h  (30) 

24  “/h  (lo) 

1  %  (3o) 

500  ppm  (lo) 

60  +/-  5  Hz 
12  W 

160  X  100  X  35  mm 
<  700  gr 

RS  485  serial 

hardware  select  line 

3  X  rotation  rates 
time  tag 
status  word 


The  LFS-92  Inertial  Sensor  Unit  is  an  extension  and  improvement 
of  the  LFS-90  ISU.  This  unit  contains  in  addition  to  the  fiber 
optic  gyros,  three  micromechanical  accelerometers.  The  data  of 
the  accelerometers  are  also  processed  by  the  instrument  digital 
signal  processor  to  provide  velocity  increments.  The  measurement 
data  are  error  corrected  and  processed  synchronously  with  the 
gyro  data.  The  gyro  and  accelerometer  data  are  both  available  at 
the  system  interface  in  the  same  data  package: 

gyro  data  three  16  bit  words 

accel  data  three  16  bit  words 

status  word  one  16  bit  word 

The  interface  is  a  digital  RS-485  serial  link  with  a  data  rate 
of  50  Hz.  This  system  has  a  built-in  power  supply  to  run  the  unit 
with  28  V  DC. 

Performance  data  of  the  fiber  optic  gyros  are  as  follows: 

Gyro  Drift  Error  36  "/h  (3o) 

Gyro  Drift  Stability  4  "/h  (lo) 

Total  Scalef actor  Error  0,5%  (3o) 

Input  Range  2000  “ /s 

Included  in  this  system  are  three  accelerometers  of  Litef's  model 
B-290.  This  is  a  servo  loop  pendulous  sensor  with  a  differential 
capacitance  pickoff.  The  servo  loop  operates  with  electrostatic 
caging  of  the  pendulum.  The  whole  sensor  is  made  from  silicon  and 
is  processed  with  similar  technologies  to  those  used  in  semicon¬ 
ductor  manufacture.  This  makes  automated  batch  fabrication  of 
miniaturized  sensors  possible.  Approximately  200  accelerometers 
are  placed  on  a  silicon  wafer.  The  accelerometer  is  mounted 
together  with  its  associated  electronics  in  hybrid  housing.  The 
output  of  this  hybrid  is  a  digital  signal. 

The  performance  data  of  the  B-290  accelerometer  are  as  follows: 

Size  25  mm  X  25  mm  X  6  mm 

Measurement  Range  +/-  10  g 

Scalef actor 

Repeatability  <  1000  ppm  (la) 

Stability  <  200  ppm  (1  a)  short  term 

Bias 

Repeatability  <  2000  <ig  (lo) 

Stability  <  500  nq  (la)  short  term 

Axis  Misalignment 

uncompensated  20  mrad 

compensated  200  (ig 

Power  Supply  +/-15  V,  +  5V 

The  physical  characteristics  of  the  LFS-92  unit  are: 


Size 

Weight 

Power  Consumption 


52  X  100  X  160  mm 
1,1  kg 
20  W 
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LFS-93  System  Design 

The  LFS-93  fiber  optic  rate  gyro  unit  is  a  single  axis  derivative 
from  the  three  axis  LFS-90  Inertial  Measurement  Unit.  It 
comprises  one  fiber  coil  and  the  associated  optics  and  opto¬ 
electronics  components.  Like  all  other  LITEF  fiber  optic  gyros 
this  instrument  also  operates  with  the  closed  loop  electronics. 
The  performance  data  of  the  gyro  and  the  electrical  interface  are 
identical  to  those  of  the  LFS-90  unit.  Differences  in  other 
parameters  are  as  follows: 

power  consumption  6  W 
size  107  X  88  X  34  mm 
weight  600  g 
no  enclosing  housing 

The  sensing  axis  is  aligned  parallel  to  the  surface  normal  of  the 
107  X  88  mm  area.  The  unit  is  specially  designed  to  be  integrated 
into  a  customer  system.  This  is  the  reason  why  an  individual 
housing  for  the  gyro  unit  has  been  omitted. 

Optionally  the  gyro  axis  can  be  oriented  parallel  to  the  long 
axis  of  the  assembly.  The  dimensions  and  the  FOG  coil  form  are 
different  in  this  case. 

The  switch-on  time  of  the  LFS-93  is  less  than  70  msec.  The 
extensive  self  test  routine  of  the  LFS-90  unit  after  system  start 
has  been  deactivated  here  to  achieve  fast  reaction  time.  The 
background  self  test  routine  is  continously  running.  It  monitors 
the  power  supply,  the  sensor  temperature,  the  control  loop  and 
the  output  data . 

The  software  protocol  has  additionally  to  the  LFS-90  unit  a 
simplified  communication  mode.  The  LFS-90  unit  can  decode  8 
different  commands  and  respond  with  the  required  information.  The 
data  exchange  is  described  in  a  Interface  Control  Document  (ICD). 
The  LFS-93  gyro  is  usually  operated  in  the  data  mode  which  sends 
gyro  data  with  a  fixed  datarate  when  it  is  activated.  It  is 
LITEF 's  standard  that  the  systematic  error  soures  in  the  gyro 
output  data  are  error  corrected  by  means  of  the  internal  signal 
processor.  Consequently  temperature  sensing  and  associated  data 
processing  for  temperature  modelling  in  the  customers  computer 
is  not  necessary. 


The  juAHRS  measures  the  rotation  rates  of  the  vehicle  and  calcu¬ 
lates  its  attitude  angles  relative  to  the  horizon  and  heading 
relative  to  the  north  direction  of  the  navigation  coordinate 
system  by  quaternion  integration.  The  system  is  equipped  with 
bubble  level  sensors  as  a  vertical  reference.  An  external  flux 
valve  magnetic  sensor  unit  is  required  for  pre-flight  alignment 
and  heading  augmentation.  The  body  rates  and  body  angles  are 
delivered  to  the  aircraft  avionic  system. 

The  /iAHRS  is  designed  to  meet  the  following  standards: 

TSO  C4c  Bank  And  Pitch  Instruments 
TSO  C5e  Direction  Instrument,  Non  Magnetic 
(Gyroscopically  Stabilized) 

TSO  C6d  Direction  Instrument,  Magnetic 
(Gyroscopically  Stabilized) 

The  qualification  is  in  accordance  with  RTCA  DO-160  C  including 
HIRF  and  lightning. 

This  system  is  specially  designed  for  applications  where  low 
weight  and  small  size  are  essential  requirements. 

size  276  mm  x  105  mm  x  130  mm 

volume  3.2  liter 

weight  2.5  kg 

power  25  watt  from  28  V  DC 

The  performance  data  of  the  (lAHRS  are  listed  blow: 


attitude  angle 

0.5” 

max 

static 

heading 

2.0” 

2a 

dynamic 

augmented 

2.0” 

2a 

dynamic 

DG  mode 

24”/h 

max 

incl.  earth  rate 

body  rates 

0 . 1 ” /s 

20 

max  1% 

These  numbers  apply  to  the  digital  outputs.  The  system  is 
equipped  with  an  ARINC  429  databus  and  optionally  with  a  synchro 
interface.  On  the  ARINC  429  databus  the  following  labeled  output 
data  are  available: 

Magnetic  Heading 

Pitch  and  Roll  Angle 

Body  Pitch  and  Roll  Rate 

Body  Yaw  Rate  or  Pseudo  Turn  Rate 

Platform  Heading 

Discretes 

As  an  input  to  the  system  is  necessary: 

Flux  Valve  Input 
Discretes 
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The  allowed  input  ranges  for  body  angles  and  rates  are: 


pitch 

+/- 

90“ 

roll 

+/- 

180“ 

heading 

0  - 

360“ 

body  rates 

+/- 

2000“/S 

Alignment 

Pre-flight  alignment  is  performed  automatically  after  switch  on 
of  the  system.  Valid  data  are  available  30  seconds  after  switch 
on.  The  alignment  can  be  executed  during  flight  as  well  as  on  the 
ground.  During  an  in-flight  alignment  procedure  the  aircraft 
must  fly  straight  and  level. 


Magnetic  Field  Sensor 

A  standard  flux  valve  magnetic  sensor  unit  (MSU)  is  used  for 
augmentation  of  the  ^AHRS.  The  excitation  of  such  a  sensor  can 
be  delivered  from  the  system.  The  appropriate  output  is  avail¬ 
able.  For  flights  in  regions  with  strong  magnetic  anomalies,  the 
MSU  input  can  be  removed  by  a  compass  controller  and  the  system 
then  operates  in  the  DG  mode.  The  input  for  the  compass  control¬ 
ler  is  available  in  the  system. 

Calibration  of  the  MSU  is  performed  automatically  by  the  4AHRS. 
For  this  procedure  the  pilot  has  to  fly  a  special  maneuver  which 
takes  4  minutes  maximum.  The  calibration  data  which  are  calculat¬ 
ed  during  the  maneuver  are  stored  in  a  special  MSU  calibration 
memory.  This  CALPROM  is  an  external  module  which  is  plugged  into 
a  connector  on  the  frontpanel  of  the  unit.  The  module  is  linked 
to  the  tray  and  in  case  of  removal  of  the  fiAHRS  from  the  aircraft 
this  calibration  memory  can  easily  be  transferred  to  another 
system.  A  new  calibration  routine  of  the  MSU  is  not  necessary 
after  change  of  AHRS  boxes. 


LCR-93/UAHRS  System  Design 


The  function  of  this  system  is  the  provision  of  pitch,  roll  and 
stabilized  magnetic  heading  for  use  by  aircraft  displays  and 
other  avionic  systems.  Additionally  to  the  LCR-92  this  system 
provides  linear  acceleration.  The  system  comprises  three  axes  of 
micromechanical  accelerometers  which  replace  the  two  axes  level 
sensors . 

The  system  has  inputs  from  the  magnetic  sensor  unit  (MSU),  the 
air  data  computer  (ADC)  and  from  two  VOR/DME  stations.  By 
processing  these  data,  the  LCR-93  delivers  the  aircraft  ground 
speed,  wind  speed,  wind  direction, flight  path  angle,  drift  angle, 
track  angle  and  NS-,  EW-velocity. 

The  system  has  three  modes  of  operation: 

-  alignment 

-  normal  mode 

-  DG  mode 

-  basic  mode 

-  compensation  mode 


The  system  automatically  performs  the  alignment  routine  after 
switch-on  in  two  phases.  Phase  one  fulfills  self test  functions 
and  coarse  alignment.  After  30  seconds  valid  body  rates, 
accelerations,  attitude  and  heading  data  are  available.  Phase  two 
of  the  alignment  with  the  specified  accuracies  is  completed  after 
further  30  seconds. 

The  normal  mode  requires  true  airspeed  data  and  magnetic  heading 
input  for  augmentation. 

The  directional  gyro  mode  (DG  mode)  is  activated  whenever  the 
discrete  input  to  the  system  is  set  to  the  DG  position.  The 
magnetic  heading  augmentation  is  deactivated  in  this  case.  The 
heading  output  of  the  system  is  subject  to  the  gyro's  drift 
error-  The  switch  is  also  activated  by  software  to  disable  the 
input  when  erroneous  magnetic  heading  data  are  detected. 

If  true  airspeed  data  are  not  available  the  system  will  automati¬ 
cally  revert  to  the  basic  mode.  The  basic  mode  affects  the 
accuracy  of  the  pitch  and  roll  angle  output. 

As  described  for  the  LCR-92  unit  the  magnetic  sensor  unit  (MSU) 
has  to  be  calibrated  in  the  aircraft.  The  calibration  routine  and 
calculation  of  the  compensation  coefficients  is  performed  in  this 
operation  mode.  The  coefficients  are  stored  in  the  MSU-CALPROM 
module. 


The  family  of  Inertial  Measurement  Units  as  described  above 

have  applications  in  the  following  areas: 

LFS-90 

The  LFS-90  is  a  three  axis  rate  gyro  unit  for  flight 
control  or  damping  applications.  It  has  been  developed  for 
an  RPV  program  in  Germany.  The  performance  parameters  and 
the  small  size  fulfill  the  reguirements  of  drones,  missiles 
and  comparable  applications.  The  size  and  the  weight  of  the 
unit  make  it  one  of  the  roost  attractive  devices  on  the 
world  market. 

LFS-92 

This  IMU  is  similar  to  the  LFS-90  but  has  in  addition  three 
micromechanical  accelerometers.  The  fiber  optic  gyros  have 
a  lower  drift  error  compared  to  the  LFS-90  gyros.  The 
application  of  this  system  is  the  high  accuracy  flight 
control  where  acceleration  data  are  required.  The  small 
size,  low  power  consumption  and  low  weight  are  attractive 
parameters  which  fulfill  all  typical  requirements  of  RPV's 
and  other  aircraft. 

LFS-93 

This  single  axis  fiber  optic  gyro  unit  is  the  ideal  sensor 
for  most  rate  gyro  applications.  Its  closed  loop  operation, 
short  switch-on  time  and  digital  interface  makes  it  a 
powerful  instrument  for  a  large  variety  of  users.  Today 
this  instrument  is  installed  in  a  navigation  system  of 
autonomous  guided  vehicles  for  factory  transportation 
equipment . 

LCR-92/*iAHRS  and  LCR-93//iAHRS 

The  /lAHRS  is  a  low  cost,  low  weight  and  small  size  Fiber 
Optic  Inertial  Measurement  System  which  delivers  attitude 
and  heading  information  for  aircraft  avionic  systems  and 
can  replace  conventional  VG/DG  installations  in  aircraft. 
These  systems  are  designed  primarily  for  use  in: 

trainer  aircraft 
utility  aircraft 
business  turboprop 
commuter  aircraft 
lightweight  helicopters 


The  digital  output  and  optional  synchro  output  meet  the 
requirements  of  modern  digital  avionic  systems  as  well  as 
conventional  analogue  installations. 
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ACCELEROMETRE  SILICIUM  POUR  A.H.R.S.  ET 
SYSTEMES  HYBRIDES  DE  NAVIGATION 


J.  LECLERC  A.  DEFOSSE  O.  LEFORT 

SEXTANT  AVIONIQUE 
25,  Rue  Jules  Vtdrines 
26027  VALENCE  CMex 
FRANCE 


RESUME 

La  soci6t6  SEXTANT  Avianique  possMe  une  large  gamme 
d'acc6l6roinitres  pour  ies  diffirentes  applications  de 
Navigation  .  Depuis  1980,  un  souci  constant  d'adtquation 
au  besoin  a  conduit  SEXTANT  Avionique  i  d^vetopper  des 
capteurs  micro-usinds  et  en  particulier  des  acedidromdtres  . 
Plusieurs  types  de  matdriaux  ont  dtd  utilisds  et  nous 
exposons  Ies  raisons  du  choix  du  silicium  pour  Ies 
ac^ldromdtres  destinds  aux  AHRS  . 

L'architecture  de  I'accdldroindtre.  Ies  technologies  utilisdes, 
les  modes  de  fonctiormement  sont  dderits . 

Ensuite  sont  ddveloppdes  les  performances  actuelles  des 
diffdrents  types  d'acedidromdtres  silicium,  ainsi  que  leur 
domaine  d'application . 

En  conclusion,  les  perspectives  &  plus  long  terme  sont 
dvoqudes. 


LISTE  DES  SYMBOLES 

g  :  Accdldradon  de  la  pesanteur  (9,8  m/s^) 

E  :  Module  d'dlasticitd  d'un  matdnau  (  Young  ) 

( NAnm2 ) 

y  x,y,z  :  Accdldrations  lindiques  suivant  les  trois  axes 
de  I'accdldromdtief  m/s2 ) 

O  x,y,z  ;  Vitesse  angulaire  suivant  ces  mSmes  axes 
(rad/s) 

£  0  :  Permittivitd  didlectrique  du  vide  ( F  /  m  ) 

do  :  Distance  moyenne  inter-dlectrodes  (pm) 


INTRODUCTION 

La  socidtd  SEXTANT  Avionique  possdde  une  large  gamme 
d'acedidromdtres  pour  les  diffdrentes  applications  de 
Navigation  et  de  Conduile  du  vol . 

Elle  fabrique  un  nouveau  type  de  cenuales  de  navigation  et 
de  pilotage,  les  AHRS  "  Attitude  and  Heading  Reference 
Systems  '  qui  utilise  de  manidre  optimale  les  diffdrentes 
mesures  de  position  et  de  mouvement  d'un  mobile  dans 
I'espace,  accdleromdtres,  gyromdtres.  andmomdtres, 
ma^tomdtres  ainsi  que  les  mesures  de  position  optiques 
ou  radiodlectriques  ;  Radar  DOPPLER,  Rdeepteur 
OMEGA,  G.P.S. 


Ces  centrales  profitent  du  savoir  faire  spdciflque  de  la 
socidtd  dans  les  domaines  de  I'andmobarorndtrie,  la 
magndiomdtrie  et  les  techniques  de  centrales  inertielles 
tides 

L'application  de  ce  concept  aux  dquipements  de  I'an  2(X)0 
se  ^it  d'intdgrer  les  technologies  de  rdalisauon  de  capteurs 
les  plus  prometteuses . 

Cest  ainsi  que  pour  le  systdme  de  rdfdrence  de  navigation 
de  rhdlicoptdre  TIGRE,  dans  un  souci  constant 
d'addquation  au  besoin,  ont  did  ddveloppds  le  Gyrolaser 
Triaxial  PIXYZ  et  le  Micro  ACcdldromfctre  Silicium 
MACSI0. 

Ce  demier,qui  sera  I'objet  de  cetie  prdsentation,  est 
particulidrement  reprdseniatif  de  I'dvolution  des  micro- 
technologies  appliqudes  h  la  rdalisation  de  capteurs  .  II  a 
dtd  ddveloppd  avec  I'aide  du  C.S.E.M.  (Centre  Suisse 
dElecuonique  et  de  Microtechniques). 

DESCRIPTKDN  DU  BESOIN 

L'  AHRS  foumit  principalement  les  informabons  de  cap  et 
d'aiiitude  ndeessaires  au  pilotage  et  d  la  navigabon  et  les 
informabons  de  viiesse  angulaires  et  d'acedidrabon  pour  le 
pilote  auUMTiauque  . 

-Un  ensemble  capteurs,  composd  de  capteurs  gyromdiriques 
et  acedidromdiriques  permet  de  mesurer  les  vitesses 
angulaires  et  les  actdldr^ons  du  poneur. 

-Un  ensemble  algorithmique  AHRS.  basd  sur  celui  d'une 
Plateforme  Inertielle  Pure,  rdalise  les  traitements 
concemant  la  plate-forme  virtuelle  (calcul  des  angles 
d’aoitude  par  inidgrabon  des  vitesses  angulaires,  calcul  des 
vitesses  et  posibons  par  intdgrabon  des  acedidrabons  ). 
Cependant,  les  techniques  d'hybridauon  de  la  plateforme 
avec  des  informations  compldmentaires  permettent 
d'ubliser  des  capteurs  plus  simples  et  de  limiter  la 
ddgradabon  des  performances  dans  le  temps. 

•  Hybridabon  en  cap  magnduque  avec  le  magndiomdtre 

•  Hybridabon  en  vitesse  air  ou  sol  par  andmomdthe  ou 
ra^  Doppler 

•  Hybridabon  en  posibon  Omega  ou  GPS, 

Cette  ouverture  au  niveau  des  caraetdristiques 
mdtrologiqucs  a  amend  SEXTANT  Avionique  ^ 
reconsiddrer  la  fonciion  acedidromdtrie  Les 
accdldromdtres,  moms  performants  que  les  acedidromdtres 
de  classe  inertielle,  devaient  toutefois  dtre  moins 
encombranLs  et  moins  couteux  . 


a 
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Les  caract^ristiques  de  ceux-ci  sont  briiveineni  ddcriies  ci- 
apris . 

Eiendue  de  Mesure  :  4  &  20  g 
Eireur  de  biais  :  :  10 E.M. 

Eireur  de  bcieur  d'dchelle  :  S  .  10'^ 

Elies  devront  itre  garaniies  dans  (out  le  domaine  de 
vibration,  lempdratuie  et  dans  le  temps  . 

L'optimisaiion  des  couts  a  conduit  SEXTANT  Avionique  i 
consid6rer  les  micro-technologies  pour  d^velopper  un 
nouveau  type  d'accdldromtoe . 

LES  MICRO-TECHNOLCWIES 

Les  micro-technologies  ont  rendu  possible  la  conception  et 
realisation  de  d^tecteurs  iris  petits  qui  utilisent  les 
excellenies  proprietes  mdcaniques  du  silicium  ou  du  quaru. 
-Encombrement  rdduit  gr^ce  aux  techniques  de  la 
microeiectronique  ;  Les  procddds  de  gravure  anisotropique 
suivant  les  directions  cristallines  bien  ddfinies  assocides 
aux  techniques  de  photolithographie  permettent  la 
realisation  collective  de  motifs  mdcaniques  complexes  et  de 
faible  dimension  . 

•  Grice  i  leur  constitution  mono-cristalline,  le  quartz  et  le 
silicium  presentent  une  hysteresis  faible  et  une  stabilite 
mecanique  eievee . 

-  Integration  du  tiaitement  du  signal  sur  un  meme  hybride 
ou  une  meme  puce  car  le  detecteur  et  son  eiecttonique  sont 
de  meme  nature  ou  ndcessitent  les  memes  techniques  de 
connexion . 

■  Disponibilite  des  maiieres  premieres  et  maturite  des 
precedes  technologiques  derives  des  technologies  de  la 
microeieciionique . 

-  Et  surtout  ,  reduction  drastique  des  couts  grice  aux 
techniques  d'usinage  collectif . 


CHOIX  DU  MATERIAU 


Le  quartz  est  un  materiau  traditionnellement  utilise  pour 
ses  qualites  mecaniques  et  de  stabilite  (resonateurs, 
references  de  frequence,  tube  de  Bourdon)  .  II  est  done 
particulierement  adapte  i  la  realisation  de  capteurs . 

Le  silicium  a  toutefois  des  proprietes  intrinseques;  module 
d'eiasticite,  derive  en  temp^ture  et  stabilite  ^uivalenis  i 
ceux  du  quartz . 

Leurs  principales  caracteristiques  sont  regroupees  dans  le 
tableau  ci-dessous  .  Les  stabilites  mecaniques  du  quartz  et 
du  silicium  y  sont  comparees  par  I'iniermediaire  de  la 
stabilite  en  frequence  dans  le  temps  de  resonateurs  realises 
dans  ces  memes  materiaux  . 


E 

dE/E  X  dT 

DVf 

(  N/mm2  ) 

(K-') 

SILICIUM 

1,66E  11 

-85E-6 

3E-5 

QUARTZ 

0,9E  1 1 

-47E-6 

^0 

Les  qualites  mecaniques  du  quartz  peuvent  cependant  , 
suivant  son  utilisation,  etre  affeciees  par  les  depAts 
metalliques  rendus  necessaires  par  le  fait  qu'il  est  isolant . 
Ses  proprietes  piezo-eiectiiques  peuvent  etre  un  atout  pour 
la  conception  de  capteurs  e  resonateur  . 

Le  silicium  permet  d'utiliser  des  materiaux  et  outils  de 
fabrication  communs  e  ceux  de  la  microeiectronique  done 
moins  chers,  et  des  technologies  de  masquage  plus  simples 
que  pour  le  Quarc  . 

L'impossibilite  de  definir  des  arrAts  de  gravure  dans  le 
quartz  rend  le  contrdle  de  l  epaisscur  de  certains  proHls 
(membranes,  bras  de  suspension)  impr6cis  car  seui  contrdM 
par  le  temps  de  gravure  . 

De  plus,  la  possibility  d'intygration  de  lyiectionique  de 
traitement  du  signal  sur  le  dytecteur  silicium  ne  peut  itre 
6canye . 

En  conclusion,  le  quartz  et  le  silicium  sont  deux  matdriaux 
utilisables,  par  leurs  caraetdristiques  mdcaniques,  par 
ailJeurs  assez  voisines,  pour  la  rdalisation  de  capteurs  . 

En  fait,  le  choix  du  matdriau  indue  beaucoup  sur  la 
conception  du  ddiecteur  .  Ainsi,  ce  sont  le  domaine 
d'application  et  les  diffdrentes  contraintes  techniques  et 
dconomiques  qui  imposent  un  argument  plutdt  qu'un  autre 
et.  finalement,  le  choix  de  la  dlidre  technologique  pour  la 
idalisation  du  capteur. 


CONCEPTION  DU  DETECTEUR 

Le  silicium  permet  globalement  ,  dans  le  cas  qui  nous 
prioccupe,  d'envisager  des  couts  de  production  moins 
iievis. 

La  structure  est  construite  par  assemblage  de  cinq  plaques 
de  silicium  et  de  verre  par  soudure  anodique  sous  pression 
et  nature  de  gaz  coniroldes.  Le  verre  assure  I'lsolation 
dlectrique,  le  silicium,  Idgdrement  dopd,  les  fonctions 
mdeaniques  et  dieciriques . 

La  tranche  de  silicium  centrale  est  usinde  par  gravure 
anisotropique  dans  une  solution  aqueuse  de  potasse  pour 
ddfinir  une  masse  sismique  maintenue  par  des  bras  de 
suspension  . 

A  proximity  des  deux  faces  de  la  masse  sismique,  des 
dlectrodes  sont  ddposdes  sur  le  verre  et  dyrmissent  ainsi 
deux  condensateurs  dont  les  variations  suivant  la  position 
de  la  masse  sismique  sont  opposdes,  permettant  la 
ddtection  de  la  position  de  la  masse  . 

La  figure  1  montre  un  dytecteur  dclaty  et  sa  masse 
sismique. 

La  masse  sismique  peut  dtre  suspendue  de  deux  manidres 
diffdrenies  dyrinissani  deux  versions  de  ddtecteurs  dont  la 
sensibility  pourra  dtre  ensuite,  adaptye  au  besoin  en 
changeant  la  section  des  bras  . 

Les  deux  conngurauons  sont  illustrdes  en  Fig.  2  et  3 
L'analyse  a  dty  mende  avee  diffdrentes  dtendues  de  mesures 
pour  les  versions  "Deux  bras"  et  "Quatre  bras" . 


J 


do+^ 


Fig.  1  D<iecteur  MACSI  © ;  fclait 


Uasse  d'inertie 


Pour  le  module  ’Deiu  bras' 

SC-  K  1  Y,  »T|,  *kj  Y,  k,  Y,’  *  kj  Y,’  r,  y,  ♦  ».  O, 

.  a  .  n  0,1 

Pour  le  modble  ‘Quaire  bras' 

6C-  K  I  Y.  '  k,  t/  -  k,  Y.’  +  («,  *  «,) 


Fig.  2  Version  "Deux  bras" 


Fig.  3  Version  "Ouarre  bras' 

Le  signal  utile  est  la  difference  de  capacitds  SC=Ci  -  C2 
entre  la  masse  sismique  et  les  deux  electrodes  (Fig.  4).  11 
s'exprime  comme  une  fonction  de  I'acceieration  appliquee 
au  ^tecteur  suivant  les  axes  X  ,Y,  Z,  et  les  rotations 
autour  de  ces  mbmes  axes,  en  I'absence  de  forces 
eiectrostatiques . 


•  a,  (  O.’  .  O/)  *a,  1  (O,  0,1’  *(0.  O, )’  1  1 

avec  YX.  fy,  yi,  les  accelerations  suivant  I’  axe  sensible,  et 
les  axes  perpendiculaires 

Qx,  Cly,  Qz,  les  vitesses  de  rotation  suivant  ces  axes  . 

Dans  le  tableau  Tab.  1  soni  comparees  les  valeurs  de  ces 
differents  coefficients . 

(Caracteristiques  en  bouele  ouverie ) 


Eiendue  de  mesure 

0.1  g 

0.1  g 

30g 

30g 

Nombredebras 

2 

4 

2 

4 

K  (pF/g) 

26 

26 

0,085 

0.085 

ky(-) 

6E-4 

0.08 

6E-4 

0 

k2(g-l) 

0.18 

0.08 

5.8E^ 

2.6E4 

k3(g-3) 

1,55 

1.15 

1.6E-5 

1.25E-5 

kzy  (g-l) 

l,3E-3 

0 

4,4E-6 

0 

ax  (pg/rad/s2) 

22 

0,15 

22 

5E-4 

ay  (pg/rad/s2) 

0 

0.15 

0 

5E4 

al  (jig/(rad/s2)2) 

0 

2,2E-5 

0 

7E-8 

ayz  (jig/(rad/s)2) 

21 

0 

21 

0 

a2  (jig/(rad/s)4) 

0 

2,2E-5 

0 

7E-8 

Tab.  I  componement  des  deux  detecteurs 

La  version  quatre  bras  se  caracterise  par  un  couplage  d'axe 
kzy  inexistant  et  une  sensibilite  it  la  rotation  moindre  . 
Ceci  definit  les  caracteristiques  mecaniques  du  detecteur 
envisage.  Les  performances  calcuiees  sur  ces  deux  types  de 
detecteur  ne  pcrmetient  loutefois  pas  d'envisager  leur 
ubbsation  pour  des  applications  acceiero  AHRS. 
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L'asservissemeni  de  la  masse  i  deviation  nullc  par  une 
boucle  de  position  amoiitdni  I'  influence  des  difauis  et 
d^ves  mdcaniques  et  appone  une  amilioration  imponanie 
de  la  piteisicn  du  capteur. 

La  polarisation  de  ces  Electrodes  permet.  par  ailleurs,  la 
crEation  de  forces  Electrostatiqurs  assuram.  avec  I'aide  d'une 
Electronique  d'asservissement ,  le  maintien  de  la  masse  ^ 
position  fixe,  sans  dtspositif  supplEmentaire  comme  un 
circuit  magnEtique  et  du  aimanis  . 

F  -  K  1  ,  V,=  -V,^,  .  ,  I.  K- 

avec  V 1  et  V2  les  tensions  entre  les  Electrodes  et  la  masse 
sismique. 

Le  lerme  K(Vi2  -  reprEsenie  la  force  de  rappel 
exercEe  par  l'asservissemeni  et  le  terme  K(Vi2  -  V22)  x 
2z/do  peut  Eire  assimilE  ^  une  raideur  de  telle  sorte  que  la 
raideur  mEcanique  du  systEme  puisse  Eire  rEglEe.  En  effei, 
la  frEquence  de  rEsonnance  du  sysiEme  f=  1/2  itlflCioi  /M  ' 
peui  Eire  ajusiEe  pour  modifier  la  foncuon  de  iransfert 
dynamique  de  I'accElEromEtre  asservi . 

DESCRfPnON  DU  CAPTEUR 

Version  non  asservie  : 

En  fonciionnemeni  en  boucle  ouvene,  la  sensibiliE  de 
I'accEteromEire  esi  dEfinie  par  la  raideur  des  bras  dc 
suspension  et  dEpend  du  dEplacement  auendu  de  la  masse 
soil,  indirectement.  de  la  linEariiE  escompiEe  .  Les 
dEplacemenis  de  la  masse  sismique  sont  mesurEs  au  point 
milieu  du  pont  capacitif  dEfini  par  le  dEiecieur  ; 
(Vou  Fig.  5) . 

Version  asservie  : 

En  fonciionnemeni  asservi,  des  tensions  Vo+Vs  ei  Vq-Vs 
soni  appliquEes  aux  deux  Electrodes  .  Ce  dEcalage  Vq 
permet  de  linEanser  la  lEponse  du  capteur  : 

Vs=4KV(^  X  -yy 

L'information  de  sortie  du  capteur  esi  ainsi  direciement 
accessible  sous  forme  linEaire  analogique  ampIifiEe 
facilement  utilisable  par  le  calculaieur  sans  circuit 
spEcifique  compiexe  d'analyse  de  signaux  . 


L’asservissemeni  permet  par  ailleurs  la  rEduction  dcs 
erreurs  dues  aux  imperfections  mEcaniques  . 

Le  dEplacement  de  la  masse  sismique  devient  nEgligeable  et 
la  non  linEantE  du  capteur,  done  les  erreurs  de  recuficauon. 
faibles  .  Le  couplage  d'axe  kzy  est,  par  ailleurs.  annulE  . 
La  bande  passante  du  capteur  esi  facilcmeni  ajusiEc  en 
iniEgrant  un  filtre  dans  la  toucle  d'asservissemeni . 

(voir  Fig.  6  ) 


Fig  5  Capteur  nor.  asservi 


Fig  6  Capteur  asservi 


REALISATIONS  ET  RESUt  r,\rs  CBTENUS 

Une  version  asservie  dc  MACSI  ©  est  en  cours  de 
dEveloppemcni.  pour  le  besom  A.H.R.S  pour  application 
hElicoplEre,  portcur  doni  l  environncment  vibrawire  est 
particuliEremcnl  sEvErc. 

Cel  accEIEromElrc  rEalisc  un  compromis  enirc  un 
comportcmcnl  trEs  amorti,  permcttani  u  Eviier  les  erreurs  dc 
recuficaiinn  et  une  bande  passante  ElevEc  Cc  pioblEmc  est 
paruculiEremeni  unponani  car  le  niveau  dc  vibration  du 
poneur  est  bien  supEneur  E  cclui  dc  I  accElEration  statique 
Par  ailleurs.  les  problEmcs  dc  packaging,  report  dc 
dEtecieur  sur  subsiral  cEramique.  prEcision  i^e 
posiuonnemcnt  el  siabilitE  de  la  laison.  stabdiiE  devani  la 
pression  ambianie  cl  sunoui  tenuc  et  stabiliiE  en 
lempEraturc  oni  EiE  opumisEs  pour  cette  application  . 

Les  lEsuliats  obienus  sont  rEsumEs  par  les  courbes  dc 
prEcision  (fig.  7)  cl  stabiliiE  court  terme  (fig.  8) . 


COMCLUSION 
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RESUME 

ULISS  NG  est  une  cenlrale  de  navigation  Ineriie  GPS, 
concret  sant  la  synergie  entre  Inertie  et  GPS  ei 
aboulissant  a  un  bon  compromis  coot  performances 
Elle  appartienl  a  la  lamille  ULISS  qui  equipe  de,a 
differents  types  d'avions.  Son  recepteur  GPS  integre. 
miniaturise  douze  canaux  code  P  est  compose  d'un 
module  radio  frequence  et  d'un  module  de  traitement 
numdnque  et  reprdsente  au  total  0.7  I.  0.7  kg  et  12  W 
La  poursuite  en  parallele  des  satellites  conduit  4  une 
precision,  une  continuity  et  un  hssage  maximum  de  la 
navigation,  tout  en  minimisant  le  temps  de  reaction  et  la 
taille  de  I'horloge 

Le  couplage  serre  Inertie  GPS.  c'est-a-dire  une  aide 
inertielle  directe,  associee  a  un  filtre  serre  de  navigation 
(Kalman),  a  ete  congu  pour  optimise!  les  capacites 
operationnelles,  les  performances,  ainsi  due  la  stability 
de  la  solution  de  navigation 

Quatre  versions  du  recepteur  GPS  embarquy  ont  yty 
dyveloppyes  G  A  SPS,  C  A-PPS  et  P(Y)L1  et 
P(YjLi  L2 

C'est  la  version  code  P(Y)  bi-fryquence  qui  est 
prdsentye  dans  cet  article 

Des  essais  en  vol,  sur  chasseur  Mirage  III.  vont  etre 
effectuds  au  Centre  d'Essais  en  Voi  de  Brytigny  (CEV)  a 
parfir  du  mois  de  mai 


ABSTRACT 

ULISS  NG  IS  an  Inertia  GPS  unit  and  an  interesting 
example  of  INS  GPS  synergy  and  performance/cost 
trade-off  It  belongs  to  the  ULISS  family  of  INS  already 
lilted  to  a  numper  of  different  aircrafts  Its  miniaturized 
code  twelve  channel  embedded  receiver,  with  its  RF  and 
digital  modules,  totals  0,7  I.  0,7  kg  and  12  W 
Its  parallel  tracking  maximizes  navigation  continuity, 
smoothness,  accuracy  and  minimizes  reaction  time  and 
oscillator  size 

The  tight  Inertia  GPS  coupling,  le  tight  mertial  aiding 
and  tight  hybrid  navigation  Kalman  filter,  has  been 
designed  to  favour  operational  capabilities, 
performance  and  solution  stability 
Four  versions  of  trie  SAGEM  embedded  GPS  receiver 
have  been  developped  G  A  SPS,  C/A  SA  PPS  and 
P(Y)L1and  P'Yil  1 12  The  P  code  version  is  presented 
in  the  paper 

Flight  tests  are  being  conducted  on  a  Mirage  III  at  the 
French  Official  F'lght  Test  Center  of  Bretigny  starling  in 
May 

1  -  INTRODUCTION 

Bien  des  choses  ont  ete  ycr-tes  sur  I'exceptionneHe 
compiymentarite  du  GPS  et  de  I'lnertie.  sur  les  multiples 
niveaux  possibles  d'mtegration  maiyriei  iogiciel  et  sur  le 
compromis  correspondanl  entre  I'efficaciiy  de  la 
synergie  et  le  rapport  parformances/cout  Amsi,  nous 
n'entrerons  pas  dans  le  dytail  de  ces  sujets,  par  ailleurs 


dyveloppys  dans  de  nombreuses  publications 
(cf  ryiyrences  [2).  [3],  [6],  [8],  [12]) 

En  resume,  cette  compiemeniariiy  exceplionnelle  vient. 
d'une  part,  de  la  tres  bonne  preciS'On  a  long  lerme  du 
GPS  (position  tridimensionnelte  et  vilesse)  et.  d'autre 
part,  de  la  grande  bande  passante  et  de  la  trys  bonne 
precision  a  court  terme  de  i'lnertie  (position 
tridimensicnneiie,  vitesse  et  accyieration) 

Elle  provient  aussi  de  leur  ygaie  et  remarquable 
couverture  de  toute  la  pianete.  24  heures  sur  24.  grace 
a  Tautosuffisance  et  Timmunite  au  brouillage  de  TInerlie 
(contrairemenl  au  GPS)  et  grace  aux  informations  de 
temps  donnyes  par  GPS  et  d'attitude  donnees  par 
I'lnertie 

Les  diffyrenls  niveaux  possibles  d'mtygration  matyrielle 
ou  logiciels  vont  de  la  fourmture  d'yquipements 
separes.  GPS  et  centrale  mertielle.  a  une  complete 
integration  dans  un  ensemble  unique  ou  un  seui  filtre  de 
Kalman  adaptatif  peut  controler  a  la  fo'S  les  canaux 
GPS  et  la  navigation  hybride 

Entre  ces  deux  extremes,  la  synergie  va  d'un  minimum  a 
un  maximum,  bien  que  cette  derniere  hmite,  pour  idbale 
qu'eiie  soil,  puisse  conduire  a  une  solution 
pratiquement  irryalisable 

Le  rapport  performances'cout  et  le  compromis  sur 
Tefficacity  de  la  synergie  se  porte  generalement  sur  ■ 

-  les  performances,  c'est-a-dire  la  prycision,  la 
rysistance  au  brouillage,  les  capacites  d'yvolutions 
dynamiques  (probleme  de  masquage  d'anlenne),  la 
dynamique  maximale  (facteur  de  charge),  les 
interruptions  GPS.  les  possibilitbs  d'alignement 
inertiel  rapide  en  vol  ou  a  la  mer 

-  les  coniraintes  d'mstaliation  dans  un  abronef  le 
nombre  d'yquipements,  les  encombrements,  le  poids. 
la  consommation,  la  charge  bus  ainsi  que  la  plus  ou 
moms  grande  facility  de  validation  et  de  test. 

-  le  controle  d'lntygniy,  la  fiabilite,  la  robustesse,  la 
redondance,  ia  stability  de  la  solution  de  navigation 
hybnde 

Cet  exposy  a  pour  objet  de  prysenier  la  centrale 
Inertie.'GPS  ULISS  NG.  qui  est  un  example  mieressant 
de  Tefficacity  de  la  synergie  et  d'un  excellent  rapport 
performanc-  s'eout  Les  sous-ensembles  Inertie  et  (jPS 
sont  ddcrils  en  detail  dans  les  paragraphes  2  et  3.  Le 
paragraphe  4  prysente  le  couplage  serry  choisi  pour 
tirer  le  meilleur  parti  possible  de  la  synergie  INS.GPS 
Le  paragraphe  5  iraite  des  essais  en  vol  sur  avion  de 
combat  Mirage  III 

2  -  "TOUT  EN  UN  "  : 

INTEGRATION  PHYSIQUE  INERTIE-GPS 

2.1  NOUVELLE  OPTION  DANS  LA  FAMILLE 
ULISS 

La  centrale  Inertie  GF’S  ULISS  NG  (figure  1)  presente 
Toption  GPS  au  sein  de  la  famil'e  des  centrales 
mertielles  ULISS  La  technologie  ULISS  a  yty  congue 
afin  de  repondro  a  une  gamme  d'applications  allant 
d'une  simple  centr.ile  inertielle  de  navigation  y  ceile 


d'uno  coniralo  do  navigniion-aiKiquo  Sa  conception  a 
abouli  A  d'oxcollontos  portormancos  mertielles,  une 
•labiliiP  et  une  mnintenabilitP  remarquable,  ainsi  qu’une 
grande  facihlb  d'ml6gration  tonctionnelle  et  une 
souplesse  d'adaptation  et  d'installaiion 


liguw  f  Syslumu  inoilioXjPS  ULISS  f^G 

La  meme  technologie  de  haut  niveau  d'intPgration  est 
utilis^e  par  las  ditfdrentes  versions  de  la  famille  ULISS. 
doni  1200  exemplaires  sont  actuellement  en  service  sur 
quatorze  types  d'avions  difidrents  dans  douzo  lorcos 
aeriennes  el  a^ronavales.  Quelle  que  soi!  la  version,  le 
format  (3/4  ATR)  et  le  poids  (16  Kg)  restent  identiques 
Le  coaur  merliel  et  plus  de  80  %  des  modules 
diectroniques  sont  commons  i  touto  la  (amille 
La  technologie  ULISS  s'appuie  sur  une  conception 
modulaire  nettement  orientde  logiclelle.  sur  I'dtat  do  I'art 
en  matidro  d'inertio,  sur  des  options  d'entrdes/sorties 
couvrani  I'onsemblo  des  applications  et  sur  des 
rdsorves  pour  des  options  fuluros.  Le  bloc  diagrammo 
fonctionnel  d'ULISS  NG  est  donnd  figure  2  Dans  le 
memo  equipement  Idger  el  le  faible  volume,  sont 
rassemblds  ■ 

-  le  rdcepteur  intdgrd  GPS  (la  nouvelle  option  ULISS), 

-  le  coBur  inertiel  constilud  d'une  plate-forme  a  cardans, 
miniature  et  pertormante.  utilisant  I'dtat  de  I'art  en 
malidre  de  gyroscopes  secs  accordds  (S  040)  et 
d'accdidromdtres  secs  (A  310), 

-  I'dlectronique  du  coeur  utilisant  des  composanis  VLSI 
el  micro-dloctroniquos, 

-  le  calculateur  do  navigation,  d'une  puissance  do 
1  MIPS,  doni  les  lonclions  mdmoiro  ot  calcul  sont 
disponibles  pour  des  fonctions  autros  que  la 
navigation  inertielle, 

-  I'dlectronique  d'onirde/sortio  capable  do  difidrontos 
tnlorlaces  standards  telles  que  des  bus  multiplexes 
d  1  Mbits,  type  1553  ou  Digibus,  bus  ARINC  ot  dbs 
entrdos/sortios  analogiques  ou  discretes, 

-  I'alimonlation  des  fonctions  prdcddonlos. 

l  a  figure  2  montre  auooi  lea  dilldronlos  sorties 
disponibles  inortlo  pure,  GPS  pur  ot  aidd,  navigation 
hybrlde. 

ULISS  NG  osl  dquipd  d'un  cOble  coaxial  de  liaison  avec 
I'ontonne  OPS  qui  pout  dtro  ooit  une  nnionno  lixo  nvoc 
non  prdamplillcolour  faible  bruit  ou  une  anlonne 
adtiplatlvo  nvoc  non  modulo  dlnctroniqiie  do  contrdle 
Dans  I'dloctronlquo  du  oyntdmo.  Ion  deux  modulon  Rl-  ot 
trailomoni  nurndriquo  du  rdcoplour  OPS  sont 
somblablns  au*  •  ''ros  modules  dtoclroniqims  de  l.i 


contrale  ot  ne  roprdsontont  que  15%  du  volume 
dloctroniquo  total  lls  sont  ddcnls  au  paragrapho  3 


f/guro  2  Bioc  dUQfAmmo  m  uouc}  stnipiihti  (Ik-  ILfL  fSS  NG 


2.2  UN  EQUIPEMENT  "TOUT  EN  UN” 

ULISS  NG  ddmontre,  par  sa  taille  el  son  faible  poids, 
que  le  concept  "Tout  on  un"  permet  d'oblenir  une 
synergic  matdnello  INS/GPS  remarquable,  sans 
comparaison  avec  une  solution  d  ensembles  sdpards 
La  rdduclion  dans  un  rapport  2  du  nombre  des 
equipements  apporte  presque  le  meme  taux  da 
rdduclion  drastiquo  pour  les  volumes,  le  poids.  la 
consommation  ot  la  charge  bus.  el  coci  prdsento  un 
intdret  tout  particulier  pour  los  adronels  de  haute 
performance 

Dans  le  cas  des  modernisations  d'avions.  I'msiallation 
do  I'option  GPS  dovioni  quasimont  'indolore'  (exception 
faite  de  I'lnstallation  anienno  qui  est  d  laire  dans  lous 
les  cas)  dans  la  mosuro  ou  I'oncombrement. 
avec  ou  sans  GPS.  est  le  memo. 

La  validation  globalo  du  systdmo  avion  le  lest  el  les 
dchangos  d'intormnlions  sur  le  bus  sont  grandemeni 
simplifies 


3  •  UN  RECEPTEUR  EMBAROUE 
"TOUT  EN  VUE" 

3.1  CRITERES  GENERAUX  DE  CONCEPTION 

L'architecture  du  rdceptour,  illustrde  figure  3,  est  issue 
de  la  prise  en  compie  des  besoms  utilisateurs 
(performance,  intdgritd  et  flexibilitd  dans  un 
onvironnement  do  dynamique  ot  de  brouillage  sdvdre) 
ot  do  I'utilisation  d'une  technologic  modorno  trds 
intdgrdo.  Los  points  torts  sont  los  suivants . 

•  Poursulta  paralldle  "Tout  en  vue". 

L'oxprossion  maintonani  lamilidro  de  "tout  on  vue* 
ddsigno  la  possibilild  du  rdcoptour  GPS  do  poursulvre 
toua  los  satollitos  visiblos  Avoc  le  ddplolomont  de  la 
constollation  do  vingt  ot  un  satellites  ot  plus,  jusqu'd 
onzo  satollitos  pourront  dtro  visibles  on  un  point  donnd 
I  n  consdquonco,  il  o;.l  r.ouliailablo  do  disposer  d'autant 
do  nanaux  phyr.iquns  mddpnndanls  quo  do  satollitos 
vi-.iiblos  aim  do  litindlitlor  ,iu  maximum  dor.  informations 
disponibles 


►■ASVi.S  iJNJ 


figure  3  Bloc  diagramrrre  simphhe  du  recepteur  GPS  iniegre  Code  P 
(douze  canaux  paralleles) 

Le  concept  "Tout  en  vue"  maximalise 

-  la  continuite  et  le  lissage  des  sorties  de  navigation 
(en  effet  dans  les  applications  aeroportees,  les 
satellites  sont  frequemment  masques  en  raison  de 
I'lnclinaison  de  I'avion  dans  les  virages  et  les 
manoeuvres). 

-  la  precision  des  sorties  de  navigation  qui  augmente 
avec  le  nombre  de  satellites  accroches. 

-  la  flabilite  et  I'intdgrite  des  sorties  de  navigation,  dans 
la  mesure  ou  il  reduit  le  temps  de  detection  de 
satellites  en  panne  et  autorise  une  redondance 
materielle. 

La  poursuite  de  tous  les  satellites  visibles  se  fait  par  des 
canaux  physiques,  inddpendants  et  paralleles,  II  n'est 
plus  au|Ourd'hui  besom  de  demontrer  les  possibilites 
bien  superieures  de  la  poursuite  et  du  traitement 
paralldle  synchrone  un  traitement  sequentiel  ou  par 
rapport  a  meme  un  multiplexage  rap  de.  en  termes  de 
rejection  des  interferences  je  dynamique  et  de 
robustesse.  La  poursuite  parailele  minimise  aussi  le 
temps  de  reaction  a  la  mise  sous-tension  ■  sans  qu’il  soit 
necessaire  de  disposer  d'mformations  externes 
(position  ou  temps),  •  grace  a  la  mise  en  oeuvre  d'une 
recherche  initiale  optimisee  et  ('absence  de  delai  de 
prechauffage  de  I'oscillateur  local  Le  besom  de  stabilite 
a  court  terme  de  I'oscillateur  local  est  moindre,  grace  au 
traitement  parailele  qui  permet  en  outre  de  choisir  un 
oscillateur  de  dimension  reduite, 

•  Miniaturisation  et  traitement  presque 
entlerement  digital. 

L'etat  de  I'art  de  la  technologie  permet  un  traitement  du 
signal  GPS  presque  entierement  digital 
C'esI  ainsi  qu'apres  la  conversion  analog'que' 
num^nque  dans  le  module  RF.  tout  se  fait  en 
numerique,  grace  a  I'ulilisalion  de  circuits  ASIC  et 
de-VLSr 

Cette  solution  a  dcs  avantages  evidents 

-  une  grande  miniaturisation  du  recepteur  GPS.  ce  qui 
represente  un  plus  pour  ('integration  INSrGPS. 

-  I'optimisation  du  rapport  signal  a  bruit, 

-  un  fonctionnement  independanl  des  conditions  de 
temperature  et  du  temps  (contrairement  a 
I'analogique). 

-  une  grande  fiabilite. 


-  une  grande  souplesse  de  developpement  et 
d'evolution.  tout  etant  regid  et  controld  par  logiciel. 

La  poursuite  parallels  "Tout  en  vue"  et  la  tres  grande 
miniaturisation  resultant  de  i'utilisation  d'une 
technologie  numerique  tres  mtegree  ont  permis 
d'oblenir  d'excellentes  performances  avec  une 
conception  relativement  simple  dans  un  volume  reduit. 
Ceci  n'aurait  sans  doule  pas  ete  realisable  autrement 

3.2  DESCRiPTiON  MATERiELLE 

Le  recepteur  GPS  (figure  4)  se  compose  de  deux 
modules  differents  un  module  radio  frequence 
bifrequence  et  un  module  digital. 


figure  4  ■  Recepteur  GPS  "Tout  en  vue'  integre 
(0.7 1-0.7 kg  -  12  W) 

Le  module  radio  frequence  (125  x  110  x  30  mm) 
contient  I'dtage  de  rdception  (RF)  et  le  synthetiseur  de 
frequences.  L'etage  de  reception  effectue  pour  chacune 
des  voies  Li  C/A.  Li  (P),  L2  (P)  les  changements  de 
frequence  necessaires.  ('amplification  et  le  filtrage 
jusqu'a  la  frequence  de  base  Les  signaux  sont 
convertis  en  numerique  a  la  sortie  du  module  RF.  Le 
synthet'Seur  delivre.  a  partir  d'un  oscillateur  local,  toutes 
les  frequences  et  les  signaux  d'horloge  necessaires  au 
traitement  des  signaux  GPS,  Un  module  RF 
bifrequence,  d'une  dimension  si  petite,  n'a  pu  etre 
realise  qu'en  utiiisant  les  technologies  RF  de  pointe. 
telles  que  des  amplificateurs  FET  faible  bruit  a  AsGa,  les 
filtres  acoustiques  a  ondes  de  surface  et  la  technologie 
ECL  en  "VLSr  Ces  composants  eiectroniques  ne 
contr’buent  pas  seulement  a  reduire  la  consommation, 
mais  permettent  aussi  d'optimiser  le  rapport  signal 
a  bruit 

Le  module  digital  (i  18  «  156  <  10  mm)  est  double  face 
et  comporte  24  canaux  paralleles  Un  processeur 
unique  est  dedie  au  traitement  du  signal,  au  controle 
des  boucles  el  au  traitement  de  la  navigation  GPS  Les 
transferts  de  donnees  internes  entre  GPS  et  Inertie  se 
font  au  travers  d'une  interface  DMA  directe  qui  minimise 
les  retards  et  autorise  une  datation  precise  qui  aurait  ete 
difficile  a  realiser  avec  des  equipements  GPS  et  Inertie 
separes  Le  choix  d'ASIC  VLSI  en  technologie  CMOS  et 
d'un  processeur  de  signal  numerique  suffisamment 
puissant  ont  aussi  contnbue  a  la  miniaturisation  de 
I'ensemble  et  a  une  laible  c  o  n  s  o  m  m  a  1 1  o  n  . 
Les  caracteristiques  physiques  obtenues  pour  ce 
recepteur  GPS  integre  code  P  sont 

-  volume  0,7  I, 

-  poids  0.7  kg, 

-  consommation  12W 

Ces  caracteristiques  sont  ce'ies  de  la  version  la  plus 
performante  P(Y)  Li  L2  des  recepteurs  GPS  integres 
developpes  par  SAGEM 
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P(Y)  bifrequence  L1'L2  6  ou  12  canaux 
avec  PPS  SM  et  AOC  (6/12). 

0.71  ■  0,7kg  12W 


Module  '^u'Tiefique  ooubie  ‘ace 


MoOu-e  'nAme  vOiu^ie 


P(Y)  Lt  6  ou  12  canaux 


Moduiante 

24  supercanaux  contigurabies 
en  C  A.  PiLI ).  P(L2)  par  iogiciel 
Recepteuf  GPS  'all  in  view’ 
Technologie  ires  mteg' ie 
Technologie  industnelie 
Tecrinologie  militaire 


figure  5  •  Gamme  des  recepteurs  GPS 
militaires  SAGEM 


Le  choix  de  la  moduiante  ayant  ete  fait  des  la 
conception  du  recepteur.  une  gamme  complete  de 
recepteurs  integres  est  derivee  de  la  version  la  plus 
sophistiquee  par  simple  depeuplement  des  modules 
ainsi  que  le  montre  la  figure  5  ' 

-  recepteur  C/A  6  ou  12  canaux  SPS, 

-  recepteur  C/'A  6  ou  12  canaux  PPS, 

-  recepleur  P  (Y)  LI  6  ou  12  canaux, 

-  recepleur  P  (Y)  L1/L2  6  ou  12  canaux 

Une  des  ongmalites  reside  dans  le  fait  que  les  canaux 
des  ASIC  sont  configurables  entlerement  par  logiciel  en 
C/A  LI,  P  LI  ou  P  L2 


3.3  DESCRIPTION  LOGICIELLE 

Le  logiciel  est  de  conception  modulaire  Toutes  les 
fonctlons  liees  au  GPS  sont  realisees  par  un  processeur 
unique.  Le  logiciel  GPS,  organise  autour  d'un  moniteur 
temps  reel,  comprend  les  fonctlons  suivanles  :  logiciel 
de  controls  canal,  logiciel  de  gestion  des  canaux  et  des 
satellites,  logiciel  de  navigation  et  enfin  logiciel 
d’interface  Toutes  ces  fonctions  sont  elles-memes 
divisdes  en  sous-fonctions  qui  peuvent  etre 
implementees  en  diffdrentes  laches  temps  reel,  suivant 
le  besom. 

1  -  Le  logiciel  canal  est  le  coeur  du  traitement  de  signal 
GPS.  II  commande  les  boucles  de  code  el  de 
porteuse  afin  de  les  verrouiller  sur  les  satellites. 


suivani  le  mode  choisi  par  le  moniteur  d’accrochage 
:  ceci  termine,  il  genere  ou  mesure  la  phase  de 
code,  le  Doppler  et  le  Doppler  integrd,  la  phase  de 
porteuse  et  les  marqueurs  temporels  associes,  les 
indicateurs  de  boucles  et.  enfin.  il  collecte  les 
informations  de  navigation  satellites. 

2  -  Le  logiciel  de  gestion  des  canaux  et  des  satellites 

est  divise  en  trois  sous-tonctions  :  gestion  satO'lites, 
gestion  canal  et  moniteur  d’accrochage.  II  precede  a 
I'affectation.  de  la  meilleure  maniere  possible,  des 
satellites  aux  canaux  disponibles.  en  fonction  de  la 
procedure  en  cours  dans  le  recepteur  (initialisation, 
navigation,  reacquisition  apres  masquage).  II 
elabore  et  envoie,  k  chaque  canal,  les  parametres 
necessaires  a  I'accrochage  d'un  satellite  donne,  en 
fonction  de  son  etat  anteneur  et  des  informations 
disponibles  pour  calculer  les  parametres 
d'accrochage  Ce  logiciel  beneficie  pleinement  du 
grand  nombre  de  canaux 

Une  grande  souplesse  dans  la  gestion  des  canaux 
est  apportee  par  le  fait  que  les  canaux  sont 
configurables  entierement  en  logiciel  en  C/A.  P  L  1 
ou  P  L2 

3  •  Le  logiciel  de  navigation  possede  trois  sous- 

fonctions  principales  le  'raitement  des  mesures 
GPS.  le  decodage  des  informations  de  navigation  et 
leur  traitement  et  le  calcul  de  la  position  GPS,  de  la 
Vitesse  et  des  parametres  specifiques  (GDOP.  EPE, 
etc  ) 

La  premiere  sous-fonction  elabore  une  ■pseudo- 
distance"  pour  chaque  satellite,  k  partir  de  la 
distance  mesuree  en  fractions  de  millisecondes.  du 
nombre  entier  de  millisecondes  et  des  diffdrentes 
corrections  a  appliquer  k  chaque  mesure  :  erreur 
ionosphdrique  mesuree.  correction  troposphdrique. 


relativiste,  offsets  d'horloge  du  satelirte  ou  du 
recepleur. 

La  seconds  sous-fonclion  est  un  decodage 
classique  des  informations  do  message  de 
navigation,  tel  qu’il  est  decrit  dans  le  document 
ICD  200.  en  particulier  des  ephemerides,  de 
I'almanach.  des  parametres  d'horloge  satellites,  des 
differents  indicateurs  de  validite,  des  drapeaux  et 
des  indicateurs  de  qualite  qui  peuvent  influencer  la 
navigation  ou  le  mode  d'accrochage  du  recepteur. 

La  troisieme  sous-fonction  calcule  la  solution 
purement  GPS  en  position,  vitesse  et  offset 
d’horloge,  a  partir  de  toutes  les  informations 
disponibles  sur  I'ensemble  des  canaux 
L'amelioration  de  la  precision  de  position,  a  mesure 
que  le  nombre  de  satellites  acquis  augmente,  est 
tres  significative.  Cette  sous-fonction  elabore  aussi 
le  facteur  geometrique  de  la  constellation  utilisee 
ainsi  qu'un  indicateur  de  qualite  de  la  solution  GPS. 

4-  Le  logiciel  d'interface  gere  les  echanges  de 
donnees  avec  le  calculateur  de  navigation  de  la 
centrale  inertielle. 


4  •  COUPLAGE  SERRE  INERTIE-GPS 

4.1  DESCRIPTION  GENERALE 

Le  schema  fonctionnel  general  du  logiciel  de  I'ULISS 
NG  est  donne  en  figure  6  : 


hgure  6  ■  Bloc  diagramwe  fonctionnel  simplifie  du 
logiciel  de  IVLISS  NC 


1  -  une  sortie  de  navigation  hybridee,  comprenant  les 

positions  Vitesse  et  attitude  issues  du  filtre  de 
Kalman. 

2  -  une  sortie  Inertie  pure  (position,  vitesse.  attitude). 

3  •  une  sortie  GPS  pur  (position,  vitesse) 

Les  sorties  2  et  3  sont  des  sorties  seconoaires 

De  plus,  le  systeme  dehvre  le  signal  l  PPS  (1  pulse 
par  seconde)  amsi  qu'un  temps  GPS  tres  precis 

4.2  AIDE  INERTIELLE  SERREE  AU  GPS 

L'aide  inertielle  au  recepteur  GPS  integre  comporte 
deux  aspects  ; 

-  une  aide  a  I'acquisition  rapide  a  la  mise  en  route  du 
recepteur  et  une  aide  a  la  reacquisition  en  cas  de 
masquage  lors  d'evolutions  ou  de  brouillage, 

-  une  aide  en  permanence  aux  boucles  permettant 
d'ameliorer  la  resistance  a  la  dynamique  et  au 
brouillage  du  recepteur  GPS. 

1  -  L’acquisition  et  la  reacquisition  rapide  sont 
possibles  grace  a  I'mitialisation  des  etats  des 
boucles  de  poursuite  de  phase  de  code  et  de  phase 
porteuse  avec  des  donnees  suffisamment  precises. 

Ces  donnees  d  mitialisation  sont  caiculees  A  partir 
des  position  et  vitesse  du  vehicule  mesurees  par 
I’lnertie,  des  ephemerides  satellite  et  du  temps 
courant 

Pour  chaque  boucle  de  code  C  A,  on  calcule  les 
valeurs  d'mitialisation  suivantes  ; 

P  (0)  ■  Pa  (0)  rnodulo  300  Km 


p  (0)  ---  Pa  (0) 

Pour  chaque  boude  de  phase  porteuse,  on 
calcule  : 

O  (0)  ■  Pa  (0)  moouio  >.  ■  o 
^  (0)  ■  pa  (0) 

ou.  pour  chaque  satellite  poursuivi 

-  p  et  p  representent  respectivement  la  pseudo 
distance  mesuree  et  sa  derivee. 


Le  couplage  serre  entre  I'lnertie  et  le  GPS  comprend 
deux  volets  : 

-  l'aide  de  rlnertie  pure  au  recepteur  GPS. 

-  le  filtre  de  Kalman  de  navigati.  ,i  hybnde  qui  reqo't 
des  informations  de  differentes  sources,  dont  le  GPS 
integre,  mais  egalement  provenant  de  I’algonthme  de 
correlation  d’altitude  (TERCOR),  du  baro-altimetre 
ainsi  que  d'autres  moyens  de  recaiage  (radar, 
systemes  infrarouges). 

Ces  informations  sont  d'abord  seiectionnees  et  tiltrees 
au  moyen  d'une  fonction  test  selection  dont  le  role  est 
de  detecter  d'eventuelles  degradations  ou  pannes, 
rejeter  les  donnees  non  valides,  selectionner  les 
meilleurs  parametres  d'eniree  et  effectuer  les 
prefiltrages  necessaires 

Le  filtre  de  navigation  hybride  a  deux  modes  de 
fonctionnement  le  mode  "Navigation  normal"  et  le 
mode  "Alignemenf  permettant  un  alignemen.t  rapide  au 
sol.  en  V  '  ou  a  la  mer. 

Trois  types  de  sortie  sont  disponibles  , 


-  O  et  <t  representent  respectivement  le  Doppier 
integre  ou  la  mesure  de  phase  de  porteuse  et 
sa  derivee. 

Pa  ef  Pa  representent  la  distance  antenne- 
satellite  et  sa  derivee  caiculees  a  partir  des 
position  et  vitesse  vehicule  issues  de  I'mertie 
pure,  des  derniers  ephemerides  en  memoire  el 
du  temps 

Le  modele  simphfie  des  boucles  de  phase  de 
code  el  de  porteuse  ainsi  que  les  donnees 
d'ln.tiaiisation  (aide  en  acquisition  reacquisi 
tion)  sont  decrits  en  f.gure  7. 

2  ■  L'ameiiorat.on  de  la  resistance  du  recepteur  GPS 
au  brouillage  et  a  la  dynamique  est  realisee  grace  a 
une  aide  dynamique  serree  des  boucles  de  code  et 
de  porteuse 

Cette  aide  en  dynam'que  beneficie  de  la  bande 
passante  importante  el  de  la  grande  precision  a 
court  terme  des  mesures  mertielles  (force  specitique 
et  angles  d'attilude)  pou'  calcuier  la  composanie 
"haute  frequence"  de  la  dynamique  de  I'anlenne 
GPS  dans  chacun  des  axes  antenne  satellite  Cette 


dynamique  calculde  est  soustraile  en  temps  reel 
dans  les  boucles. 

Grace  ^  I'lntegration  physique  du  GPS  Ires  pres  de 
I'lnerlie  et  a  I'lnieiiace  directe  rapide  entre  Inerlie  et 
GPS.  un  controle  serre  est  possible  en  temps  reel, 
se  concretisant  par  une  datation  tres  precise,  un 
retard  minimal  des  informations  et  une  aide 
inertielle  performante  a  haute  frequence  Get 
avantage  determinant  permet  o'utiliser  des  boucles 
relativement  simples  du  second  ordre  et  conduit  a 
une  solution  robuste  et  tres  performante 


'  a  paa'K  M  :«  4  urxxj.'.  MC  > 


figure  7  ■  Modele  sirvplifie  de  I'aide  inerhelle  dans  les 
boucles  de  code  ou  porteuse 


Pour  chacun  des  satellites  poursuivis.  on  etfectue  le 
calcul  suivant  a  50  Hz 

.  .  .  dt 

a  Pa  =  -'  pa  y 


a  pa  =  o’ .  A  i^a 

I  III  II 

a  p*a  =  -^  r’s  -  L  )  i.\  pf  +  l') 


a  ^  =  J  (  f*  +  g’)  dt 
t-at 


I 

a  L  "  a  (0°  ■ «  L  +  0)®  '  >  (a  o  x  L  ) 

ou  : 

F^s.  pf  sont  les  vecteurs  position  respectifs  du 
satellite  et  de  I'lnertie, 

u  est  le  vecteur  umtaire  de  I'axe 

antenne-satellite, 

L  est  le  bras  de  levier  entre  I'antenne 

GPS  et  le  coeur  inertiel. 

f  est  la  force  specifique  mesuree  par 

I'lnertie, 

g  est  I'acceleration  de  la  pesanteur. 


.  a  o’ 

to  -  ^  j  est  la  Vitesse  angulaire  de  I'avion 
mesuree  par  i'lnertie, 

at,  dt  representent  les  temps  de  cycle  de 

I'aide  meriielie  (20  ms)  et  du  controle 
canal  (1  msi. 

I  -  * 

*  /d  X  \  -  > 

X  =  \  (j,  )  est  la  derivee  du  vecteur  x  dans 

I'espace  mertiei  [ij 

Comme  indique  figure  7.  i'aide  en  dynamique  d  pa  est 
une  aide  en  acce  eration  Ene  est  reahsee  a  la 
frequence  de  1 000  Hz  La  precis  on,  par  rapport  au 
temps  reel,  est  .me.ileure  que  1  ms,  et  quasiment 
aucune  extrapolation  nest  necessaire 
Les  gams  de  boucie  K1  et  K2  sort  adapies  en  fonclion 
de  la  dynamique  mesuree,  et  ceci  mdependamment 
pour  chaque  canal 

La  encore.  I'mtegration  physique  du  GPS  a  i'lnertie  et  le 
fonctionnement  GPS  "Tout  en  vue"  en  paralieie  et 
synchrone  sont  tres  tavorables 

4.3  NAVIGATION  HYBRIOE  SERREE 

ULISS  NG  realise  ime  navigation  hypride  tnoimen- 
sionnelie  performante  et  sophistiquee  grace  a  un  f  itre 
de  Kalman  etendu  unique 

Ce  filtre  est  aussi  utilise  pour  I'ahgnement  au  sol.  en  voi 
Ou  a  la  mer,  permettant  un  temps  de  reaction  tres  rapide 
amsi  qu'une  transition  hssee  et  une  initialisation 
precise  du  mode  navigation  li  est  base  sur  une 
modelisation  dynamique  precise  de  la  cmematique  et 
des  senseurs 

Le  filtre  de  Kalman  comprend  les  etats  suivanis 

-  position  X.  y.  z. 

-  Vitesse  X,  y,  z 

-  attitude  X.  y,  z. 

-  biais  acceierometre  en  z. 

-  derives  gyrometres  x,  y.  z. 

-  parametres  d'altitude  barometriqje, 

-  erreur  d'horloge  GPS  et  sa  derivee 

Le  filtre  de  Kalman  traite  des  observations  multiples 
venant  du  GPS  -  mesures  de  pseudo-distance  et  phase 
de  porteuse  •  du  baro-altimetre.  de  la  correlation  du 
terrain,  d'autres  moyens  de  recalage  de  position,  ainsi 
que  du  recalage  vilesse  nuUe  en  mode  alignement 
Le  pretrailement  effectue  par  la  fonction  lest'selec- 
tion/prefiltrage  est  base  sur  les  indicateurs  de  validite  et 
de  qualite  disponibles  et  sur  les  innovations  et 
covariances  issues  du  filtre. 

Cette  fonction  realise  egalement  un  controle  d'integrite 
de  I'lnertie  (detection  de  degradation  lente)  ainsi  que  du 
GPS.  pour  le  recepteur  aussi  bien  que  pour  le  segment 
espace 

Le  filtre  permet  de  calibrer  les  composantes  jour  a  jour 
et  a  long  terme  des  erreurs  gyrometriques  et 
accelerometnques  II  beneficie  de  la  resolution 
centimetrique  de  la  phase  de  porteuse  pour  un 
alignement  et  une  convergence  rapides.  ainsi  que  pour 
une  Vitesse  hybnde  tres  precise, 

Le  filtre  est  congu  pour  s'adapter  a  la  precision  et  aux 
deux  modes  SPS  et  PPS  du  GPS  (filtre  bi-mode) 
Globalement.  I'mtegration  fonclionnelle  de  I'lnertie  et  du 
GPS  -  aide  mertielie  et  navigation  hybnde  -  est  congue 
pour  garantir  une  tres  grande  stabilile  de  la  solution  de 
navigation  hybnde.  grace  a  I'utilisation  d'un  algonihme 


de  Kalman-Bierman  numenquement  stable  et  a  une 
correlation  long  terme  tres  faible  des  mesures  utihsees. 
compte  tenu  de  I'aide  inertielle  pure  directe  et  du  t.itre 
d’hybridation  en  boucle  ouverte 
L’hybridatlon  serree  INS  GPS  fourmt  une  navigation 
plus  precise  grace  a  une  modelisation  i.ne  des  erreurs 
GPS  et  e  I'utilisation  optimale  des  intcmations  GPS 
disponibles  ;  il  en  results  une  meilleure  efficacite  des 
missions  operationnelles. 

Les  algorithmes  d’hybridation  ont  ete  studies  et  mis  au 
point  sur  simulateur.  La  figure  8  presents  les 
performances  obtenues  en  simulation  avec  une 
constellation  de  21  satellites  sur  un  scenario  de  voi 
typique  d'avion  d'armes  construit  a  partir 
d'enregistrements  de  trajectoire  reelle  Les  courbes 
representent  les  erreurs  de  position  et  vitesse 
encadrees  de  leur  ecart-type  respect'!  (»3a.-3o'. 
caicule  par  le  filtre  de  Kalman 


5  -  ESSAIS  EN  VOL  SUR  AVION  DE  COMBAT 

5.1  PROGRAMME  O'ESSAIS 

Ce  programme  a  ete  congu  en  trois  etapes.  afm  de 

remplir  les  objsctifs  suivants  , 

-  demontrer  en  vol  I'lntegration  physique  Inertie-GPS  et 
la  performance  du  recepts'jr  GPS  code  P{Yi  b 
frequence  integre  dans  I'lnertie. 

-  demontrer  ensuite.  par  ouverture  du  domame  de  voi. 
rapport  de  I’aide  inertieile  serree  pour  la  disponib'iite 
du  recepteur  GPS  (et  done  sa  performance). 


-  enfin,  montrer  les  benefices  de  la  navigation  hybnde 
serree  position  et  vitesse  tres  precises,  ahgnemenl 
rapide  en  vol  et  aulocal'bration  des  composants 
inertieis 

5.2  CONDITIONS  ET  REFERENCES  POUR 
LES  ESSAIS 


L’ULISS  NG  est  montee  dans  'a  baie  equipement  du 
Mirage  III  (voir  figure  9) 


figure  9  ■  Essdis  en  vol  sur  Mirage  III 


La  figure  10  montre  le  protii  de  vol  type  des  essais  sur 
Mirage  III  Cnaque  vol  a  une  duree  O'environ  une  heure 
a  une  heure  et  deme.  avec  une  vitesse  moyenne 
d’environ  250  m  s.  a  une  altitude  de  15000  pieOs. 
Les  vois  comprennent  des  phases  de  tonneaux 
enchaines  et  de  vol  inverse,  afm  d’evaluer  la  vitesse  de 
reauqu  isition  du  GPS  apres  rnasguage 
Des  virages  de  3  a  4  g  ont  egaiement  ete  effectues.  en 
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figure  8  Erreurs  de  navigation  optimale  inerhe  OPS  couplage  serre  iposition  el  vitessei 


resiant  en  visibilite  de  certains  satellites,  afm  de  tester  ia 
tenue  en  dynamique  du  recepteur  GPS  mtegre 
L'instrumentation  avion  est  composee  d  une  centraie 
ULISS  60  de  grande  precision,  utilisee  comme 
reference  de  navigation,  d'un  calculateur  et  d’un 
enregistreur  de  vol  La  reference  de  position  est  donnee 
par  plusieurs  systemes  de  trajectographie  . 

-  un  systeme  de  trajectographie  laser,  STRADA,  dont  la 
precision  annoncee  est  de  t  m  (t  o), 

-  un  radar  de  trajectographie, 

-  une  trajectographie  ditterentiel  dans  un  premier 
temps,  et  inertie/GPS  differentiel  dans  un  second 
temps 


Les  systemes  d'armes  modernes  devenant  de  plus  en 
plus  performanis.  leur  qualification  en  vol  necessite  un 
systeme  de  trajectographie  tres  precis  durant  toutes  les 
phases  du  vol  d'essai,  ce  qui  n'est  pas  toujours  possible 
avec  les  systemes  de  reference  tradionnels 

La  figure  t1  presente  le  prmcipe  d'un  systeme  de 
trajectographie  GPS  differentiel  compose  d'un  recepteur 
GPS  multicanaux  de  reference  au  sol  et  d'un  systeme 
Inertie  GPS  multicanaux  a  bord  de  I'aeronef  Une 
evaluation  de  la  trajectographie  GPS  differentiel  est  en 
cours  au  Centre  d'EssaiS  en  Vol  de  Bretigny 
Les  essais  de  trajectographie  GPS  differentiel  en  vol 
basse  dynamique,  commences  fin  1991.  sur  Caravelle 
au  CEV  de  Bretigny,  ont  donne  une  erreur  de  position 
inferieure  a  t  m  a  1  a  {voir  figure  12) 

Ces  essais  se  poursuivent  par  une  experimentation  en 
vol  sur  avion  d'armes  en  haute  dynamique 


figure  10  ■  Profit  de  vol  type 


figure  1 1  ■  Traiectograptiie  GPS  differentiel 
temps  differe 


!  1  ' 
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figure  12  Trajectographie  GPS  differentiel  Erreurs  de  position  im) 


6  -  CONCLUSION 


REFERENCES 


Un  recepteur  GPS  mmialunse  (0.7  i,  0.7  kg,  12  W) 
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SUMMARY 

As  GPS  signal  availability  reaches  operationally 
useful  levels,  and  in  particular  following  experience 
of  its  usefulness  in  the  Gulf  operations,  widespread 
requirements  are  beginning  to  arise  for  the 
incorjjoration  of  GPS  into  existing  combat  aircraft. 

A  considerable  amount  of  study  and  development 
work  has  been  carried  out  by  GEC  Ferranti  to 
investigate  dif  ferent  approaches  to  integrating  GPS 
into  existing  navigation  systems  with  the  minimum 
impact  on  installation,  interfacing  and  operating 
procedures. 

This  paper  describes  some  different  approaches  to 
integrating  GPS  together  with  their  relative  merits 
and  deficiencies.  Two  practical  systems  are 
described  in  detail  and  some  simulation  and  trials 
results  are  presented  together  with  some  aspects  of 
the  GPS  integration  which  will  form  the  basis  of 
future  development  work. 

1  SYSTEM  ARCHITECTURE 

The  GPS  receiver  can  be  linked  to  existing  avionics 
in  a  variety  of  ways  depending  on  the  type  of  systems 
with  which  it  must  interface.  This  can  range  from 
a  stand  alone  receiver  installation,  with  no  interface 
to  any  of  the  existing  avionics,  to  a  fully  integrated 
fit  with  the  receiver  embedded  in  another  unit  in 
the  avionics  suite. 

1.1  SIMPLE  NAVIGATION  AID 

GPS  can  be  used  as  a  simple  navigation  aid  when 
the  existing  navigation  fit  consists  of  old  equipment 
with  analogue  interfaces  or  a  fit  with  a  relatively 
simple  main  computer  or  FMS.  ITiis  is  not  an 
optimal  fit  but  may  be  the  only  method  of  fitting 
GPS  to  older  aircraft. 

1.1.1  Stand  Alone  Receiver 

This  is  the  simplest  fit  (at  least  as  far  as  interfacing 
is  concerned)  with  the  receiver  connected  to  a 
CDU,  an  antenna  and  a  source  of  power  (Figure 
1.1).  It  is  used  asjust  another  source  of  position  and 
possible  .steering  information  which  is  used 
manually  by  the  pilot  or  navigator.  However,  GPS 
is  not  used  to  its  full  advantage  because  it  is  not 


interfaced  with  any  of  the  existing  avionics,  litis 
leads  to  problems  during  aircraft  manoeuvres  when 
the  satellites  arc  masked  from  the  antenna  and  the 
receiver  can  no  longer  provide  a  navigation 
solution.  When  the  aircraft  completes  the 
manoeuvre  and  is  Hying  level  again,  the  GPS 
receiver  may  be  unable  to  re-acquirc  the  satellite 
signals  because  the  Doppler  shift  of  the  carrier  due 
to  vehicle  motion  may  be  outside  the  tracking  Unip 
acquisition  capability.  The  operator  then  has  to 
manually  insert  course  and  speed  information  into 
the  GPS  via  the  CDU  to  allow  it  to  re-acquirc  the 
satellite  signals,  'lliis  is  a  time  consuming  business 
if  it  happens  frequently  and  can  result  in  the  GPS 
becoming  useless  during  high  dynamic  flight. 


HGl'RE  l.l  STA,M)  Al.ONE  (JI’S  HT 

ITiis  type  of  fit  was  used  on  the  Tornado  aircraft 
during  the  Gulf  War.  llie  data  was  used  by 
manually  inserting  the  GPS  position  into  the  main 
computer  as  a  fix  and  thus  uixlating  the  navigation 
system,  'lliere  is  considerable  scope  for  inserting  an 
incorrect  fix,  especially  when  under  prc.ssure.  In 
addition,  the  GPS  suffered  from  the  re-acquisition 
prolilcm  described  above  during  manoeuvres  that 
resulted  in  a  high  change  of  veliKity  vector. 

'lliis  type  of  fit  should  only  be  considered  lor  a  very 
benign  environment  or  as  a  policy  of  desperation. 

1.1.2  Input  Tu  A  Main  Uninputer 

Ilic  (iPS  am  be  integrated  via  a  main  computer  or 
FM.S  in  more  modern  avionics  fits  which  have  si  ime 
level  of  digital  interfacing  although  analogue 


inlerfaccs  may  still  be  used  for  the  llighi 
instruments  and  flight  control  systems,  'llie  digital 
interfaces  are  usually  implemented  as 
point-to-point  links  between  the  FMS  and  the 
avionics  (Figure  1.2). 
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I'his  makes  better  use  of  the  GPS  data  and 
overcomes  the  disadvantages  of  the  simpler 
schemes.  However,  the  FMS  software  will 
generally  be  written  to  be  able  to  use  a  variety  of 
GPS  receivers  and  other  .senstirs  and  therefore  the 
performance  available  from  integration  with  this 
type  of  configuration  may  not  be  the  best  that  can 
be  achieved. 

'I'his  type  of  system  is  likely  to  be  bus  orientated 
within  the  navigatitm  suite  while  keeping 
point-U>-point  interfaces  (both  analogue  and 
digital)  with  the  aircraft  instruments  and  flight 
control  systems  (Figure  1.3).  this  makes  the 
installation  of  the  tlPS  relatively  easy  since  it  can 
be  linked  to  the  rest  of  the  system  by  coupling  it  to 
the  1553  data  bus.  Control  and  display  functions  are 
carried  out  by  the  FMS  through  CDUson  the  1553 
bus. 


nCl'RE  1.2  GPS  l.NTEGRATED 
VIA  MAIN  COMPUTER 


The  computer  or  FMS  must  have  a  suitable  spare 
interface  and  the  necessary  software  to  make  use  of 
the  GPS  data  or  the  GPS  must  be  configured  to 
mimic  an  existing  navigation  aid  which  it  then 
replaces.  This  is  an  improvement  over  the  stand 
alone  fit  but  it  still  does  not  make  best  use  of  the 
GPS  data.  If  no  aiding  information  is  provided  from 
the  FMS  to  the  GPS  then  this  configuration  will 
suffer  from  exactly  the  same  problems  during 
manoeuvres  as  the  stand  alone  system.  However, 
if  aiding  is  provided  by  the  FMS,  then  there  is  a 
significant  gain  in  that  the  operator  no  longer  has 
to  manually  insert  data  before  the  GPS  will 
re-acquire  satellites.  Ihis  allows  very  rapid 
re-acquisition  within  1  or  2  seconds  after  the 
satellites  are  visible  compared  with  an  indefinite 
delay  for  an  unaided  GPS. 

Most  existing  FMS  or  computer  based  .systems  are 
not  configured  to  do  anything  with  the  GPS  data 
other  than  use  it  as  an  alternative  source  of  position 
data  for  display  or  steering  calculations.  Ihis  data 
will  only  be  available  during  level  or  low  dynamic 
flight  while  4  or  more  satellites  are  visible. 

1.1.3  Fixing  Aid 

A  more  capable  FMS  or  computer  based  avionics 
suite  is  likely  to  have  the  ability  to  use  the  GPS  data 
in  the  navigation  solution  together  with  other 
sensors  and  to  aid  the  GPS  with  data  from  the 
navigation  solution.  I'hc  GPS  can  al.so  be  used  as 
an  alternate  source  of  prime  navigation  data. 


EIGURE  1.3  (;i>S  INTEC.R^UEI)  VIA  A  1553 
Bt  S  BASED  StSTEM 


IntnnJucing  GPS  to  this  type  of  navigation  suite 
gives  a  significant  improvement  in  the  navigation 
performance  for  a  moderate  cost,  pro'.ided  the 
FMS  is  already  capable  of  making  use  of  the  GPS 
data  on  the  1553  bus  or  other  available  interface. 

1.1.4  Input  lo  Mission  Computer  And  MFDs 

'Hie  latest  navigation  suites  are  based  on  a  1553  bus 
orientated  system  with  one  or  more  mission 
computers  and  a  number  of  multifunction  displays 
(MFDs)  (Figure  1.4).  In  principle,  it  is  easy  to 
couple  the  GPS  to  the  1553  bus,  but . .  .the  mission 
computer  may  not  have  been  programmed  for  the 
(iPS  bus  traffic  or  integration  of  the  GPS  data  and 
also  may  not  have  the  neces.sary  software  to  provide 
amtrol  and  display  facilities  for  the  GPS  via  the 
MFDs.  Providing  this  software  uin  be  a  very 
expensive  and  time  consuming  business.  Under 


these  circumstances,  alternative  methiKis  of 
incorporating  the  CIPS  should  be  investigated 
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12  INTEGRATION 

llie  way  in  which  the  OPS  is  linked  to  the  existing 
navigation  suite  is  only  half  the  story.  Best  use 
should  be  made  of  this  highly  accurate  (but  not 
necessarily  continuous)  source  of  navigation  data. 
In  addition,  reasonable  measures  should  be  taken 
to  maximise  the  time  for  which  (JPS  data  is 
available. 

The  GPS  data  can  best  be  used  by  integrating  it  with 
information  from  one  or  more  other  sensors.  The 
most  common  sensor  used  for  this  purpose  is  an 
Inertial  Navigation  System  (INS)  and  the 
integration  is  usually  carried  out  by  a  Kalman 
Filler. 


GPS  error  characteristics  must  also  be  considered 
in  the  Kalman  filler  design. 

122  INS  Calibration 

A  by-product  of  the  integration  using  a  K.ilman 
filter  is  an  estimate  of  some  of  the  INS  instrument 
errors.  ITiese  can  be  held  after  a  flight  and  applied 
to  the  INS  on  the  next  flight.  Ibe  covariances  from 
the  filler  also  give  a  measure  of  the  aecuraev  of  the 
estimates  and  they  can  therefore  be  used  to  provide 
a  weighting  factor  for  the  stored  update. 

Ilie  calibration  is  likely  to  be  for  gyro  drifts  or 
accelerometer  biases  and  scale  factors  but  may  also 
include  gyro  mass  unbalances  if  the  integration  is 
sophisticated  enough. 

Automatic  calibration  of  the  INS  may  give  a 
significant  reduction  in  the  cost  of  ownership  of  the 
INS,  particularly  older  gimballcd  systems.  'Hie  INS 
will  always  be  well  calibrated  and  will  therefore  not 
require  scheduled  maintenance  and  is  also  le.ss 
likely  to  be  removed  from  the  aircraft  due  to  pinir 
performance. 

UJ  Aiding  The  GPS 

Ilie  {  jPS  requires  vcItK'ity  or  course  and  speed  data 
to  aid  re-acquisition  of  the  satellites  after  loss  of 
the  signal  due  to  a  manoeuvre  or  terrain  masking. 
It  also  provides  an  improvement  m  the 
anti-jamming  capability  of  the  receiver  because  the 
tracking  Iwp  bandwidth  ctin  be  reduced,  thus 
rejecting  some  of  the  jamming  signal. 

'ITic  GPS  velocity  is  measured  at  the  antenna 
position.  'ITie  aiding  data  is  usually  referenced  to 
a  different  location  and  therefore  the  data  must  be 
corrected  for  lever  arm  effects  using  altitude  rate 
data. 


U.l  INS  Error  Model 

The  Kalman  filter  contains  a  mathematical  model 
of  the  INS  error  sources  which  describes  their 
effect  on  the  navigation  outputs  from  the  INS. 
There  are  generally  a  large  number  of  error  sources 
that  could  be  included  in  the  filter,  but  not  all  of 
them  are  necessarily  observable  or  have  a 
significant  effect  on  the  INS  perft'rmancc  given 
typical  flight  profiles.  Further,  the  number  of 
Kalman  filler  error  slates  impacts  on  the 
computation  lime  required  fora  filtercyclcand also 
the  memory  requirements. 

The  error  sttitcs  to  be  incorporated  in  the  filter  can 
be  identified  through  knowledge  of  the  INS  and  by 
carrying  out  a  covariance  analysis  using  a  truth 
model  driven  by  typical  flight  profiles.  The  truth 
model  consists  of  a  Kalman  filler  with  all  signifiaint 
INS  error  sources  included. 


Altitude  rates  lend  to  be  rather  noisy  and  this  can 
result  in  significant  noise  being  intrixJuced  to  the 
otherwise  quiet  velocity  data.  Ibc  aiding  data  may 
therefore  need  to  be  filtered,  but  this  in  turn 
intnxJuces  delays  to  the  aiding  data  which  may  not 
be  acceptiiblc. 

1110  characteristics  of  the  aiding  data  also  have  to 
be  considered  together  with  the  way  in  which  the 
GPS  receiver  uses  it.  For  example,  is  the  GI’S 
sensitive  to  the  absolute  accuracy  of  the  aiding  data 
or  does  it  calibrate  out  offsets?  What  abivit  the 
effect  of  delays  in  the  data? 

The  best  source  of  vcU'city  data  is  likely  to  come 
from  the  INS.  Errors  m  the  velocity  generally 
change  slowly  with  time,  allowing  the  ( ll’S  receivei 
to  track  them  (if  it  is  so  designed).  Thed.tt.i  also  has 
a  high  bandwidth,  allowing  it  to  track  vehicle 
motion  with  little  delav,  and  is  continuous  (unless 
the  INS  fails!). 
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12.4  Location  Of  The  Integration  Process 

lliere  are  several  possible  Ux'ations  in  which  the 
integration  can  be  carried  out,  especially  in  the 
more  modem  avionics  suites  wihich  have  multiple 
processors  with  significant  spare  capacity.  Several 
of  these  will  now  be  considered. 

U.4.1  Main  Computer 

Ifiis  may  be  the  most  obvious  option,  particularly 
if  the  software  is  already  written  for  it.  However, 
the  integration  filter  in  pre-written  software  may 
not  be  optimised  for  the  specific  INS  and  CiPS  being 
considered  for  the  system. 

'ITe  reversionary  characteristic's  of  such  a  system 
are  not  good  in  the  event  of  a  main  computer 
failure.  The  navigation  solution  may  revert  rapidly 
to  raw  INS  and  the  corrections  for  the  INS  will  be 
lost  unless  they  have  been  stored  elsewhere 
peruxJically. 

12.42  GPS 

ITie  GPS  receiver  may  also  be  an  appropriate 
ItKation  for  the  integration  process.  Many 
receivers  already  have  basic  Kalman  filters 
designed  to  estimate  INS  errors  on  the  rate  aiding 
data.  ITiese  filters  tend  to  be  limited  to  a  few  error 
states  and  are  generic  in  nature  and  are  therefore 
not  well  suited  to  the  INS  calibration  aspect  of  the 
integration.  'Hic  reversionary  capability  in  the 
event  of  GPS  failure  is  no  better  than  that  for  the 
main  computer. 

IJ.4.3  INS 

'Hie  last  option  to  be  considered  uses  the  INS  to 
perform  the  integration  function.  This  has  a 
number  of  significant  advantages.  I'he  first  is  that 
the  Kalman  filter  will  be  optimised  for  the  type  of 
INS  in  which  it  is  embedded,  thus  obtaining  ginid 
calibration  of  the  INS  errors.  Secondly,  attitude 
data  (and  po.ssibly  attitude  rate  data)  is  readily 
available  for  lever  arm  correction  of  the  rate  aiding 
data.  In  addition,  the  rate  aiding  output  can  be 
specifically  designed  to  provide  low  latency  data  to 
the  GPS  by  careful  time  synchronisation  of  the  data 
processing  with  other  activities  inside  the  INS.  I'he 
.same  also  applies  to  the  time  synchronisation  of  the 
incoming  GPS  data,  which  am  be  done  more 
a,.curatcly  when  there  is  total  control  over  the 
timing  of  events  in  the  INS. 

laistly.  the  reversionary  characi  eristics  are 
excellent  since  the  system  is  unaffected  by  failure 
of  other  aircraft  systems  provided  that  the  interface 
between  the  INS  and  GPS  remains  operational.  If 
the  GPS  fails,  the  INS  outputs  are  still  corrected  by 
the  propagated  error  states  from  the  Kalman  filter. 


If  ihe  INS  fails,  the  Kalman  filter  is  not  required 
anyway. 

I J  CLOSE  INTEGRATION 

'I'hcrc  arc  si;  •  ficant  benefits  which  can  be  gaini  J 
by  having  the  clPS  embeddt  '  within  another  unit 
which  may  already  be  part  of  an  avionics  system. 
Iliis  will  reduce  installation  costs  and  aK>  alU'ws  a 
more  sophisticated  integration  scheme  to  be  used. 
On  the  down  side,  the  cost  of  development  of  such 
a  system  is  significant. 

U.l  Single  Box  Solution 

I'he  incorpviration  of  the  GPS  receiver  within  an 
existing  unit  greatly  reduces  the  insiall.ition  costs  of 
the  GPS  per  aircraft.  Indeed,  this  may  be  the  only 
method  of  fitting  GPS  to  aircraft  where  space  and 
weight  are  at  a  premium. 

'i'he  GPS  can  be  embedded  as  a  separate  unit, 
operating  from  its  own  power  supplies  and  maybe 
also  having  its  .iwn  interfaces  to  the  rest  of  the 
avionics  for  reversionary  facilities.  However,  it  will 
be  linked  to  the  INS  via  a  dedicated  internal 
interlace,  for  example  dual  port  RAM  shared  by  the 
GPS  and  the  INS.  I'his  allows  rapid  transfer  e 
large  quantities  of  data  and  giH>d  control  of  the  time 
synchronisation  prix:es.ses. 

Alternatively,  the  GPS  can  be  incorporated  as  a 
card  set.  using  the  INS  powei  supplies  and 
interfaces.  I'he  reversionary  aipabilities  are  lisv 
to  be  piHirer  than  in  the  previous  case  since  there 
arc  several  common  mode  failure  mechanisms,  but 
It  will  be  cheaper,  lighter  and  consume  less  power. 

1.3.2  Use  Of  Psuedo  Range  And  Range  Rate 
Data 

I'he  single  box  solution  also  allows  lor  the 
possibility  of  using  pseudo  range  and  range  rate 
data  because  of  the  internal  interlace.  This  is  really 
of  benefit  for  military  systems  using  PPS  GP.S  data 
because  of  the  security  implioitions  of  using  this 
data  once  the  effects  of  .SA  have  been  removed. 
Ihc  internal  interface  means  that  no  sensitive  data 
is  transmitted  outside  the  unit  thus  avoiding  the 
requirement  for  'lcmpest  clearance  of  the  aircraft. 

I  .‘le  benefits  of  using  pseudo  range  and  range  rate 
are  likely  to  be  most  evident  for  high  dyri.imic  and 
vehicle  appliaitions,  where  continuous  visibility  ol 
four  stitellites  may  not  he  possible.  The  GP.S  will 
only  give  a  navigatii'ii  solution  lor  a  small 
proportion  of  the  time  under  these  circumstances. 
However,  useful  information  is  still  available  even 
when  only  one  satellite  is  visible  and  the  Kalman 
filter  can  be  designed  to  make  use  of  individual 
satellite  ranges  and  range  rates  instead  of  the  ( iPS 
navigation  solution. 
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CASE  STUDY  1  -  UN  1075G 


Ilie  first  case  study  is  r>f  an  INS/(it’S  intejtrated 
system  designed  foi  use  on  the  Harrier  (iK7s  of  the 
Royal  Air  Force,  lire  INS  that  was  already  fitted 
was  a  CiEC'  Ferranti  FIN  1075  system  which  was 
capable  of  modification  to  beci'me  part  of  an 
■ntegrated  system, 

2.1  INTEGRATION  APPROACH 


ITie  avionics  suite  consists  of  a  mission  computer 
which  communicates  with  lUher  systems  over  a  dual 
redundant  1553  bus.  All  control  and  display 
functions  are  handled  by  the  Hl'l),  two  MFDsand 
an  up-front  control  panel  (Figure  2.1). 
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2.1.1  Factors  Considered 


I  hc  first  factor  to  he  considered  was  the  way  the 
GPS  would  interface  with  the  rest  of  the  .system. 
ITie  1553  interface  would  .seem  to  be  the  obvious 
choice,  but  the  lime  and  expense  of  writing  an 
update  to  the  mission  computer  software  (which  is 
the  bus  controller)  precluded  this  approach.  This 
also  eliminated  any  thought  of  performing  the 
integration  in  the  mission  computer. 

Ilie  GPS  therefore  had  to  interface  directly  with 
the  INS  since  the  If'"'  data  could  not  he  modified. 
In  addition,  the  INS  would  he  required  to  perform 
the  iniegration.  A  6S()2()  aird  with  the  neci  sstiry 
proce.ssing  capability  for  the  integration  hadalready 
been  designed  for  ani'ther  project.  It  also  had  two 
RS422  ports  on  it  which  would  allow  direct 
communication  with  the  (iPS  via  'he 
instrumentation  port.  Ilius  a  single  additional  aird 
in  the  INS  would  ctirry  out  the  integration  and  all 
the  GPS  interfacing. 

Fhe  Harrier  GR7  has  an  integrated  cockpit  with  the 
majority  of  the  avionic  systems  being  controlled 
through  the  Up  Front  Coniiol  Panel  and  the 


MFDs.  lliere  is  very  little  space  available  to  allow 
the  fitting  of  dedicated  C'DLI  for  the  GPS  and  this 
also  goes  against  the  design  philosi'phy  of  the 
cockpit.  Fhe  only  dedicated  control  that  could  be 
provided  was  a  power  switch,  a  GPS  Fail  indicator 
and  a  CiPS  Ready  indictitor.  Any  othe.'"  information 
would  fiave  to  be  made  available  to  the  pilot  using 
existing  facilities  in  the  INS. 

Ilie  INS  generates  several  mainten.incc  pages 
which  drive  the  ‘IFDs  directly.  One  of  these  pages 
was  modified  to  display  GPS  data  instc.id  of  INS 
data.  Iliis  display  was  only  available  on  the  ground 
-  or  so  It  was  thought.  The  initial  flight  trial 
demonstrated  that  this  page  could  he  displ.iyed  in 
flight  pr.ivided  that  it  was  selected  before  take-off 
ci'd  that  no  other  display  was  selected  on  the 
particular  MFD  during  the  flight,  lliere  was  thus 
some  (iP.S  information  available  on  the  pilot  during 
flight  which  was  useful  for  the  interjiretatu'ii  of  the 
HLID  video  of  the  sortie. 

Fhe  system  also  provided  a  data  logging  I'utput  on 
an  RS232  interface.  A  hand-held  PC'  was  used  to 
record  this  data  during  flight  for  subsequent 
processing  and  analysis. 

2.U  Architecture 

Fhe  integrated  system  consisted  of  a  separate  GP.S 
receiver  linked  to  the  INS  by  a  bidirectional  RS422 
interface.  Ilie  integration  was  performed  in  the 
INS  on  the  additional  priK'c.s.sor  card.  In  order  to 
avoid  changes  to  the  1,'53  data  formtit.  the  INS 
navigation  parameters  were  minJificd  by  the  output 
of  the  Kalman  filter  before  they  were  transmitted 
ovei  :he  data  bus.  Ilie  rest  of  the  avionics  therefore 
received  data  as  if  from  a  very  good  INS  (with  .si'ine 
rather  m...  ’.’S  like  characteristics). 

Ilie  Kalman  filter  v  as  liHisely  coupled  to  the  INS 
in  the  .sen.se  that  the  error  estimates  were  not  fed 
back  to  the  INS  (Figure  2.2).  Ilns  was  done  to  avoid 
possible  stability  problems  together  with  the 
concern  of  the  customer  that  the  system 
perfi'rmance  should  never  be  worse  than  that  for  a 
standard  INS.  By  keeping  the  correction  ojien  I. Rip. 
the  raw  INS  data  was  always  available  as  an 
inO«.pcndent  back-up  navigation  source 
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Stale  estimates  from  the  Kalman  filler  were  used 
to  correct  the  errors  in  the  horizontal  channels 
only.  The  attitudes  were  not  corrected  for  lilt 
errors  because  of  llight  safety  considerations,  since 
the  INS  is  the  primary  source  of  attitude 
information  on  the  aircraft.  Similarly  the  height 
channel  was  not  considered  for  integration  beaiuse 
t'f  flight  safety  considerations. 

'Ihe  lime  scale  for  the  overall  project  was  very  .short 
(6  months)  and  therefore  a  low  risk  solution  had  to 
he  considered.  Ihis  meant  restricting  the  number 
of  INS  error  stales  and  using  GPS  position  and 
veliK'ity  data  rather  than  investigating  the  use  of 
pseudo  range  and  range  rale.  It  was  recognised  at 
the  start  that  this  might  lead  to  lack  of  GPS 
availability  during  manoeuvring  or  low  level  flight, 
but  this  was  considered  an  acceptable  limitation  for 
the  first  phase  of  the  prc'gramme. 

Ihe  integrated  .system  as  finally  configured 
required  very  little  in  the  way  of  miKlificalion  of  the 
INS.  Ihc  additional  processi>r  card  acted  as  a 
co-processor  to  the  existing  INS  processor,  thus 
keeping  the  software  assiKiated  with  the 
integration  largely  separate  from  the  INS 
nasigalion  software  (Figure  2.3). 

2.1.3  Installation 

ITic  system  was  designed  to  have  as  little  impact  on 
the  aircraft  as  possible.  Obviously,  additional 
wiring  and  mounting  fixtures  were  required  to 
accommodate  the  GPS  receiver  and  the  antenna. 
Ilic  GPS  receiver  also  h.id  to  be  linked  to  the  INS. 
which  required  the  removal  of  the  wmg  and  engine 
of  the  GK7.  This  accounted  for  approximately  7()''7 
of  the  total  installation  cost. 


Ilie  antenna  was  mounted  on  the  upper  surface  of 
the  fuselage  at  the  trailing  edge  of  the  wing.  ITiis 
site  was  used  because  it  was  convenient  and  so  may 
not  be  the  best  position  on  the  aircraft.  'Hie  field 
of  view  of  the  antenna  is  reasonable  except  looking 
forward  where  the  cockpit  and  upper  fusel. ige  give 
some  obscuration  of  low  elevation  satellites 

'Hie  GPS  receiver  and  the  data  logger  were 
mounted  in  the  rear  equipment  bay  and  were 
accessible  to  the  ground  crew  via  the  Daily  .Access 
Panel  inside  the  main  wheel  well.  This  is  obviously 
a  trifle  inconvenient  when  loading  crypto  keys  or 
retrieving  the  data  logger,  especially  on  a  wet  d.iy! 
ITiis  aspect  will  be  addres.sed  during  any  further 
modifications  to  the  install.ition. 

llie  INS  was  a  form  and  fit  replacement  for  the 
existing  INS  with  the  exceptuni  th.il  the  test 
connector  was  used  to  output  d.ila  to  the  d.iia 
logger. 

Lastly,  the  pilot  w.is  provided  with  a  control  p.inel 
in  the  cockpit  consisting  of  a  power  switch  and  two 
indicator  lights.  The  first  light  indicated  .i  GPS  Mi  l 
failure  while  the  second  one  indic.ited  that  the  GPS 
was  providing  :i  navigation  solution  with  .i  r.idial 
error  of  less  than  KKI  metres  (1()M  less  th.in  3). 

The  pilot  displ.iy  consisted  of  one  page  of  data 
accessible  from  the  maintenance  menu.  Ihi'- 
.illowed  visibility  of  the  GPS  position,  height,  time. 
vcliKity.  number  of  s.itellites  used  in  the  n.oig.ition 
solution  and  the  figure  of  merit  1 1  ( )M  ii  1  igiiie  2.4 1. 
In  theory,  this  p.tge  was  only  accessible  on  the 
ground  but  it  was  found  th.it  if  it  was  selected  piior 
to  take-off.  it  could  be  displayed  throughout  the 
flight  provided  no  other  p.ige  was  selected  on  the 
MID 
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The  inicgraicd  s>stcm  was  also  flown  on  (JEC 
Ferranii  HS125  aircraft  and  a  Hercules  C130. 
Neither  of  these  aircraft  were  equipped  with  a  1553 
based  avionics  system  with  the  ncccssitry  MFDs  to 
simulate  the  Harrier  ('iR7.  An  additivmal  K.S422 
output  was  therefore  provided  from  the  INS  to 
drive  a  C'DU  software  package  on  a  laptop  I'C.  This 
C'HL'  program  allowed  the  s>stem  to  be  controlled 
to  e.splorc  various  operating  aspects  such  as  the  use 
of  rate  aiding  by  the  (il’S  and  the  frequency  of  the 
Kalman  filter  measurement  updates. 

2J  INTEGRATION  FILTER  DESIGN 

2^.1  The  Requirement 

'Hie  FIN  1()75(>  programme  was  required  toprovide 
a  short-timescale,  low-risk  integration  of  (IPS  into 
the  ()R7  with  minimal  mixJifications  to  existing 
standard  equipments  or  operating  procedures.  The 
ultimate  in  integrated  Navigation  position  accuracy 
was  not  required  -  with  a  relatively  miKiest  0.2 
nautical  mile  worst- case  error  limit  being  adopted 
as  the  design  aim.  It  was  assumed  that  jKTiods  of 
non-availability  of  at  least  four  (il’S  siitellites 
would  result  mainly  from  airframe  masking  rather 
than  terrain  masking  and  would  be  relatively  .short 
and  infrequent.  'Hie  design  aim  was  to  meet  the 
required  position  performance  during  absence  of  a 
full  fiPS  solution  for  periods  not  exceeding  10 
minutes. 

For  a  number  of  reasons  -  including  availability 
within  the  timescales  of  this  programme  -  a  OLC 


Plessey  Avionics  GPS  receiver  was  sclecied,  I  he 
characteristics  of  this  (jPS  receiver  had  to  be 
considered  in  optimising  the  filter.  1  he  receiver 
operation  is  described  below. 

2JJ!  The  GPS  Sub- System  Operation 
2JJ.1  Operation  With  Full  GPS  Solution 

When  at  least  four  sittellites  are  being  tiacked  with 
giHKl  ('il)OPand  signal-to-noi.se  ratio  this  receiver 
operates  essentially  as  a  stand  alone  navigator. 

Pseudo-range  and  Pseudo  range-rate 
measurements  are  used  to  ufxlate  estimates  of 
vehicle  position  and  velocity  and  receiver  clock 
error  states  in  a  Kalman  Filter  (KF).  I  his  KF  is 
augmented  to  include  acceleration  states  in  a  "high 
dynamic”  vehicle  such  as  (iR7  -  giving  1 1  states  in 
all. 

Although  it  operates  entirely  "stand-alone"  in  this 
mode  the  (iPS  receiver  is  designed  to  make  use  of 
vel(>city  aiding  data  from  an  IN.S  when  available. 
I'he  velocities  are  first  corrected  for  lever  arm 
effects  by  the  INS  so  that  the  aiding  data  provided 
to  the  (IPS  relates  to  antenna  motion. 

Hie  relatively  low  bandwidth  errors  in  the  INS 
velocity  aiding  data  are  modelled  in  a  second 
Kalman  Filter  within  the  CiPS.  'Hie  inputs  to  this 
"INS  Calibration"  filter  -  INS  velocity  error 
measurements  -  are  formed  by  subtracting  ( iPS 
velocity  estimates  from  the  INS  aiding  data.  I'he 
filter  estimates  the  parameters  of  a  sir  |  'v  INS 
error  model.  I’his  data  is  of  value  c  ■  c  u  > 
subsequent  periods  when  the  (IPS  rcquii  n  *" 

In  addition  any  bari'metric  altitude  aiding  v.  ici  i 
compared  against  the  OPS  height  solution  'o 
determine  a  bias  correction.  I'his  data  is  also  of 
value  during  any  subsequent  pcricnls  when  the  (iPS 
requires  aiding. 

2J.2.2  Operation  Without  F'ull  GPS  Solution 

Under  conditions  in  which  insufficient  high  quality 
satellite  data  is  available  to  form  an  independant 
Ol’S  solution  due  to  satellite  masking  or  poor 
(il)OP.  the  OPS  receiver  continues  to  track  av 
many  of  the  available  satellites  as  possible. 

If  no  aiding  ilala  is  available  the  Navig.iiion  K.ilinan 
filter  IS  modified  to  estimate  only  five  si.iies  (.1 
pvisition  and  2  velocity  states)  using  all  .available 
Sittellite  pseudo-range  and  pseudo  r.inge  rate 
measurements  and  bia.s  corrected  baiometric 
altitude  data. 

Lack  of  aiding  data  can  lead  to  dilliculties  in 
reacquiring  siitellites  following  manoeuvres  during 
which  little  satellite  rl.ita  is  available.  I  here  rn.ivbe 
insufficient  data  to  keep  track  of  velocity  ch.inges 
during  the  manoeuvre.  1  arge  velocity  changes  may 


make  satellite  reacquisition  slow  or  even  impossible 
when  stitellites  again  become  visible.  In  this  cttse  a 
crude  estimate  of  aircraft  speed  and  heading 
inserted  manually  via  a  C'DU  may  be  necessary  to 
allow  reacquisition  of  satellite  tracking. 

When  aiding  data  is  available,  the  incoming  INS 
velocity  data  is  first  corrected  by  the  INS  errors 
estimated  and  propagated  in  the  INS  calibration 
Kalman  Filter  within  the  GPS  receiver.  It  is  then 
used  in  the  (3 PS  receiver  to  aid  the  tracking  Unips 
and  the  navigation  solution. 

v'eliicity  aiding  data  from  the  INS.  further 
compenstited  for  lever-arm  effects,  is  u.sed  in  a 
■feedforward’  sense  to  aid  the  airrier  tracking 
loops,  thus  allowing  lower  loop  bandwidth  to  be 
selected  improving  signal  to  noise  ratio  and 
anti-jam  capability.  As  a  result  the  (3PS  velocity 
outputs  arc  correlated  with  INS  vcliK'ity  at 
frequencies  abiwe  the  (reduced)  tracking  knip 
bandwidth. 

When  the  navigation  solution  is  being  aided, 
stitellitc  pseudo-range  rate  data  is  no  longer  used 
to  update  the  GPS  Navigation  Kalman  Filter. 
Corrected  INS  velocity  aiding  data  is  integrated  'o 
give  a  position  estimate  which  is  updated  by 
pseudo-range  measurements  from  any  available 
stitellites.  I'huswhen  INS  aiding  data  is  being  used 
the  errors  in  GPS  output  data  become  correlated 
with  the  errors  in  INS  aiding  data  -  with  a 
potentially  long  correlation  time. 

2.2.3  The  Inertial  Sub-system 

The  F'INI(J75  inertial  system  is  a  gimballed  INS 
employing  three  GCC  Ferranti  lype  125  floated 
Kate  Integrating  Gyros  and  three  pendulous 
accelerometers  in  a  thermally  controlled 
environment,  llie  instrument  axes  arc  maintained 
nominally  in  a  loailly  level  orientation  displaced 
about  the  vertical  from  North  by  a  Wander  angle 
which  rotates  at  the  vcrtiail  transport  rate. 

A  conventional  Haro-Inertial  Height  Loop 
provides  vcrliatl  axis  navigation  data. 

This  product  is  a  derivative  of  earlier  (lEC  Ferranti 
INS  systems  with  a  long  service  history  and  as  a 
result  the  error  model  of  the  INS  is  well 
understtHKl.  Di'minant  terms  (for  most  short 
flights)  arc  the  three  gyro  drifts  and  the  rc.sulting 
tilts  and  velocity  errors  -  including  those  tilts 
resulting  from  the  levelling  and  gyrocompa.s.sing 
phase. 

As  a  medium  accurat7  system  (in  the  Inmph  class) 
tilt  errors  are  relatively  small  following  a  full 
alignment  and  the  INS  error  propagation  is  well 
approximated  by  a  linear  error  model. 


22.4  Integration  Filter  Mechanisation 

As  explained  elsewhere  in  this  paper,  for  ease  of 
modification  it  was  decided  to  locate  a  Kalman 
Filter  within  the  FIN  ll)75G  INS  incorporating  GPS 
Position  and  Velocity  data  with  INS  measurements 
to  produce  combined  INS/GPS  output  data  in  place 
of  the  conventional  INS  output  data.  (See  Figure 
2.2) 

INS  velocity  measurements  are  also  provided  to  the 
GPS  receiver  to  improve  siitellite  reacquisition  and 
tracking  liHip  performance. 

223  Baseline  Integration  Filter  Design 

“Velocity  Error”  and  “Position  Error" 
measurements  are  formed  by  differencing  Position 
and  V'eliK'ity  estimates  from  the  two  navigation 
scnstirs.  The  GPS  position  and  velocity  data  are 
available  to  the  full  PPS  precision.  Ihe  use  of  S/A 
corrected  pseudo-range  and  pseudo-range  rate 
data  is  avoided  for  security  reasons. 

More  fundamental  errors  contributing  to  the 
measurement  differences  (such  as  gyro  drifts,  tilts 
etc. )are  estimated  by  a  Kalman  Filter  incoqn'rating 
an  error  model  of  the  INS  as  described  below, 

Ihe  "best  estimates"  of  INS  velocity  and  position 
error  are  propagated  and  subtracted  from  the  INS 
output  to  provide  wide  -bandwidth,  continuous  data 
with  long-term  accuracy  similar  vo  GPS  . 

F.stimates  of  INS  errors  are  available  for  updating 
the  INS  calibration  stores  post-sortie,  however 
in-llight  feedback  of  INS  calibration  dat.i  is  avoided 
to  maintain  the  integrity  and  independence  of  the 
INS  attitude  reference. 

2.2.5.1  GPS  Measurement  Model 

Within  the  Integratmn  Filter  GPS  Position  and 
Velocity  outputs  are  considered  independent,  and 
their  errors  are  treated  as  "white  noise"  -  since 
GPS  bias  and  other  correlated  errors  are  both 
difficult  to  observe  and  sufficiently  small  to  ignore 
using  the  PPS  measurements  from  the  PA4()52  . 

2232  Measurement  Update  Rate 

It  was  considered  desirable  only  to  use  GPS  data 
which  is  totally  independent  of  INS  aiding  data  to 
avoid  "cttscaded  filter"  considerations  and  potential 
problems  with  filter  divergence  due  to  possibly 
unstable  feedback  liHips.  'Ihe  required  operational 
scenarios  arc  such  that  periods  of  non -av.iilability 
of  a  four-satellite  constellation  exceeding  a  few 
minutes  are  expected  to  be  rare.  Also  the  error 
growth  -rate  of  an  opcn-liHip  I  INI()75  INS  would 
be  expected  to  be  of  the  order  of  2()(lm  (worst  case) 
in  the  first  15  minutes  immediately  following 
alignment.  Ihcrefore  integrated  system 
performance  was  expected  to  meet  the  (1.2  nm 


requirement  throughout  periods  of  non-availability 
of  CiPS  aiding  data  of  the  order  of  ISmins  given  that 
INS  errors  remain  modelled  in  llight  to  the  level 
a>.hieved  following  a  ground-based  alignment 
phase. 

FIN  1075  errors  are  dominated  by  low-frequcney 
effeets  whieh  remain  consistent  over  relatively  long 
periods  of  time.  It  was  felt  that  such  errors  may  be 
estimated  adequately  using  GPS  data  relatively 
infrequently. 

ITierefore  the  baseline  assumption  was  made  that 
GPS  aiding  data  would  be  used  to  update  the 
Kalman  Filter  relatively  infrequently  -  perhaps 
every  200  to  300  seconds  -  and  only  at  times  when 
a  pure  GPS  Navigation  solution  was  available. 

Several  advantages  were  expected  to  be  gained  by 
the  decision  to  use  GPS  data  relatively 
infrequently:- 

(1)  Only  well  validated  GPS  measurements 
would  be  used  following  a  period  of 
succe.ssful  completion  of  error  and  data 
validity  checks  -  avoiding  the  inclusion  of 
"rogue"  measurements  in  the  integration 
filter. 

(2)  'Fhe  assumption  of  "whiteness"  in  the  (IPS 
measurement  data  is  more  valid  if  the  time 
between  measurements  is  long  compared 
with  the  true  correlation  time  -  a  function  of 
tracking  loop  bandwidth.  (iPS  Navigation 
Kalman  filler  dynamics  etc.  (.Nil  Ihis  maybe 
more  important  when  using  SPS  data). 

(.7|  Several  consecutive  error  measurements 
may  be  averaged  to  reduce  the  true  white 
noise  component  of  error  measurements 
introduced  by  the  GPS  receiver,  the  INS  and 
any  synchronisiition  jitter. 

(4)  Ilie  simple  GPS  while-noise  error  model 
would  be  more  tolerant  to  gaps  in  GPS 
availability  of  several  minutes  if  the  GPS 
measurement  noise  covariance  level  was 
selected  on  the  basis  of  a  low  update  rate. 

However  following  a  series  of  covariance 
simulations  intended  todetermine  pre''erred  values 
for  filler  noise  parameters,  stales  and  Ufxlatc  rates. 
It  was  shown  that  more  frequent  U(xlalesgavc  lower 
"step  changes"  in  integrated  system  position  and 
Velocity  outputs  . 

This  IS  believed  to  result  from  an  improvement  in 
the  observability  and  separation  of  different  IN.S 


error  mechanisms  with  more  frequent 
measurements.  An  update  rate  of  l/.7t)  11/  was 
finally  chosen. 

2.2.5J  INS  Error  Model 

As  a  result  of  a  series  of  covariance  simulations 
using  a  comprehensive  GPS  and  INS  truth  model 
with  the  baseline  Kalman  Filter  the  following  ten 
Kalman  Filter  States  were  chosen:- 


Hori/ontal  Position  Error  (2  states) 

Horizontal  V'eliK’ity  Error  (2  slates) 

Hori/iintarrills  (2  states) 

Heading  Error  (1  states) 

X.Y.Z  gyro  drifts  (3  states) 


It  was  decided  not  to  include  accelerometer  bias, 
and  mistilignment  terms  since  these  errors  remain 
fairly  well  correlated  in  most  llight  scenarios 
(where  there  is  only  a  small  change  in  wander 
angle).  'Hie  absence  of  these  terms  is  neither 
significant  in  determining  integrated  navigation 
performance  nor  in  maintaining  calibration  of  the 
Inertial  .System. 

2JI.5.4  GPS  Data  Synchronisation  And 
Validation 

Formation  of  accurate  position  and  veU'ciiy  error 
measurements  is  critical  for  properoperaiion  of  the 
Kalman  Filter,  ('are  was  taken  to  ensure  that  data 
from  the  two  independent  sensors  was  adei.|uatcly 
synchronised,  and  that  only  valid  measuieiiients 
from  the  GPS  were  used. 

GPS  measurements  are  made  at  111/  and  the 
subsequent  GPS  position  and  vcliKity  estimates 
transmilied  on  the  instrumentation  [vort  up  to 
4(X)mScc  later.  ITie  IN.S  position  and  velocity 
estimates  arc  formed  from  measurements  taken  at 
regular  intervals  occurring  at  approximately  41111/. 
The  IN.S  position  and  velocity  outputs  pertaining  to 
the  two  measurement  points  prior  to  and 
subsequent  to  the  GPS  measurement  ;ire  recorded, 
and  linear  intcqaolation  is  used  to  generate  an 
otimate  of  the  IN.S  measurements  appropriate  to 
the  time  of  the  (iPS  me.isuremcnt.  I  hiis  error 
measurements  can  be  formed  from  cllectivelv 
synchronous  data,  becoming  available  up  to 
4(X)m.Sec  after  their  true  tune  of  validity 

Prior  to  use  by  the  Kalman  l  iliera  number  of  d. it. i 
validation  checks  are  performed,  niece  involve 
monitoring  (iPS  moding.  “1  lealth"  and  (  ov.iriance 
estimate  outputs,  and  comparison  of  the  individual 
proposed  Kalman  Filter  innovations  againsi  a  limit 
determined  from  the  predicted  innovation 
covariance. 
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RESULTS 

2.3.1  Vehicle  And  HS125  IVials 

Ilie  .system  was  initially  tested  in  a  vehicle  driving 
around  Edinburgh,  litis  gave  a  feel  for  the  ability 
of  the  rate  aiding  to  assist  the  (iFS  in  recovering 
satellite  tracking  after  obscuration  by  buildings, 
litis  was  the  first  time  that  the  (IPS  receiver  had 
used  rate  aiding  data  over  the  RS422 
instrumentation  port.  Some  minor  problems  were 
found  but  on  the  whole  the  system  performed  very 
much  as  e.spected. 

lltc  system  was  then  fitted  in  the  (]E('  Ferranti 
HS125  for  a  series  of  flight  trials,  llte  first  flights 
were  conducted  using  the  (IPS  in  a  stand  alone 
mode  to  try  to  assess  the  effects  of  siitellite  masking 
during  manoeuvres  and  the  benefits  of  using  rate 
aiding  data.  Ilic  flight  profiles  consisted  of  patterns 
giving  high  changes  in  vehK'ity  vector  in  one  or  both 
axes  which  were  conducted  at  low  and  high  bank 
angles  with  and  without  rate  aiding. 

Ilie  results  indiaited  that  obscuration  was  a 
significant  problem  especially  when  rate  aiding  was 
not  used.  Under  these  circumstance.s.  the  receiver 
could  take  several  minutes  to  re-acquire  the 
siitellites  once  the  aircraft  was  flying  straight  and 
level.  When  rate  aiding  was  applied,  the  UPS 
receiver  tended  to  have  all  five  satellites  back  in 
track  before  the  aircraft  had  completed  the  roll  out 
from  the  manoeuvre. 

A  total  of  twelve  hours  flying  was  carried  out  during 
these  initial  tests  which  were  u.scd  to  debug  the 
system  software  and  check  the  data  recording 
system  before  the  equipment  was  delivered  to 
A&AEE  Boscombe  Down  for  flight  trials  on  the 
Harrier  UR7  and  C13(J  Hercules  aircraft. 

2.32  Harrier  GR7  Trials 

A  Harrier  UR7  of  SAOEU  at  A&AEE  Boscombe 
Down  had  been  mixlified  for  the  flight  trials  of  the 
INS/UPS  system.  Iliese  trials  were  intended  to 
establish  a  baseline  standard  against  which  future 
flights  could  be  assessed  and  then  go  on  to  explore 
the  behaviour  of  the  INS/UPS  system  in  an 
operational  environment,  including  weapon 
release  trials  and  consideration  of  tactical  benefits. 

The  first  flight  in  the  UR7  was  conducted  on  the 
19th  December  1991  with  mixlcratc  quality  UPS 
coverage.  I'hc  flight  lasted  for  one  hour  and  was 
(fora  first  flight)  very  successful.  The  Kalman  filter 
had  only  u.sed  the  UPS  data  for  the  first  thirty 
minutes  before  the  (3 PS  Estimated  Position  Errors 
exceeded  the  rejection  level  and  the  UPS  data  was 
no  longer  used  by  the  filter.  Up  until  that  point,  the 


errors  oltserved  on  Hying  over  wayjtoints  were  zero 
to  within  the  steering  calculation  resolution. 

Some  minor  problems  were  observed  during  the 
first  flight  with  the  UPS  receiver  and  the  INS 
software.  Considerable  effort  was  pul  in  by 
Ferranti  and  Plessey  to  resolve  these  problems 
before  Hying  started  in  earnest  in  Januaiy  iuq2. 

A  total  of  eleven  Highls  were  Hown  for  the  initial 
evaluation  of  the  system.  Data  from  these  flights 
was  recorded  by  the  data  logging  system  i  until  the 
batteries  went  Hat)  and  also  on  the  HUD  video 
recxirding  system  which  included  the  pilot 
radio/intercoin.  Ilie  pilot  could  iherelore  make 
comments  alxiut  the  quality  of  UPS  data  just  jirior 
to  overHying  the  wayjxiint  to  help  with  subsequent 
analysis.  The  accuracy  of  the  system  was  estimated 
by  measuring  the  offset  of  the  target  marker  from 
the  waypoint  on  the  HL>D  video. 

Fhere  were  several  i>ccasions  when  the  system  was 
observed  to  be  in  error  by  up  to  0.3  of  a  mile  on 
overflying  a  waypoint.  This  was  largely  due  to  an 
incorrect  position  having  been  quoted  fi>r  the 
waypoint.  'Hius  a  significant  fraction  tif  the 
observed  errors  m  flight  may  be  due  to  the 
res(>lution  of  the  waypoint  data  and  the  steering 
calculation. 

lypically,  the  overflight  errors  were  estimated  lobe 
of  the  order  of  100  metres  with  tcrmintil  errors  on 
the  pan  of  .30  to  60  metres.  Ibese  initial  flights  were 
flown  without  the  crypto  variables  h.ivmg  been 
loaded  into  the  receiver  because  of  opertitional 
limitations,  ’lliis  will  be  addressed  in  lime  for  the 
next  pha.se  of  the  trials. 

Finally,  si'me  mention  should  be  made  of  the 
weapon  release  trials  conducted  during  a  night 
flying  exercise. 

'Hie  INS/UP.S  equipped  UK7  flew  low  level  at  night 
to  a  bombing  range  in  the  north  of  Scolkind  and 
relca.scd  a  live  bomb,  scoring  a  direct  hit.  I'his  was 
the  first  demonstration  of  the  UR7  ahilny  to 
achieve  the  night  attack  role  with  IN.S/UPS  fitted 

2JJ  CI30  Hercules  Trials 

In  parallel  with  the  (3R7  trials,  a  second  system  was 
flown  in  a  C13()  to  provide  a  qu;intit;itive 
assessment  of  the  integration.  I'his  time,  the 
receiver  was  loaded  with  the  crypto  varitibles  ;ind 
was  therefore  providing  PP.S  d;ila.  A  reference 
system  was  also  flown  against  which  the  INS/UP.S 
could  be  compared.  These  flights  also  explored  the 
effects  of  signal  attenuation  ;md  mtisking  on  the 
UPS  receiver  and  the  integration  priKess. 

I'he  data  from  these  flights  is  still  being  processed, 
but  some  factors  have  already  emerged.  Ihc 
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Kalman  filter  has  not  yet  been  “fine  tuned”  and 
therefore  may  not  be  settling  as  rapidly  as  it  should. 
ITiere  is  alst>  s«.)me  doubt  as  to  the  way  in  which  the 
GPS  receiver  behaves  when  using  rate  aiding  data. 
When  the  analysis  of  the  flight  data  has  been 
completed,  the  filter  parameters  will  be  m'-HJified 
and  a  limited  flying  programme  conducted  to  verify 
that  the  changes  behave  as  expected. 

3  FUTURE  WORK 

The  integration  work  carried  out  so  far  is  just  the 
first  step  in  prixlucing  an  operational  INS/GPS 
integrated  system.  It  is  a  basic  solution  which  can 
be  improved  considerably  both  in  terms  of 
performance  and  of  the  capabilities  that  it  can 
provide. 

3.1  USE  OF  PSEUDO  RANGE  AND  RANGE 
RATE  DATA 

The  integrated  system  as  it  stands  makes  use  of 
GPS  position  and  veliKity  data.  In  Girder  to  provide 
this  data,  the  GPS  receiver  must  track  four  or  nu>re 
satellites.  If  the  aircraft  spends  much  of  its  time 
manoeuvnng  or  flying  at  low  level  with  significant 
masking  terrain,  the  GPS  will  be  unable  to  provide 
a  navigation  solution  for  much  of  the  time. 
However,  it  is  still  receiving  useful  information 
from  the  .satellites  that  are  still  visible.  The  Kalman 
filter  can  be  mcnJified  to  make  use  of  individual 
satellite  range  and  range  rate  measurements 
instead  of  the  position  and  vekKity  data. 

There  are  security  problems  associated  with  the 
transmission  of  the  data  neccssiiry  for  the  Kalman 
filter  to  make  u.se  of  the  range  and  range  rate  over 
a  data  link.  The  security  aspect  has  still  not  been 
resolved  and  may  present  an  insurmountable 
problem  to  uirtying  out  this  work  with  this 
configuration  of  .system.  An  embedded  system 
would  provide  the  stilution  to  this  problem  since  the 
sensitive  data  docs  not  leave  the  unit. 

3.2  FEEDBACK  OF  ERROR  STATES 

The  present  configuration  applies  the  error  states 
to  the  INS  data  before  it  is  transmitted  to  the  rest 
of  the  aircraft  systems,  llie  error  states  arc  not  fed 
back  to  the  IN.S  and  do  not  affect  the  raw  inertial 
behaviour  of  the  INS.  ITic  sy  stem  performance  can 
benefit  from  feedback  of  the  error  states,  either 
after  a  flight  or  during  it. 

3J.1  Post  Flight  Feedback 

The  IN.S  can  be  maintained  in  a  ailibrated  state  by 
feeding  back  the  gyro  drift  estimates  after  a  flight. 
I'hese  are  then  used  to  update  the  mini-bias  trims 
when  the  INS  is  next  used,  'nic  associated 
covariances  from  the  Kalman  filter  am  also  be  used 


in  a  weighting  algiirithm  to  dcterniinc  the 
propvirtion  of  the  gyro  drift  estimate  th.it  is  used  to 
update  the  mini-biases. 

3JJI  In  Flight  Feedback 

If  error  states  are  f'vi  in  flight,  the  K.ilin.in 
filter  can  provide  an  in-air  alignment  facility.  The 
primary  requirements  of  the  alignment  are  that  the 
platform  will  be  level  and  the  instrument 
orientation  relative  to  true  north  is  established. 
Ilie  Kalman  filter  estimates  of  tilt  and  heading 
error  will  be  fed  back  to  the  INS  which  w  ill  then  use 
them  to  level  the  platform  and  measure  the 
direction  of  true  north,  llie  INS  w  ill  also  make  use 
of  GPS  position  and  velocity  data  to  keep  the 
platform  level  during  the  alignment  priK'ess. 

llie  Kalman  filter  will  have  different  weighting 
associated  with  the  error  states  during  the 
alignment  compared  with  the  normal  (in-flight 
ailibrate)  mode. 

3.3  USE  OF  SPS  DATA 

The  behaviour  of  the  system  when  using  SPS  d.ita 
needs  to  be  investig.ited  lurther.  I  his  has  .ilready 
been  addressed  to  some  extent  because  the  initial 
GR7  flights  had  to  use  SPS  data,  the  measurement 
noise  values  used  by  the  Kalman  filter  were 
increased  to  take  account  of  S.-\  and  the 
accept/'reject  limits  for  the  use  of  the  GPS  data 
were  al.so  increased.  No  attempt  was  made  to  loiik 
at  the  characteristics  of  the  S.\  and  optimise  the 
filter  for  the  use  of  this  kind  of  d;ita. 

Ilic  effect  of  the  S.A  was  very  noticable.  especially 
on  the  velocities.  Ilic  oscillation  due  to  SA  can 
clearly  be  seen  when  the  INS  and  GPS  velocities 
arc  differenced.  Ilic  Kalman  filter  currently 
follows  the  oscillaiiims  due  to  S.A  in  position  and 
velocity  which  may  account  for  the  slow  settling  of 
the  filter  that  has  been  observed. 

4  CASE  STUDY  2-FIN  IDKIG 

A  second  case  study  is  the  proposed  retrofitting  of 
(.iPS  into  the  liirnado  as  a  Mid-I.ife  Im|irovement. 

A  study  has  been  conducted  jointly  by  GT.( 
Ferranti  and  (iFfC  Plessey  to  incoqiorate  a  GPS 
receiver  aird  set  within  a  modified  TIN  11)111  INS  to 
provide  an  enhanced  navigation  capability.  Iliere 
arc  several  distinctions  between  the  proposeil 
approjich  and  that  adopted  for  the  initial  phase  I'f 
FIN1(I75G.  resulting  from  the  rhllermg 
requirements  of  the  programmes. 

4.1  FIN  lOIIX;  ARCHITECl  URE 

The  FINIOIOG  design  ineor|iorates  an  inertial 
platform.  INS  electronics,  a  GPS  receiver  card  set 
and  an  additional  ()X(I20  processor  which  hosts  the 
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integration  software.  The  CiPS  and  INS  Suh.systems 
are  eapable  of  eompletely  independent  operation 
from  separate  pow  er  supplies  and  interfaces  and  do 
not  share  any  common  modules  or  single  piiint 
failure  mechanisms. 

I'he  embedding  of  the  tlPS,  INS  and  integration 
filter  within  a  single  LRU  allows  low  latency, 
secure,  data  transfer  between  the  sub.s-yterns. 
F  igure  4.1  shows  the  internal  arrangement  of  the 
subsystems  within  F^INlOKKi  and  the  outputs 
avail.ible  to  the  Ibrnado  aircraft  avionics  system. 
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4.1.1  Advantages  of  FINIOIOG  Architecture 

I'he  F'IN  lOlOCi  integrated  (iPS'lNS  set  is 
specifiailly  designed  to  provide  the  maximum 
possible  benefit  in  terms  of  integrated  performance 
and  functionality  whilst  imposing  minimum  impact 
on  the  existing  liirnado  navigation  sub-system 
architecture. 

I'he  benefits  of  this  design  solution  include  the 
following:- 

(1)  .\utomatic  IN.S  error  estimation  and 
post-sorlie  updating  -  avoiding  the  need  for 
periodic  re- calibration 

(2)  .Significantly  improved  INS  performance  - 
even  in  Mights  where  (iPS  is  not  available. 

(3)  Enhanced  OPS  availability/anti-jamming 
performance  through  velocity  aiding. 

(4)  Use  of  OPS  satellite  range  and  range-rate 
data  directly  in  the  integration  Kalman 
F'iller  allows  Navigation  performance  to  be 
enhanced  by  using  data  from  any  available 
satellites  and  docs  not  require  a  full  (il’S 
solution  to  be  available. 

(.3)  I'hcrc  is  great  flexibility  and  redundancy  m 
adapting  the  aircraft  avionics  through  the 


provision  of  “raw"  IN,  "raw"  OPS  and  the 
integrated  INS/Ol’S  solution. 

(6)  The  weight  of  the  FdNlOlOO  is  significantly 
lower  than  the  combined  weight  of  the 
independent  INS  and  OPS  systems. 

(7)  Ihere  is  no  additional  volume  required  in 
the  aircraft  toaccomiKlaie  the  OPS  icccivcr. 

(S)  .Aircraft  installation  rcquireineiits  are 
minimised. 

4.1  J  FINIOIOG  Inlvgralion  Filter 

The  INS  erri'r  model  used  in  the  IINIIIlilO 
Kalman  I'ilter  includes  the  same  ten  erioi  vi.iicsav 
those  used  in  I’lNKIT.sO  inicgraiioii  I  ilici. 

Since  the  EINIOlOO  inertial  pla'ioim  is 
north- slaved  a  number  of  error  nuUi.ini'.ms 
remain  correlated  m  flight  with  their  corrc'ponding 
initial  tilt  erri'rs  leg.  hori/ontal  accelcromcier 
bi.ises)  therefore  a  relatively  simple  eno;  model  is 
sufficient  even  for  long  Might  profiles. 

42  GLAM  ITATIVK  PKRFDRMAM  K 
LEVELS  OF  FIN  lOlOG 

4.2.1  Simulation  Techniques 
4J.1.I  Simulation  Program  Modules 

In  order  to  estimate  the  performance  levels  of  LIN 
lOlOO  in  operation  m  liirnado  ain  raft  a  suite  of 
simulation  program  modules  have  been  employed. 
Ehese  modules  include  the  followmg:- 
(1)  ( iPS  satellite  constellation  model. 

|2)  (iPS  range  and  range-rate  measuiement 
error  model.  I  including  groiiiKl.  space, 
.itmospheric  and  user  segment  ei  lors) 

(3)  F  IN  UllOCi  gimballed  INS  sub  system  eiior 
model. 

(4)  F  IN  lOlIKi  error  coefficient  ageing  model. 

(5)  FIN  l()|()(j  Kalman  I  alter  model. 

(b)  PIN  lOlOO  Monte  Carlo  peiformance 
analysis  executive. 

4.2.L2  Simulation  Rationale 

The  PIN  IDHKi  system  will  provide  a  number  of 
performance  improvements,  operational 
advantages  and  addition.il  functionality  to  the 
Navigation  sub  system  of  the  liirn.ido  ainraft. 
I  hesc  have  been  described  qualitatively  in  Section 

4.1  above.  In  order  to  quantify  the  anticipated 
performance  improvements  a  .series  of  detailed 


simulations  have  been  performed  -  the  results  of 
which  are  presented  in  Section  4.3  below. 

The  performance  of  the  FIN  1010  INS  currently 
fitted  to  the  Tornado  has  also  been  simulated  over 
the  s;ime  operational  s<:enario  to  enable  direct 
comparisons  to  be  made. 

4J.1  J  FIN  lOlU  Performance  Simulations 

FIN  1010  performance  has  been  simulated  over  the 
long-duration  flight  profile  defined  in  the 
PrixJuction  Specification  for  the  Inertial  Navigation 
Equipment  for  the  'Ibmado  aircraft. 

In  general  the  performance  of  the  FIN  1010  INS 
becomes  gradually  pcKirer  with  increasing  time 
interval  from  the  most  recent  calibration  update 
due  to  long  term  changes  in  instrument  error 
coefficients. 

Rccalibrations  are  therefore  performed  as  required 
to  maintain  good  performance  -  with  a  typiatl 
recalibration  interval  of  around  one  year. 

U)  take  into  account  these  changes  with  time  and 
variations  between  different  production  INS 
equipments,  a  set  of  FIN  10 10s  have  been 
modelled.  Error  coefficients  of  each  of  these  INSs 
have  been  generated  such  that  for  each  of  the  ten 
INSs  they  are  known  at  defined  intervals  from  the 
time  of  delivery. 

1110  statistiail  properties  of  the  error  coefficients 
after  calibration  and  their  ageing  characteristics 
have  been  determined  and  verified  by  analysis  of 
calibration  trends  observable  from  field  reportsand 
long  term  inertial  instrument  test  data.  In  order  to 
take  account  of  the  “on-condilion”  recalibration 
process  predicted  position  error  is  examined 
following  each  simulated  flight.  Kecalibration 
corrections  arc  applied  when  the  terminal  error 
exceeds  a  value  equivalent  to  the  limits  used  in  the 
field  to  determine  the  need  for  rccalibration  of  FIN 
1(110  equipments  (three  miles  error  after  two 
hours). 

Statistics  of  the  performance  of  the  set  of  10  FIN 
1010s  have  been  produced  for  operation  over 
notional  “test"  flights  following  the  chosen  flight 
profile  at  monthly  intervals  during  the  12  months 
from  delivery. 

An  extract  from  this  data  is  presented  below  in 
Section  4.3  and  demonstrates  the  degradation  in 
expected  performance  as  the  simulated  FIN  1010 
population  ages. 

4.2. 1.4  FIN  lOiOG  Performance  Simulations 

FIN  lOIOG  performance  has  also  been  simulated 
over  the  long  duration  flight  profile  defined  in  the 


Production  Specif iait ion  for  the  Inertial  Navigation 
Equipment  for  the  Tornado  aircraft. 

In  order  to  allow  direct  comparison  with  FIN  1010 
performance  it  has  been  assumed  that  a  set  of  10 
FIN  lOIOG  equipments  is  available  utilising  a  set  of 
INS  sub-systems  of  identical  instrument  error 
coefficient  values  (at  all  times)  to  those  used  in  the 
FIN  1010  simulations  described  above.  During 
normal  operation  with  GPS  sub-system  data 
available  FIN  lOlOG  produces  estimates  of  the 
major  instrument  error  coefficient  values  w  hich  are 
subsequently  used  to  update  the  calibration  of  the 
INS  sub-system.  ITiis  process  is  precisely  modelled 
in  the  simulation  software.  During  normal 
operation  with  GPS  data  available  the  internal  FIN 
lOlOG  Kalman  Filter  produces  best  estimates  of 
aircraft  vcliK’ity  and  position  at  all  times.  ITiese 
pr»K’es.ses  are  also  precisely  modelled  in  the 
simulation  software. 

4.2.1.5  Operational  Scenario 

For  simulation  puiyHises  it  has  been  assumed  that 
one  week  prior  to  each  monthly  “test"  flight  an 
identical  sortie  has  been  flown  resulting  in 
automatic  calibration  of  the  INS  gyro  drift 
coefficients.  FIN  lOlOG  performance  statistics 
have  been  produced  for  the  following  outputs  and 
operational  conditions:- 

(1)  Errors  in  velocity,  position  and  heading 
outputs  to  the  Main  Computer  via  the 
existing  Panavia  data  link  for  each  monthly 
test  flight  and  their  rms  over  a  12  month 
period  assuming  that  GPS  data  is  not 
available  during  the  test  flights  (but  used  one 
week  earlier  to  calibrate  the  INS 
sub-system). 

(2)  Errors  in  "best  estimates"  of  position, 
velocity  and  Heading  output  on  the 
additional  Panavia  Data  link  for  use  by  the 
aircraft  system. 

4.3  SIMULATIONS  RESULTS 

4J.1  FIN  1010  Performance 

Figure  4.2(a)  to  4.2(d)  indicate  the  expected  errors 
in  Radial  Position,  North  and  East  VeliKities  and 
Heading  of  the  FIN  1010  over  the  operational 
scenario  described  in  Section  4.2. 1.3  above.  Ibese 
show  the  expected  performance  of  the  twelve 
month  old  population  of  FIN  lOlOs,  the 
performance  one  month  after  delivery  and  the 
overall  performance  within  the  first  twelve  months 
after  delivery.  The  degradation  in  performance 
with  age  is  explained  by  long  term  changes  in  gyro 
drift  coefficients. 
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Recalibrations  were  performed  as  in  Ihble  4.1 
below:- 


FIN  1010 
UNIT 

MONTH  OF  RECALIBRATION 

1 

7 

2 

- 

3 

- 

4 

- 

5 

7.  11 

6 

8 

7 

9 

8 

9 

9 

- 

10 

7 

Table  4.1 

For  reference  the  FIN  1010  specification  limits  are 
also  shown  on  the  Position,  Velocity  and  Pleading 
Error  graphs. 

It  should  be  noted  that  the  long  term  position  and 
Pleading  errors  are  seen  to  exceed  the  INS 
Specification  values.  This  results  from  the 
relatively  infrequent  recalibraiions  performed  in 
practice  compared  with  those  allowed  for  the  FIN 
1010  specification. 

4.3J  FIN  lOlUG  Performance 

Two  sets  of  results  arc  presented  here  relating  to 
FIN  lOlOG  performance.  These  compri.se  the 
direct  INS  sub.systcm  outputs  and  the  Rest 
Estimates  outputs  from  FIN  lOlOG  in  the  presence 
of  GPS  data  during  a  Eight. 

In  practice  each  FIN  lOlOG  will  operate  with  far 
more  sorties  per  year  in  which  GPS  is  available  to 
calibrate  the  INS  sub-system  than  the  twelve 
assumed  for  the  purposes  of  this  simulation. 
Further  more  there  will  in  general  be  a  variety  of 
different  flight  profiles  Eown.  Ifiese  factors  can  be 
expected  to  improve  the  automatic  INS  calibration 
process  resulting  in  even  better  performance  from 
the  INS  sub-system  than  demonstrated  in  these 
simulations. 

Further ‘tuning’  of  the  internal  FIN  lOlOG  Kalman 
filter  mechanisation  and  noise  parameters  may  give 
even  more  satisfactory  performance  than  those 
presented  below  for  the  INS  outputs  by  further 
improving  automatic  calibration. 

4.3J.1  FIN  iOlOG  INS  Sub-system  Performance 

Ihis  section  includes  the  results  of  the  simulations 
of  FIN  lOlOG  performance  for  the  outputs  to  the 
Mam  Computer  -  without  GPS  available  during  the 
modelled  flights. 


Figures  4. 3. (a)  shows  Radial  Position  Error  (cep). 
Figure  4.3(b)  shows  rms  North  Velocity  error,  figure 
4.3(c)  shows  rms  East  Velocity  error  and  Figure 
4.3(d)  shows  rms  Heading  error  as  functions  of 
flight  time  -  in  e.ach  case  the  results  represent 
overall  performance  within  one  year  from  delivery  . 

'Ilic  performance  is  always  within  the  current  INS 
specification  even  though  no  routine  calibrations 
have  been  performed. 

'Fhis  performance  level  will  be  maintained 
indefinitely  in  service  without  recalibration  since 
the  “settled”  performance  level  is  established 
within  the  first  two  months  after  delivery  . 

43.2.2  FIN  lUlOG  Integrated  System 
Performance 

'ITtis  section  includes  results  for  the  FIN  IDIDG 
“Best  Estimates"  of  Position.  VelcK’ity  and  Heading 
on  the  new  Panavia  data  link  outputs  to  the  aircraft 
system  -  with  GPS  available  during  the  modelled 
flights. 

Figure  4.4(a)  shows  Radial  Position  Error  (cep), 
figure  4.4(b)  shows  rms  North  V'eliK'ity  error,  figure 
4.4(c)  shows  rms  East  VcliK'ity  error  and  Figure 
4.4(d)  shows  rms  Heading  error  as  functions  of 
flight  time.  In  each  case  the  results  show  the  overall 
performance  within  one  year  from  delivery . 

Ibe  performance  is  always  well  within  the  INS 
specification  even  though  no  routine  calibrations 
have  been  performed.  Ibis  performance  will  be 
maintained  indefinitely  in  service  without 
recalibration  since  the  “seiiled"  perform, ince  level 
is  established  within  the  first  two  to  three  months 
after  delivery. 

Comparison  with  the  results  presented  in  Section 

4.3.1  above  show  the  dramatic  improvements  in 
performance  obtainable  with  a  fully  integrated 
GPS/INS  navigation  system.  Ibis  quality  of 
performance  is  obtainable  from  FIN  lOKKi  without 
any  modification  of  the  existing  liirnado  aircraft 
avionics. 

5  CONCLUSIONS 

5.1  RETROFIT  CONSIDERATIONS 

Improvements  in  GPS  coverage  and  the  increasing 
availability  of  user  equipment  offers  the  potential 
for  significant  enhancement  of  existing  aircraft 
navigation  systems.  Ibis  in  tarn  extends  the 
operational  capabilities  of  the  aircraft.  In  order  to 
provide  the  maximum  availability  and  performance, 
the  (iPS  system  must  be  integrated  with  other 
navigation  sensors. 

There  are  as  m;iny  possible  ways  of  integrating  GPS 
within  a  navigation  suite  as  there  are  different  suite 


j 


designs.  ITie  two  case  studies  in  this  paper  have 
shown  some  of  the  difficulties  associated  with 
fitting  GPS  to  an  aircraft  with  a  modern  avionics  fit 
and  have  described  how  they  may  be  overcome. 

52  SINGLE  CARD  INTEGRATION  AND 
GPS  INTERFACE 

ITie  two  case  studies  gave  two  examples  of  how  an 
existing  INS  am  be  mtxlified  to  interface  with  the 
GPS  and  make  use  of  its  data  without  requiring 
mtxlifications  to  the  rest  of  the  navigation  suite. 
This  is  not  necessarily  the  optimal  way  to  fit  the 
GPS  but  it  certainly  is  a  cost  effective  method.  It 
also  has  the  advantage  that  the  addition  of  the  GPS 
is  transparent  to  the  pilot  in  that  the  operation  of 
the  INS  is  not  altered  by  the  presence  of  the  GPS. 

5.3  DEMONSTRATION  OF  SYSTEM 
CAPABILITY 

The  FIN  1075G  flight  trials  conducted  so  far  have 
shown  the  tremendous  improvements  in  navigation 
accuracy  and  pilot  workload  reduction  that  can  be 
achieved  by  the  incorporation  of  GPS.  lliey  have 
also  demonstrated  a  rapid  reaction  otpability  by 
making  the  navigation  accuracy  independent  of  the 
INS  alignment  time,  thus  giving  increased 
operational  flexibility. 

Further  flights  will  also  demonstrate  a  reduction  in 
the  cost  of  ownership  due  to  the  constant 
calibration  of  the  INS. 

In  the  Oise  of  FIN  lOlOG,  simulations  have 
demonstrated  the  potential  for  long  term 
navigation  accuracy  exceeding  the  performance 


capability  of  stand  alone  GPS  coupled  with  the  high 
bandwidth  of  inertial  navigation  data. 

5.4  FURTHER  EXPANSION 

'ITie  systems  described  am  be  expanded  to  provide 
a  variety  of  c.xtra  facilities  such  as  aided  alignment 
and  INS  performance  monitoring  for  maintenance 
puqxrscs. 

'ITie  GPS  aided  alignment  gives  the  aircraft  a  rapid 
reaetkm  capability  removing  any  uncertainty  in  the 
initial  position  and  allowing  the  alignment  tt' 
priKeed  <luring  taxi  and  take-off.  It  can  ,ilso  be 
used  to  give  an  autonomous  at-sea  alignment 
capability  thus  increasing  the  operational  flexibility 
of  the  aircraft. 

Ilie  error  estimates  from  the  Kalman  filter  can  be 
used  not  only  to  calibrate  the  INS  but  also  to 
monitor  trends  in  the  errors  and  give  warning  of  an 
incipient  INS  failure  before  it  has  an  impact  on  the 
mission. 
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Abstract 


C'otnhined  Satellite  an  I  Inertial  Navigation  Sysl-  ius 
can  ai-hieve  e.xtrenily  high  po.sitioning  accuracies  in 
the  siihineter  range  even  in  the  dynamic  environ¬ 
ment  of  aircraft. 

This  paper  presents  the  concept  of  the  "Integrated 
Navigation  Sy.slem"  developed  at  the  Institute  ijf 
Flight  Guidance  using  coupled  satellite  and  inertial 
sensors.  Flight  te.sl  results  are  shown,  which  >leinon- 
strate  that  this  system  has  the  potential  to  .achieve 
the  acruracy  requirement.s  according  to  IC.-\0  CAT 
III  for  high  precision  approaches  even  under  had 
weather  condition.  . 


1  Introduction 

When  the  .-Vnierican  satellite  navigation  system  GPS 
(fig  1)  and  it.;  Rii.s.sian  equivalent  G1.0.\..\SS  ar-’ 
fully  operational,  there  will  be  two  navigation  sy¬ 
stems  available,  which  are  more  accurate  than  .any 
other  medium  or  long  range  navigation  system 
Today  the  ii.se  of  these  two  systems  is  restricted  in 
time,  because  not  all  of  the  provided  sp.are  vehicles 
are  launched  operational.  This  means  that  the  geo¬ 
metrical  coiifigiiralion  of  the  satellites  is  not  suffi¬ 
cient  for  precise  position  determination  at  all  times, 
but  this  will  change  m  the  near  future. 

At  the  Institute  of  Flight  Giiulanre  of  the  lerhnical 
Pniversity  of  Braiiti.schweig  an  "Integrated  .N.aviga- 
tion  Systeni"  is  under  development,  which  '■miples 
GPS  in  the  ditferenlial  mode  with  inertial  sensors 
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Figure  1:  fJlobal  Po.si!ioning  System  fiPS  jlj 
by  Kalman  filtering 

I'sing  this  .system,  it  is  possible  to  mqirove  the  posi¬ 
tion  accuracy  of  GP.'^  C/.-\-cude  receivers  !■)  me-t 
the  rei(uirements  for  ,,-'-cisioii  approach  ami  Ian 
ding  even  under  bad  weather  conditions  according 

to  ICAtf  CAT  III 

In  July  l'J8!)  the  first  worldwide  automatic  banding 
using  GPS/INS  w:us  otliciallv  dnmonsl rated  with  ite- 
research  commuter  aioT.-.f*  o\;iied  by  the  Insti  u'e 
During  se-.  -ral  approaches  to  Hannover  airport  run 
way  '2TR.  the  'Tn'egralerl  System"  w.us  compared 


to  tlif  InslriiiiK-nt  L.ituliiig  System  (ILS).  wlueli  is 
known  as  the  European  reference  system  in  K’AO 
ANNEX  10  [2]  The  Might  test  results  sh.wv:  The  sy¬ 
stem  meets  ICAO  CAE  III  accuracy  rennirements. 
W  hen  these  satellite  navigation  systems  are  availa¬ 
ble  worhlwiile  21  hours  a  May,  precision  approaches 
ami  laiulings  can  he  performed  at  any  place  in  the 
world  not  eipjipped  with  Instrument  Landing  Sy¬ 
stems  (ILS)  or  Microwave  Landing  Systems  (MLS). 
This  will  he  a  great  advantage  especially  for  General 
.Aviation  operating  from  regional  airfields,  which  are 
not  equipped  with  such  e.’cpensive  systems  like  ILS 
or  MLS  .Approaches  iimler  had  weather  conditions 
become  p^issible.  Regularity  and  Might  safety  will 
increase  significantly. 

Several  applications  and  tests  at  the  Institute  of 
Flight  Guidance  show:  This  "Integrated  .Navigation 
System  "  will  allow  the  guidance  of  an  aircraft  ilu- 
ring  all  phases  of  the  Might,  like  taxiing,  take  off. 
enroiite,  approach  and  landing. 

1.1  Navigation  Systems  in  Use  Today 

Today  aircraft  are  eijnipped  with  a  variety  of  naviga¬ 
tion  systems  depending  on  the  application  (tab  1) 


Table  1:  Navigation  .Aids  Today 

In  general  the  required  accuracy  of  a  .system  decre.a- 
ses  with  the  reipiired  range  For  long  range  naviga¬ 
tion.  aircraft  are  equipped  with  Inertial  Navigation 
Sysfem.s  (I.NS)  and  Very  Low  Frequency  Omega, 
where  the  horizontal  position  of  the  aircraft  is  deter 
tnined  by  a  hyperbola  methoil  llejght  is  me.asnred 
by  railar.  radio,  or  barometric  altimeters 
For  medium  range  navigation  VOR  (Very  high  fre¬ 


quency  Omnidirect lou  d  R.idiorange)  and  ll.MK  I  Di¬ 
stance  Meiu-iiremeni  Equipment  i  are  used  .A  l  otii- 
biiiatioii  of  both  alhavs  to  determiiie  the  hori/ontal 
position 

Precise  approach  and  l.itidiiig  are  t.isk^  whici  re¬ 
quire  .a  high  accuracy.  niU  onlv  i:i  lion/,  iital  j  osi- 
tioii  but  .also  in  height  These  l.Lsk.'  ar.  fultille.l  hy 
Instrument  Landing  Systems  ill, Si  iml  .Micr.iwave 
Landing  Systems  (.MLS) 

.A  compariscui  of  the  acciir.aci.  s  ,  f  th'-  lilferent  ti.i 
vig.alioti  systems  is  shown  iti  flcur.  2 


,timi 

Figure  "2:  Fosii.ion  Errors  A'ersus  Distance  for 
Dilferent  Positioning  Systems  [di 


2  ILS  Accuracy  Requirements 


TliP  aci'iiraoy  rpi|iiir'’mp|ils  for  the  groiiml  etjiii|'- 
meiit  of  Iiistriinieiil  Lamtiiig  Systems  (ILS)  are  deti- 
netl  in  K'AO  ANNEX  10  ['Jj  For  a  horizontal  visibi¬ 
lity  of  200  m  and  a  vertical  visibility  of  0  tn  the  ILS 
e(|iiipment  has  to  fiilhll  the  rei|niremenl.s  for  ICAO 
CAT  111  For  a  standard  3000  tn  riinway  with  a  3 
degree  gliile  path  the  guide  heatn  characteristics  are 
described  in  figure  3  The  deviation  of  the  aircraft 
due  to  errors  of  the  ILS  lias  to  be  less  than  I  5  in 
horizontal  and  12  tn  vertical 


Figure  3;  II. S  rnleraiifos 


3  The  Use  of  GPS 

For  about  two  decades  the  Attiericaii  (iFS  h.u-  been 
utider  development  1  lie  ^perilieil  acrura.  y  f.ir  ir.ili- 
tary  use  i.s  m  the  ratige  rif  la  m  (PI’S:  Precise  Posi¬ 
tioning  Service)  For  civil  usi-rs  a  reduce. 1  accuracy 
of  loo  m  will  be  provided  (SPS  Standard  Positio¬ 
ning  Service)  I  his  accuracy  vvill  be  available  world- 
wnle  21  hours  a  .lay  It  presents  a  tug  step  forward 
m  civd  aviati'.n  One  system  .  an  be  use.)  for  long 
and  me.lium  .listances  as  well  as  for  terminal  flights 
The  main  priticiple  ..f  position  .leterniination  vviih 
this  satellite  system  will  be  described  tuiefly  (fig  1) 
The  signals  traiismitte.l  by  the  satellites  inclmie  the 
parameters  (ephemeris)  from  which  tlie  trajectories 
.;f  the  '.it'  llites  I  an  be  calciilateil  I  sing  aloiiiic 
. do.  ks  'inboard  the  sat.  Ihtes  ainl  |irecise  .  rystal  os- 
/illator'  III  the  re.eiv»r  'he  (.ropagation  tune  of  the 
signals  .  an  b.'  measure. I  Mnii  the  pseu.lorang.'s 
are  rompiifed  by  multipdy  ing  th.’  propagation  time 
by  the  spee.l  of  light  Fills  rang.'  ili'lu.l.'s  th'-  range 
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Fivgure  I;  Ha.-ir  Prim  iph'  of  ( ; PS 

error  (ir...luce.l  by  tie'  tim.'  .  Ifs.-t  b.  twe.'n  the  re.-ei- 
ver  .'1...  k  an. I  th.-  sy  n.  hroiiiz.  d  sat.  Hit.'  clo.'ks  I'his 
means  that  four  unknowns  must  !..■  I'l.rimne'l 

•  laiilud.'  g. 

•  I'.ngiiii.le  A 

•  altiiu.le  II  ami 

•  clo.-k  offset  _N' 

F'.r  the  calculaiioii  of  a  t  hr.,  -ilmi.'tisi.  uial  position 
It  Is  m  '. -sary  i'.  me  isur.  im  tits  fr  .m  it  h  ast 

four  sat.'llitis  III  sight 

3.1  GPS  in  Differential  Mode 

A  typical  posili.in  .-rror  ..f  a  stationary  .  (lerated 
CPS  receiver  IS  given  in  figure  7  bsing  the  raw 
.lataofa  |i)  channel  C/  A-r.i.|e  r.'c.  iver  the  position 
calciilati.Jii  vva.s  .lone  with  c.i.le  aiui  pti.a.se  m.'.a-sure- 
in.'iits  .luring  an  ..l.s.-rvati.  .n  tim.'  of  approximately 
3  fi.  'urs 

Idle  cor responi ling  ( i.'om.  t  rm  1  )ilut  loii  Of  Pr.  .  ision 
(<il)OP)  ami  tile  nuiiib.  r  of  sat.  Ihtes  ((  'omp-SN  ) 
vvlmdi  ar.'  U'.'l  for  tlu-  ■  oiiipiit  at  mii  ar.’  .I'pnte.i  m 
ligur.'  a 

In  ligur.'  7  th.'  .‘If.  ■  t  ..f  th.  artili.ial  r.  'luction  of 
th"'  salellit.'  signal  a.  .'urai  y  by  S.'le.  tive  Availabi¬ 
lity  (S  'A)  .  an  I . bserv.  .|  During  llu’  lime  shown 
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Figure  5:  GDOP  and  number  of  satellites  used 
for  the  position  computation 

in  the  plot  the  accuracy  of  the  horizontal  position 
(north/east)  is  degraded  to  ±60  in  in  maxiinurn. 
The  error  in  the  vertical  position  shows  a  larger  am¬ 
plitude  of  up  to  80  m.  These  artificial  errors  su¬ 
perpose  the  natural  error  sources  like  ionospheric 
or  tropospheric  intluence;  on  the  propagation  of  the 
signals  or  inaccuracies  of  'he  satellites'  clocks. 

All  these  errors,  artifical  o-  natural,  can  be  elimina¬ 
ted  by  using  GPS  in  the  differential  mode.  In  the 
surrounding  of  a  known  gr  lund  station  we  can  as¬ 
sume  that  the  measured  err  -s  arc  the  same  as  those 
at  an  onboard  receiver  (Gu  [4]).  The  transmission  of 
the  ground  error  data  to  the  user  (fig  6)  for  correc¬ 
tion  of  the  position  calculate<l  onboard  can  reduce 
the  postion  error  significantly 


Figure  6:  Differential  GPS  for  Precision  Ap¬ 
proach  Guidance 

Figure  8  shows  the  result  of  the  differential  compu¬ 
tation  using  a  second  receiver  to  correct  the  measu¬ 
rements  of  the  first  receiver  (fig  7). 
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Figure  7:  GPS  Measurement  (v=0) 

The  position  errors  in  all  three  directions  are  redu¬ 
ced  to  the  centimeter  level  The  observable  jumps 
are  caused  by  the  changes  of  the  selected  satellite 
configuration  (compare  fig. 6).  These  e.\i  elleiil  lest 
results  are  only  achievable  in  a  stationary  or  quasi¬ 
stationary  environment.  During  dynamic  manoeu¬ 
vres  tested  receivers  showed  significant  individual 
errors. 


<U5r - - - 1 - - - r 


HliS  t - - - 1 - - - 1 - _i - - - 1— - 1 

21000  30000  33000  34000  30000  30000 

UTC-TVin  Col 


UTC-TItiio  Col 


Figure  8:  DifTerential-GPS  Measurement  (v=0) 


3.2  Integrity  Problems 

Excellent  results  such  a.s  the  ones  mentioned  above 
can  only  be  achieved  if  the  vehicle  velocity  is  fairly 
constant.  For  a  receiver  moving  at  varying  speed 
the  bandwidth  needs  to  be  enlarged.  This  leads  to 
an  increa.se  of  the  noise  level.  During  manoeuvres 
several  receivers  may  show  time  delays  due  to  in¬ 
fluences  of  acceleration  on  the  receiver's  clock  and 


some  show  a  rather  strong  amplitude  aUeniiatioii 
which  leads  to  navigation  errors. 

For  aviation,  system  integrity  is  of  outmost  import¬ 
ance  The  GPS  consists  of  four  segments  the  con¬ 
trol  .segment,  the  space  segment,  the  user  segment, 
and  the  propagation  path  of  the  signals.  Failures 
of  the  control  segment  can  be  avoided  by  parallel 
redundancy  They  will  not  lead  to  an  outage  of 
the  whole  system  but  only  to  a  degradation  of  per¬ 
formance  caused  by  the  me  of  old  ephemeris  and 
correction  data.  For  the  space  segment  three  spare 
satellites  are  planned  to  ensure  integrity.  Outages 
can  occur  nevertheless  if  tb.e  visible  satellites  have 
a  poor  constellation  Whereas  iiitt'grity  of  the  user 
segment  can  be  ensured  by  using  several  receivers, 
there  is  little  to  nothing  one  can  do  to  ensure  the 
integrity  of  the  signal  propaealiiin  between  satellite 
and  receiver. 


Figure  5;  .\la.sking  of  the  GF’.S  antenna 


One  type  of  failure  of  this  kind  is  the  masking  of  the 
GPS  antenna  during  turn  flights,  see  figure  [)  In 
most  cases,  the  receiver  will  loose  contact  to  several 
and  in  many  ctises  to  all  satellites.  Total  break¬ 
downs  of  the  position  determination  of  up  to  two 
minutes  have  been  observed 

When  using  carrier  phase  data  iinrecovered  cycle 
slips  repre.sent  outages  in  the  sen.se  that  the  desi¬ 
red  performance  cannot  be  achieved  For  DGPS  sy¬ 
stems.  the  data  link  pre.senls  additional  opportuni¬ 
ties  for  failure. 
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Fcr  precision  approaches  of  civil  aircraft  using  St’S 
(Standard  Positioning  Service  /  C /A-(\>ile)  the  ob¬ 
tained  accuracy  and  integrity  only  by  using  pseu¬ 
dorange  rneasureineiit.s  is  not  sufficient.  For  preci¬ 
sion  applications  the  use  of  GPS  in  differential  mode 
based  on  carrier  phase  measurenients  can  reduce  the 
errors  significantly  But  it  becomes  clear  that  the 
standard  integrity  renuirements  for  air  navigation 
and  ospecially  for  precision  approach  cannot  be  ful¬ 
filled  by  GPS  itself.  The  only  way  to  improve  in¬ 
tegrity  is  to  use  GPS  with  a  complementary  sensor 
system  like  an  Inertial  Measurement  Unit  (IMF) 

4  Integrated  Navigation  Sy¬ 
stem 

If  the  advantages  of  GPS  are  to  be  used  witliout 
neglecting  the  reiiuirements  of  integrity  and  good 
dynamic  behaviour,  a  system  with  complementary 
characteristics  has  to  be  added.  As  seen  from  table  2 
an  Inertial  Measurement  (  nit  is  an  ideal  candidate. 


GPS 

IMU 

1 

Self 

Contained 

. 

no 

V>'S 

Initialization 

Required 

no 

yos 

Error 

Behaviour 

rel.  high  noise, 
stationary 

low  noise, 
drifts 

Dynamics 

time  delay, 
amplitude 
attenuation 

no  noticeable 
time  delay 
or  attenuation 

Output  Rate 

0.5  -  I  Hz 

up  to  ino  Hz 

Table  2:  Comparison  GPS  ■  IMU 

The  b^^sic  idea  behind  the  integration  of  GPS  and 
IMU  is  to  estimate  the  inertial  sensor  errors  online 
using  GPS.  At  the  same  time  the  IMU  can  be  used 
to  bridge  cycle  slips  and  times  of  loss  of  lock,  but 
most  important  is  to  bridge  the  time  between  two 
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Figure  10:  Fully  Integrated  Navigatiou  System 

On  the  basis  of  theoretical  studies,  simulations  and 
flight  tests  took  place  at  the  Institute  (.if  Flight  G  ii- 
dance  and  Control  of  the  Technical  University  of 
Braunschweig.  For  these  tasks  it  is  pi;is.sihle  to  use 
the  two  flight  simulators  operated  by  the  institute, 
one  primarily  for  haste  research  and  the  otlier  one  for 
routine  tasks.  In  the  basic  research  simulator  a  fully 
dy  namic  model  of  a  wide  body  aircraft  is  implemen¬ 
ted.  Models  for  the  orbital  trajectories  of  the  satel¬ 
lites  and  for  the  propagation  of  the  electro-magnetic 
waves  through  the  atmosphere  are  available  Inve¬ 
stigations  with  the  pilot  in  the  loop  are  possible  as 
well  as  the  variation  of  ty  pical  sensor  behaviours. 
These  tools  are  used  in  a  closed  chain  with  the  test 
aircraft.  Simulation  results  are  validated  by  flight 
tests  and  the  flight  test  results  then  can  fie  under¬ 
stood  by  theory  and  simulator  runs.  For  this  pur¬ 
pose  the  Institute  of  Flight  Guidance  owns  two  re¬ 
search  aircraft  of  the  types  Dornier  DO  28,  DO  128 
These  aircraft  are  fully  eipnpped  with  air-data  sen¬ 
sors,  INS.  GPS,  telemetry,  interface  computers,  suf¬ 
ficient  datastorage  rapacity,  actuators  and  displays 

(fig.ll). 


Figure  11:  Cross  Section  DO  28 

5  Applications  and  Examples 

5.1  High  Precision  Approach  Gui¬ 
dance 

An  integrated  GPS-IMU  system  for  precision  ap¬ 
proach  and  landing  has  been  developed  at  the  Insti¬ 
tute  of  Flight  Guidance  at  the  Technical  University 
of  Braunschweig  A  block  diagram  of  this  system  is 
shown  in  figure  12. 


Figure  12:  Integrated  Flight  Guidance  System 

The  position  and  attitude  of  the  aircraft  is  deter¬ 
mined  by  Differential  GPS  (DGPS),  IMU,  and  an 
altimeter.  From  the  threshold  coordinates,  the  pi¬ 
lot’s  commands,  and  the  present  position  a  com¬ 
manded  trajectory  is  computed  and  then  compared 
to  the  actual  trajectory  flown.  The  difference  is  ei¬ 
ther  displayed  on  an  Horizontal  Situation  Indicator 
(HSI)  and  the  cross  pointer,  or  input  to  the  autopilot 
which  computes  commands  for  moving  the  control 
surfaces. 

This  system  allows  even  steep  and  curved  approa¬ 
ches.  The  only  ground  equipment  needed  is  a  GPS 
monitor  station  with  a  data  link  to  transmit  the  dif¬ 
ferential  corrections  to  approaching  aircraft. 

Using  such  a  system  the  first  worldwide  fully  auto¬ 


matical  landing  was  performed  m  July  I'J.'t'J  with  the 
twin  engined  test  aircraft  Doriiier  Uo  2t<  of  the  '['erii- 
iiical  University  of  Braunschweig  Thi.s  took  place 
during  the  public  deiiionsi ration  flights  on  July  11, 
1989  at  the  symposium  'Satellitennavigation  in  der 
Fliigfiihruiig’  of  the  German  Institute  of  Navigation 
(DGON)  in  Braunschweig. 

Figure  I.?  shows  the  result  of  a  flight  test  approa¬ 
ching  Hanover  airport  runway  27R.  The  Hanover 
ILS  is  named  as  a  reference  .system  for  Europe  in 
ICAO  Annex  10  [2]. 

The  position  information  of  the  integrated  naviga¬ 
tion  system  is  transformed  to  the  polar  coordinate 
system  cf  the  H.S  and  compared  with  the  deviations 
given  by  the  cross  pointer  of  the  ILS.  Depicted  is  the 
difference  between  both  systems  versus  the  distance 
to  the  threshold  The  borders  of  the  boxes  represent 
the  accuracy  requirements  of  a  precision  approach 
according  to  ICAO  Category  Ill,  This  means  that 
the  pilot  has  no  vertical  or  horizontal  sight  until 
touch-down  From  this  point  on  tl. :  horizontal  sight 
has  to  increase  to  a  minimum  af  200m 
The  figure  shows  that  these  accuracy  requirements 
are  achieved  in  ail  cases.  Only  in  the  immediate 
surroundings  of  the  threshold  the  differences  are 
larger  due  to  errors  of  the  IL.S.  caused  by  passing 
the  glideslope  transmitter.  Fsperially  for  the  lo¬ 
calizer,  the  results  are  well  within  the  required  li¬ 
mits.  Therefore  one  '•oiild  also  imagine  to  use  an 
integrated  DGPS-I.MU  for  the  calibration  of  ILS  in 
the  future  At  tn*  moment,  this  is  done  by  using  a 
theodolite  equipped  with  a  laser  tracker. 


Distance  to  threshold  |m) - ► 


5.2  Taxi  Guidance 

Today  safe  landings  can  be  performed  evt  n  under 
bad  weather  conditions  using  ILS.  There  are  only- 
few  and  inadeipiioe  installations  though  that  assist 
the  pilot  to  find  the  right  way  to  the  ramp,  especially 
m  darkness,  rain,  or  fog  The  safety  and  capacity  of 
airfields  could  be  improved  if  the  position  of  the  air¬ 
craft  on  the  field  would  be  known  e.xactly,  monitored 
by  the  pilot  and  controller,  and  if  taxi  instructions 
would  be  transmitted  and  executed  automatically. 
The  Institute  of  Flight  Guidance  of  the  Technical 
University  of  Braunschweig  has  developed  a  proto¬ 
type  Taxi  Guidance  .System  (.Vlbhlenkamp  [-o]).  it  is 
based  on  DGPS  IMU.  The  position  information  can 
be  shown  on  a  display  The  airport  coordinates  are 
stored  on  a  transputer  system  which  is  also  used  to 
identify  the  runway  nuniber  and  for  the  calculations 
of  the  free  programable  graphics  The  system  has 
been  demonstrated  during  the  field  se.ssion  of  the 
First  International  Symposium  on  DGF’S  in  Braun¬ 
schweig  in  September  11)91. 


5.3  Special  Projects 

Special  projects  where  the  aircraft  is  a  platform 
for  survey  equipment,  impose  high  requirements  on 
positioning,  altitude  deietminalion.  and  guidance. 
Such  applications  are  e  g  aerial  phologrammetry. 
remote  sensing,  or  airborne  gravimetry 
Aerial  phologrammetry  requires  that  the  pictures 
taken  overlap  to  a  certain  percentage.  To  achieve 
this  the  aircraft  has  to  be  guided  on  a  special  pat¬ 
tern  (fig.M)  with  an  accuracy  of  a  few  meters.  Espe¬ 
cially  the  intercept  on  the  return  flight  is  a  very  de¬ 
manding  task.  With  the  DGPS-IMU  system  and  a 
special  flight  director  parallel  stripes  with  a  distance 
of  50  m  can  be  guiderl  with  an  accuracy  of  5  m  at 
moderate  turbulence. 

Laser  profiling  for  contour  maps  requires  knowledge 
on  position  and  altitude  of  the  aircraft,  see  figure 
15. 

In  a  test  conducted  in  cooperation  with  the  Insti¬ 
tute  of  Phologrammetry  of  the  Stuttgart  University, 
heights  obtained  by  DGPS-IMU  and  a  laser  altime¬ 
ter  were  compared  with  photogranirnetrically  deter¬ 
mined  heights.  For  approximately  17,000  measure¬ 
ments  the  differences  were  less  than  25  cm  (tab  .3) 
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Figure  14:  Ground  Track  of  the  Integrated  Na¬ 
vigation  System  for  Aerial  Photogrammetry 


Figure  15:  Earth  Surface  Contour  Measurement 

6  Summary 

The  Global  Positioning  System  provides  a  positio¬ 
ning  accuracy  that  has  never  been  available  so  far 
from  one  system.  GPS  could  replace  the  variety  of 
systems  used  so  far  for  enroute  navigation  and  at 
the  same  it  could  replace  the  expensive  systems  for 
high  precision  approach  guidance  like  ILS  and  MLS. 
GPS  has  revolutionized  positioning  and  surveying 
on  land.  Civil  aviation  that  is  not  subject  to  regu¬ 
lations  and  certification  has  already  made  extensive 
use  of  GPS.  Thanks  to  GPS  many  tasks  can  now  be 
performed  at  a  fraction  of  the  cost  and  time  of  con¬ 
ventional  procedures  Other  applications  have  only 
been  made  possible  by  GPS. 

Provided  that  the  availability  of  CJ  PS  and  also  of  the 


Table  3:  Comparison  of  Laser  Profiling  to  Pho- 
togrammetric  Control  [6] 

russian  GLONASS  will  be  ensured,  a  similar  evolu¬ 
tion  will  take  place  in  regulated  aviation.  Applicati¬ 
ons  which  have  not  been  possible  so  far  such  as  auto¬ 
matic  landings  on  grass  strips  or  landings  in  accor¬ 
dance  with  ICAO  CAT  111  on  non-equipped  airfields 
have  already  been  demonstrated.  This  could  be  of 
interest  especially  for  regional  airfields,  for  airports 
in  less  developed  countries  and  for  special  military 
applications.  A  number  of  other  applications  .such 
as  taxi  guidance  are  being  investigated  The  poten¬ 
tial  of  satellite  navigation  is  immense.  Increasing  air 
traffic  and  increasing  costs  for  air  traffic  control  will 
not  allow  to  leave  this  potential  unused 
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Abstract 

Algorithms  are  described  for  integration  of 
Differential  Globa!  Positioning  System  (DGPS)  data 
vi/ith  Inertial  Navigation  System  (INS)  data  to 
provide  an  integrated  DGPS  INS  navigation  system 
The  objective  is  to  establish  the  bene’its  that  can 
be  achieved  through  various  levels  of  integ'ation  of 
DGPS  With  INS  for  precision  navigation  An  eignt- 
state  Kalman  fitter  integration  was  .mplemenied  in 
real  time  on  a  twin  turbo-prop  transport  aircraft 
to  evaluate  system  performance  during  terminal 
approach  and  landing  operations  A  fully  integrated 
DGPS/INS  system  is  also  presented  which  models 
accelerometer  and  rate-gyro  measurement  errors 
plus  position,  velocity,  and  attitude  errors  The 
fully  integrated  system  was  implemented  off-line 
using  range-domain  (seventeen -state)  and  position- 
domain  (fifteen-state)  Kalman  filters  Both  filter 
integration  approaches  were  evaluated  using  data 
collected  during  the  flight  test  Flight-test  data 
consisted  of  measurements  from  a  5  channel 
Precision  Code  GPS  receivei.  a  strap-down  Inertial 
Navigation  Unit  (INU),  and  GPS  satellite  differential 
range  corrections  from  a  ground  reference  station 
The  aircraft  was  laser  tracked  to  determine  its 
true  position.  Results  indicate  that  there  is  no 
significant  improvement  in  positioning  accuracy 
with  the  higher  levels  of  DGPS/INS  integration  All 
three  systems  provided  high-frequency  (e  g  .  20 
Hz)  estimates  of  position  and  velocity  The  fully 
integrated  system  provided  estimates  of  inertial 
.  insor  errors  which  may  be  used  to  improve  INS 
navigation  accuracy  should  GPS  become 
unavailable,  and  improved  estimates  of  ac¬ 
celeration,  attitude,  and  body  rates  which  can  be 
used  for  guidance  and  control  Precision  Code 
DGPS/INS  positioning  accuracy  (root-mean-square) 
was  1.0  m  cross-tiacK  and  3.0  m  verticai.  (This 
AGARDograph  was  sponsored  by  the  Guidance  and 
Control  Panel.) 
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Introduction 


Tne  rig>^!y  aCCurate  wor  d  W'de  POS.I  on-ng 
capaD  '  ty  of  tne  GioDa!  Pos  ticn.ng  System  ‘GPSi 
nas  revo  -t  on, zed  navigation  Ove'  'he  past  'en 
yea's  many  s'ud  es  have  evaii>ated  tne  u'e  o'  GPS 
‘or  a  vai  ety  of  a  r.  sea  and  and  pos  t  on  "g  and 
"avgat  on  appi  cat  ons  T"e  prec  s:on  n-  -a'y  CPS 
code  ;P  Code;  provides  10-20  m  pos  i  on  ng 
accuracy,  the  coa'se  acqu’Siton  -.ode  ;C  A  Codei 
•r-e  Civilian  GPS  code,  prov  des  20  40  m  pos-t  on  ng 
accuiacy  (too  m  when  Selective  Avanab.-ty  'S 
activated!  [18]  Local  corrections  to  saieii'Ie 
range  measurements  are  the  basis  of  Dif'erentia‘ 
GPS  (DGPS).  which  provides  an  even  more  accurate 
solution  Positioning  accuraces  of  12m  m  the 
norizon'al  plane  and  2-4  m  vert, cal  have  been 
demonstrated  with  DGPS  [5-8.12  14] 

The  demonstrated  accuracy  of  GPS  has  generated  a 
great  deal  of  interest  in  evaluating  the  use  of  GPS 
and  DGPS  for  navigafon  to  support  term  nai  area 
flight  operations,  incl-jdmg  approach  and  land.ng 
[2.5-14]  The  integration  of  DGPS  w-th  an  Inert  .i: 
Navigat  on  System  (INS)  is  of  particular  interest 
The  INS  provides  excellent  transient  response  but 


lacks  ic.ig  term  stab  ty  Tfre  GPS  •’as  exte  lem 
long  term  stab  '  ty  D  t  t'as  ■" 'e‘d  t'a''Sien: 
response  cha'acte'  st.cs  VV'nen  property 
integrated,  me  two  systems  co""pe'”ent  eacn  0”'*" 
very  well  to  rea  ze  a  r  gh  ‘req,^e"c.y  gn 
accu'acy  nav  ga*  on  system 

DGPS  researct-  at  NASA  Ames  began  n  me  ea-  y 
1 980's  when  a  C  A  Code  DGPS  syste'"  was 
developed  and  f  ghi  tested  on  a"  SH  3G  ne  iccpte' 
usmg  Single  charme'  seq-^ene  ng  'ece-ve'S  [m  >4^ 
The  oDrect've  was  to  evaluate  me  use  of  DGPS  to 
Support  helicopter  le'mmai  approach  opera!  o^s 
Pos.t.oning  accu'acies  durmg  lira:  approacn  were 
very  encourag  "g  (5  2  •  4  0  m  (In!  late'a!  a'‘a 
•35  m  ilc!)  verfca  )  Vert. cal  axis  'esu 's  we-e 
even  better  when  'ne  sciut  o"  was  a  ded  w  "• 
baromer-ic  i5  •  3  "i  Gni)  a-d  'aao  ;5  •  2  ■"  ;'ni 
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afa.-ed  a^'  ng  mese  e.v  y  tests  de'’'0''C-.t'ated 
potent  ai  of  DGPS  ‘o'  te'^  '-a-  apo'oac"  a-d  'a-q'-o 
ope'at.O''s  S’atc  tests  '•c  ca’ed  tnq'  >.’3  m 


aucu'acy  mg'-;  pe  ai."  eved  m  ‘  g*"  ^s  '-g  ‘„t^'e 
gene'at-on  m^.t  cna-’-e-  eqjpme'-t  [’3] 

In  198''3  NASA  A'-^es  e''tered  '•‘o  a  ,o  nt  p'ag-,!  — 
w  t‘’  t^e  Depa't”e''!  c‘  De‘e''se  a'-c  ‘‘’e  Eece'a 
Av  al  on  Ad"" '•  sfa’ O''!  to  eva  .jate  t-'c-g”  ‘  g'" 

•est.  DGPS  pos  t  o'" '•g  accuracy  a’'d  ‘o  deto"" '-e 
opera:  O'^a'  p'ceed-^'es  'or  —a-r  ng  ef‘ec‘ ve  ..se  c‘ 
DGPS  fo'  ‘e'm  •',1,  a'ea  ‘  gn*  cpe'at  ens  T'-e 
program  was  c  «  ced  '■to  two  p'^ases  P*'ase  ‘  nas 
eva'uated  t'''e  use  of  t*'e  P'ec  se  Poston  '•g  Se'’.- r,e 
iPPS.  I  e  P  Code)  c‘  me  GPS  'or  app'oacn  a''d 
landing  ope'a' Dr'S  Pr-ase  2  w  -  eva  uate  use  o'  t"e 
S'-andard  Post.'^nng  Se'vce  iSPS.  e  C  A  -Code: 
a  oed  With  ca'fie'  pnje^g  measurements  for 
terminal  area  operations  w  th  particular  empnas  s 
on  the  use  of  kmemal  c  carrier  track, ng  'qr 
precision  nav  gat.o.n 

Initial  results  o'  tne  'ecent  ‘i  gni  rest  evaluat  or  of 
P  Code  DGPS  INS  for  termma!  area  operal.ons  a'e 
desc'ibed  m  [5]  A  rea',  time  DGPS  INS  system 
was  installed  m  a  tw  n  tu'PO  prop  transport 
a  rcrafl  The  naviga’  on  a  gonthm  was  a  s  mpie 
e  ght  state  Ka  '-'a'"  ‘  ter  mtegraTun  of  DGPS  w.th 
INS  Posit  O’"  ng  acc;>'acy  rtu'ing  approach  and 
land  ng  was  about  1  m  (fni  ho-  ZQintally  and  3  m 
(In)  verticai'y  Tn-s  paper  'ev‘ews  the  navgatiO'- 


J 


algorithm  that  was  evaluated  in  [Sj  and  then 
extends  that  algorithm  to  a  more  complete 
integration  of  DGPS  wah  INS  The  obiective  is  to 
establish  the  benefits  that  are  achievable  through  a 
complete  integration  of  DGPS  with  INS  for  precis. on 
navigation  Although  there  are  many  papers  in  the 
navigation  l.terature  that  have  explored  methods 
*or  niegrat'on  of  GPS  With  INS  [6.7  9  ’0], 
va.  dation  with  flight  data  has  been  limited 


position  and  velocity,  computed  from  GPS  satellite 
ephemeris  parameters,  are  given  in  ECEF 
coordinates  This  ECEF  frame  has  the  X  axis 
pointing  through  the  equator  at  the  Greenwich 
meridian,  the  Y  axis  90  to  the  East,  and  the  Z  ax.s 
pointing  through  the  North  pole  The  navigation 
equations  m  the  ECEF  frame  are  given  by 


The  paper  begins  with  a  review  of  the  real-t.me 
e  ght  state)  DGPS  INS  algorithm  The  nex. 
sechon  describes  the  eignteen-state  anq  s'xteen 
state  fu.iy  integrated  navigat  on  a  gor.t.n.ms  The 
‘est  equ  pment  ana  the  ‘i.gnt  experiment  are 
aesi-rioed  next  In  the  resu  ts  and  c  scuss.on 
sect  on  the  fui  y  integrated  navigation  algcrOhms 
a’e  va:  cated  .^s.ng  the  flight  data  base  anq 
cc^oarea  to  fne  results  from  the  eignt-state 
system  T-e  paper  c  oses  with  sof'ie  ConcuOrng 
-ema'Ks  Three  append  ces  present  more  deta  ed 
d  scussions  of  GPS  Dseudorange  ano  oeita'ange 
■r.eas^rement  processing  tne  derivat-on  of  the  ti  i 
malr.x  X  nemat'CS.  and  the  Kalman  *i.ier  impiemen- 
'ations  fpr  me  fuHy  integrated  systems 

Real-Time  DGPS  INS  System 

Tne  block  diag'am  shown  m  Fig  1  iHust'ates  the 
ntegrated  navigation  system  that  was  implemented 
ih  real-time  during  flight-test  evaluat  on  of  P-Code 
DGPS  INS  for  approach  and  landmg  [S] 


Fig.  1  -  Eight-Stale  Range-Domain  Algorithm 


The  navigation  equations  were  integrated  at  1  Hz  in 
an  Earth-centered-Earih-fixed  (ECEF)  coordinate 
frame  An  ECEF  frame  is  convenient  since  satellite 


Measurements  cm  the  Inertial  Navigation  Unit's 
(TNU)  locally  lo'-ei  coordinate  frame  were  sampled 
at  ZO  Hz  anq  sto'ed  m  a  ouher  A  navigation  state 
...paate  was  trggered  upon  arrival  of  a  new  set  of 
measurements  from  the  GPS  reco  ver  Spec.'  c 
fO'ces  from  tne  locally  level  frame  tr,a'''“i  were 
converted  to  the  ECEF  frame  and  then  averaged 
over  the  1  second  GPS  update  nterval.  The 
average  spec  fic-force  was  corrected  for  gravity 
anq  miegrated  twice  to  project  position  and 
veloc-ty  to  the  next  (Current)  GPS  measureme.ni 
time  A  flat,  non-rotating  Earth  model  was 
assumed  so  spec '  c  forces  were  not  corrected  'o' 
Co'io  s  and  centr  petal  'o'ces  Gravity  was 
assumed  constant  and  set  to  the  gravity  at  the  test 
s  le.  Since  approach  and  landmg  speeds  were 
relatively  slow  (120  Kt)  and  flight  tests  were 
conducted  at  a  ceritralized  area  at  low  altitude 
Measurements  from  the  INU  were  used  directly 
without  correcting  for  accelerometer  or  tilt 
errors 

Pseudorange  measurements  from  the  airborne  GPS 
receiver  were  first  adjusted  for  satellite  clock 
bias,  tropospheric  delay,  channel  calibration  and 
hardware  delays,  and  the  receiver's  estimate  of 
clock  bias.  Differential  range  corrections,  uplinked 
from  the  ground  reference  station,  were  then 
applied  to  provide  the  best  estimate  of  range  to  the 
satellite  Range-rate  was  approximated  by  dividing 
the  deltarange  measurement  by  the  time  interval 
over  which  the  measurement  was  made  Range- 
rate  data  were  then  adjusted  with  range-rato 
corrections  from  the  ground  station  Differential 
corrections  were  uplinked  from  the  ground 
reference  station  and  applied  at  1  Hz.  Processing 
of  pseudorange  and  deltarange  measurements  and 
the  differential  correction  algorithm  are  described 
in  more  detail  m  Appendix  A. 
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Differentially  corrected  range  and  range-rate  data 
were  input  (as  measurements)  to  an  eight-state 
Kalman  filter  to  update  position  and  velocity.  The 
measurement  model  was  based  on  the  familiar 
range  and  range-rate  equations  given  by 

P  =  KeP  ■  Ps)^(eP  -  +  b  (3) 

P  =  KeP  ■  Pst^teV  -  Vs^fp  +  P  (4) 

The  clock  correction  equation  relating  GPS  receiver 
clock  bias  and  clock  drift  (bias  rate)  is  given  by 

b  =  d  (5) 

Range  and  range-rate  estimates  were  computed 
using  (3)  and  (4)  with  position  and  velocity  state 
projections  from  (1)  and  (2).  Note  that  there  is  no 
coupling  between  the  navigation  and  the  clock 
correction  states.  Differentially  corrected  range 
and  range-rate  measurements  were  differenced 
with  range  and  range-rate  estimates  to  drive  the 
Kalman  filter.  The  filter  computed  corrections  to 
position,  velocity,  clock  bias,  and  clock  drift  and 
applied  these  corrections  to  the  navigation  state 
vector.  The  1  Hz  navigation  solution  was  then 
written  to  disk  for  post  flight  analysis. 

The  real-time  computer  generated  simulated 
Instrument  Landing  System  (ILS)  localizer  and 
glideslope  signals  using  position  and  velocity  from 
the  real-time  (1  Hz)  DGPS/INS  solution  combined 
With  unaided  INU  velocity  at  20  Hz.  The  1  Hz 
DGPS/INS  position  and  velocity  data  were 
converted  from  ECEF  to  the  local  runway  coordinate 
system  (HCS).  aligned  with  the  runway  and 
centered  at  the  touchdown  point  DGPS/INS 
position  in  the  RCS  frame  was  propagated  at  20  Hz 
using  INU  velocity  (converted  to  the  RCS  frame) 
calibrated  with  DGPS/INS  velocity  Localizer  and 
glideslope  commands  were  computed  as  tne  angular 
deviation  of  the  aircraft  position  from  a  nominal  3” 
glide  path.  Glideslope  commands  were  referenced 
to  the  origin  of  the  RCS;  localizer  command"'  were 
referenced  to  a  point  7,000  ft  (2,134  m)  beyond 
the  RCS  origin  on  the  runway  centerline.  The 
computer-generated  guidance  commands  were 
interfaced  to  standard  ILS-type  localizer  and 
glideslope  guidance  displays  in  the  cockpit 

The  navigation  algorithm  used  data  from  a  GPS 
receiver  and  the  INU,  but  ran  in  parallel  on  a 
separate  processor  This  processing  architecture 


was  required  because  the  GPS  receiver  did  not 
accept  differential  corrections.  (The  terms  "INS" 
and  ’INU'  are  often  used  synonymously  in  the 
navigation  literature.  In  this  paper  "INS’  is  the 
more  general  term,  and  ’INU"  refers  to  the 
particular  unit  that  was  used  in  the  flight-test 
evaluation  ) 

Fully  Integrated  OGPS/INS  Algorithms 

The  purpose  of  a  fuliy  integrated  DGPS/INS 
navigation  system  is  to  provide  an  in-flight 
calibration  (or  identification)  of  the  INU's  state  and 
instrument  errors  and  thereby  provide  a  precise 
inertial  navigation  solution  The  block  diagrams 
shown  in  Figs.  2  and  3  illustrate  two  complete 
integrations  of  DGPS  with  INS.  In  these  in¬ 
tegrations,  body  frame  accelerometer  and  rate- 
gyro  errors,  a  barometric  altimeter  bias  error, 
and  the  INU  body-to-level  attitude  (or  tilt)  error 
are  modeled,  in  addition  to  the  position,  velocity, 
and  clock  errors  that  were  modeled  in  the  eight- 
state  system  (Fig  1)  The  system  of  Fig.  2  utilizes 
a  range-domain  filter,  similar  to  that  used  in  the 
eight-state  filter,  and  is  driven  by  satellite  range 
and  range-rate  measurements.  The  system  of  Fig 
3  utilizes  a  position-domain  filter  and  is  driven  by 
DGPS  DOSition  and  velocity  measurements.  Both  the 
range-  and  position-domain  systems  u  -a  the  same 
navigation  equations 


Fig  2  -  Eighteen-State  Range-Domain  Algorithm 


Once  the  inertial  system's  instrument  errors  are 
calibrated,  both  of  these  navigation  systems  could 


provide  an  accurate  solution  even  if  DGPS  data 
become  unavailable.  DGPS  data  are  unavailable,  for 
example,  between  the  1  Hz  samples  or  during 
receiver  dropouts  caused  by  antenna  shading, 
jamming,  or  other  reasons.  The  navigation 
equations  were  integrated  at  20  Hz  since  the  INU 
data  were  available  at  this  rate,  and  20  Hz  should 
be  adequate  for  terminal  area  operat.ons.  In  an 
operational  implementation,  it  is  expected  that  the 
navigation  computations  would  be  done  internal  to 
the  INU  at  a  standard  rate  of  64  Hz  or  256  Hz.  The 
Kalman  filter  updates  should  be  applied  at  a  rate 
that  is  consistent  with  the  dynamics  of  the  inertial 
state  and  instrument  errors  and  the  allowable  drift 
between  updates.  In  this  evaluation  Kalman  filter 
updates  were  applied  at  1  Hz. 


Fig.  3  ■  Sixteen-State  Position-Domain  Algorithm 


Here  we  choose  to  integrate  the  navigation 
equations  in  a  North,  East,  down  locally-level 
coordinate  frame.  A  locally-level  frame  is 
typically  used  for  inertial  navigation  applications 
and  all  of  the  INU  flight  data  are  in  a  locally-level 
frame.  The  locally-level  frame  moves  with  the 
aircraft  and  the  rate-gyro  measurements  are 
integrated  to  level  the  frame  such  that  the  X-Y 
plane  remains  perpendicular  to  the  gravity  vector. 
A  North-pointing  mechanization  was  chosen  for  the 
post-test  analysis.  For  global  usage  in  a  real-time 
system,  however,  the  wander-azimuth  mechaniza¬ 
tion  is  more  appropriate. 


INU  locally-level  frame,  are  the  primary  inputs  to 
the  navigation  equations.  Accelerometer  and  rate- 
gyro  errors  are  each  modeled  with  a  bias  and  scale 
factor,  although  the  off-line  implementation  uses 
only  the  bias  The  need  for  the  tilt  matrix  .T" 
arises  from  the  angular  rate-gyro  error  which 
causes  a  “till"  error  in  the  INU  level  frame. 
Locally-level  specific-force  components  from  the 
INU  are  corrected  for  body  frame  accelerometer 
error  and  rotated  through  the  tilt  matrix  to  the 
corrected  level  frame.  Specific-force  components 
are  then  adjusted  for  gravity  and  Coriolis  forces 
and  integrated  to  give  velocity  in  the  locally-level. 
North-pointing  frame  The  vertical  velocity  is  the 
rate  of  change  of  altitude.  North  velocity  is  divided 
by  Earth's  meridional  radius  of  curvature  to  form 
latitude  rate.  East  velocity  is  divided  by  the 
product  of  Earth's  prime  radius  of  curvature  and 
the  cosine  of  latitude  to  form  longitude  rate 
Integration  of  these  quantities  gives  current 
position  in  terms  of  latitude,  longitude,  and  altitude. 
In  this  system  we  use  the  WGS-84  gravity  model 
which  computes  gravity  as  a  function  of  latitude, 
longitude,  and  altitude.  The  navigation  states  are 
geodetic  position  (latitude,  longitude,  altitude)  and 
velocity  (North,  East,  down),  and  the  three 
components  of  platform  til!  error.  The  navigation 
equations  are 


A  =  F  =  cV^-'IRpCos  \):  h  =  -jV^  (6) 


eV  =  J"  [na'"“  ■  (K^  +  b^A)!  +  c9 

■  (2c“e  +  c“v)  *  cV  (7) 

where 


c“v  = 


c"E  = 


/  Rn 
c  p 

'  r1 

c  fn 

-^v^  tan  \ ! 


(8) 


The  kinematics  required  for  calculating  the  tilt 
matrix  are  derived  in  Appendix  B  and  the  result  is 
presented  here  as 


The  navigation  computations  are  summarized  in  the 
block  diagram  shown  in  Fig.  4.  Specific-force  and 
angular  rate  measurements  (  ^a'™  ,  nUL'"*'  ),  in  the 


j"  =  ■  ■  J" 

■  *  c^"  ( 


9) 
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Fig.  4  •  Inertial  Navigation  Equations 


Note  that  the  specific-force  vectors  na'"''  and  j,a, 
and  the  angular-rate  vectors  andt,6>T’ 
the  rotation  matrix  In  (7)  and  (9)  are  included 
with  or  can  be  computed  from  INU  data. 

Integration  of  GPS  with  INS  using  a  range-domain 
Kalman  filter  is  commonly  used.  One  advantage  to 
this  technique  is  that  the  system  will  continue  to 
navigate  if  range  measurements  from  fewer  than  4 
satellites  are  available.  Another  advantage  is  that 
range  measurements  may  be  applied  sequentially, 
thus  the  method  is  more  compatible  with  sequencing 
receivers.  However,  the  latter  is  a  less  significant 
advantage  since  receiver  technology  is  moving 
towards  multi  channel  systems  rather  than 
sequencing  systems. 

The  position-domain  approach,  which  uses  position 
and  velocity  residuals  instead  of  range  and  range- 
rate  residuals  to  drive  the  Kalman  filter  as 
indicated  in  Fig.  3.,  has  received  some  attention  in 
the  literature  [10,15]  In  the  position-domain 
solution,  the  DGPS  solution  was  computed 
independently  using  a  point  solution  [16]  to  the  GPS 
equations  with  differentially  corrected  range  data. 


The  point  solution  was  extended  to  compute 
velocity  using  a  least  squares  technique  with  the 
corrected  range-rate  data.  One  advantage  to  the 
position-domain  filter  is  that  the  GPS  clock  bias  and 
drift  states  are  completely  separate  from  the 
inertial  navigation  states.  The  clock  correction 
states  need  not  be  included  In  the  Kalman  filter's 
state  and  covariance  projection. 

All  of  the  DGPS/INS  navigation  systems  discussed 
above  (Figs.  1-3)  integrate  the  navigation  equations 
outside  of  the  INU.  i.e..  in  parallel  with  the  INU’s 
navigation  solution.  This  was  an  experimental  re¬ 
quirement.  The  DGPS/INS  systems  could  be 
mechanized  so  that  state  and  measurement  errors 
are  fed  back  into  the  INU  if  the  unit  would  accept 
such  inputs.  The  fully-integrated  range-domain  and 
position-domain  navigation  systems  were 
implemented  off-line  and  evaluated  using  GPS  and 
INU  data  recorded  during  the  flight-test.  Appendix 
C  describes,  in  greater  detail,  some  of  the  design 
features  of  the  actual  off-line  DGPS/INS  implemen¬ 
tations. 


Ill-’’ 


;  vr 


GPS  antenna  TM  uplink 


Fig.  5  -  DGPS  Test  Aircraft  and  Ground  Reference  Station 


Flight  Test  Data  Since  the  RCVR-3A  is  effectively  a  4  channel 

receiver,  It  was  important  that  airborne  and  ground 
The  test  aircraft  (Beachcraft  King  Air  200,  NASA  receivers  tracked  the  same  4  satellites  The 

701)  and  the  mobile  DGPS  ground  reference  station  constraints  associated  with  having  only  4  channels 

used  during  flight-test  evaluation  of  P-Code  at  the  reference  station  would  normally  be 

DGPS/INS  [5]  are  shown  in  Fig.  5.  The  airborne  operationally  unacceptable.  An  operational  ground 

equipment  included  a  5  channel  P-Code  GPS  station  should  have  multiple  channels  to  allow 

receiver  (Rockwell/Collins  RCVR-3A).  a  strap-  tracking  of  all  satellites  in  view.  Differential 

down  ring-laser-gyro  INU  (Litton  LN-93),  and  a  corrections  for  all  satellites  should  be  uplinked  to 

real-time  computer  system.  The  ground  system  the  aircraft.  The  airborne  system  should  then 

includes  an  identical  GPS  receiver  and  real-time  house  satellites  for  its  solution  based  on  the 

computer  system.  Differential  corrections  were  availability  of  differential  corrections  from  the 
transmitted  to  the  aircraft  at  1  Hz  using  an  L-Band  ground  system 
telemetry  uplink  system. 

Approaches  were  selected  from  the  data  base  for 

Standard  3°  approaches  from  6.5  mi  out  were  used  analysis  based  on  three  criteria:  1)  continuous 

to  simulate  approach  and  landing  operations  for  tracking  of  the  same  4  satellites  by  the  airborne 

fixed-wing  aircraft.  Flight  tests  were  conducted  at  and  ground  systems.  2)  good  satellite  geometry, 

the  Crows  Landing  Naval  Air  Station  (located  about  i.e..  POOP  (position  dilution  of  precision)  <r  6,  and 

50  miles  East  of  Moffett  Field,  CA)  during  the  3)  acceptable  laser  tracking  data.  Only  approaches 

period  from  February  to  April  1991  Selective  with  good  satellite  geometry  were  used  because 

Availability  was  off  during  this  time.  The  aircraft  when  the  GPS  constellation  is  complete,  good 
was  laser  tracked  during  each  approach  to  geometry  will  be  available  24  hours  a  day  from 

determine  its  "true"  position.  Laser  range  nearly  every  point  on  the  globe.  If  the  entire 

accuracy  is  nominally  ±0.3  m  (to  noise)  out  to  approach  was  not  acceptable,  the  usable  portion 

about  9  km;  azimuth  and  elevation  accuracy  are  was  included  for  analysis, 

nominally  ±0.2  milliradians  (to  noise).  The  laser 

tracker  was  calibrated  in  the  morning  before  each  Results  and  Discussion 
day's  flight  test.  Laser  range,  azimuth,  and 

elevation  data  were  zero-phase-shift  filtered  Positioning  performance  of  the  integrated 

before  being  used  in  the  truth  position  solution.  navigation  systems  was  evaluated  based  on 

statistical  analysis  of  three  axis  (along-track. 


10-J( 


Distance  from  touch  down  (miles) 

Fig.  6  -  Cross-Track  and  Vertical  Position  Error  Time  Histories  for  15-State  Algorithm 


cross-track,  vertical)  positioning  errors  during  the 
final  approach.  Three  axis  positioning  error  lime 
histories  are  computed  by  comparing  the  DGPS/INS 
navigation  solution  with  the  truth  solution  derived 
from  laser  tracker  data.  For  the  eight-state 
system,  the  real-time  solution  data  recorded  in 
flight  were  compared  with  the  truth  data.  The  fully 
integrated  DGPS/INS  range-  and  position-domain 
algorithms  shown  in  Figs.  2  and  3  (also  see 
Appendix  C)  were  implemented  off-line  and 
validated  using  the  flight-test  data  base.  The  off¬ 
line  versions  do  not  utilize  the  barometric  altimeter 
so  the  range-domain  filter  has  seventeen  states 
instead  of  eighteen,  and  the  position-domain  filter 
has  fifteen  states  instead  of  sixteen.  Fifteen 
approaches  flown  on  4  different  days  with  various 
satellite  combinations  were  used  in  the  post-flight 
analysis. 

Figure  6  shows  composite  time  histories  of  cross¬ 
track  and  vertical  position  errors  for  the  15  stale 
position-domain  solution  plotted  against  true 
distance  from  the  touch  down  point  for  all  fifteen 
approach  segments.  As  expected,  the  cross-track 
•error  is  consistently  smaller  than  the  vertical 
error.  Note  that  the  vertical  error  bound  tightens 
up  at  about  2.5  nmi  (4.6  km),  and  then  expands 
slightly  during  the  last  1  nmi  (1.8  km).  This 
phenomenon  is  somewhat  puzzling  since  GPS  or 
DGPS  accuracy  should  not  be  a  function  of  position 
along  the  approach  path.  The  fact  that  the  laser 


tracker  is  more  accurate  at  shorter  ranges  could 
explain  the  better  performance  as  the  aircraft 
approaches  the  2.5  nmi  mark.  The  larger  vertical 
error  during  the  last  mile  could  be  due  to  increased 
multipath  interference  at  the  airborne  antenna  as 
the  aircraft  gets  closer  to  the  ground.  However, 
this  would  only  be  a  factor  at  altitudes  below  30  m 
(0.3  nmi  (0.5  km)  on  a  3°  approach)  since  the  P- 
Code  wavelength  is  about  30  meters.  The 
composite  time  history  plots  for  the  eight-  and 
seventeen-state  algorithms  look  similar  to  those 
shown  in  Fig.  6. 

Figures  7-9  show  cross-track  and  vertical  position 
error  histograms  for  the  three  levels  of  DGPS/INS 
integration.  Three-axis  position  errors  are 
separated  into  'error  bins'  according  to  axis  and 
sign-magnitude.  The  histograms  show  the 
percentage  of  total  points  that  fall  into  a  particular 
error  bin  plotted  against  the  sign-magnitude  of  that 
bin.  The  histograms  are  based  on  1496  data  points 
recorded  at  1  Hz  from  the  fifteen  approaches. 

Histograms  provide  a  graphical  representation  of 
overall  positioning  performance  for  the  fifteen  ap¬ 
proaches.  The  near-ideal  Gaussian  error 
characteristics  of  the  histograms  indicate  that 
most  correlated  satellite  ranging  errors  have  been 
removed  by  the  differential  corrections.  The  along 
track  histograms  (not  shown)  look  nearly  identical 
to  the  cross-track  histograms,  except  that  they 
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are  ofiset  by  a  bias  error  to  be  discussed  later. 

A  Time  History  Analysis  was  performed  which  uses 
all  data  (at  1  Hz)  from  the  error  time  histones  in 
the  statistical  error  analysis.  This  method  is  based 
on  the  assumption  that  DGPS  positioning  accuracy  is 
not  a  function  of  aircraft  position  in  the  local  area 
(e.g.,  position  along  the  approach  path).  All  points 
from  each  approach  are  given  equal  weight  in  the 
statistical  analysis.  Composite  error  statistics  for 
the  three  levels  of  DGPS/INS  integration  are  given 
in  Table  1 . 

Decision  point  analyses  are  usually  used  to  evaluate 
the  navigational  accuracy  of  approach  and  landing 
systems.  To  determine  navigational  accuracy,  a 
decision  point  analysis  uses  only  data  points 
corresponding  to  a  particular  aircraft  position  along 
the  glide  path,  e  g.,  2  mi  to  touchdown  (TD),  or  the 
200  ft  decision  height  (DH)  on  a  3  deg  glide  path. 

The  mean  and  standard  deviation  of  cross-track  and 
vertical  position  error  at  4  decision  points  along 
the  3°  glide  path  were  computed  for  the  three 
levels  of  DGPS/INS  integration.  The  results  are 
summarized  in  Figures  10a  (cross-track)  and  10b 
(vertical).  Though  the  DGPS  mean  and  standard 
deviation  appear  roughly  equivalent  at  each 
decision  point  along  the  glide  path,  there  is  likely 
some  increase  in  positioning  error  at  the  100  ft 
decision  height  as  indicated  in  Fig.  6.  The 
positioning  accuracy  of  conventional  approach  and 
landing  aids,  such  as  the  ILS  or  the  Microwave 
Landing  System  (MLS),  is  inversely  proportional  to 
the  distance  to  touch  down.  The  positioning  error 
statistics  at  the  200  ft.  decision  height  (as  plotted 
in  Fig.  10)  are  given  in  Table  2. 

The  200  ft  decision  height  results  in  Table  2 
indicate  an  apparent  improvement  in  vertical  axis 
performance  for  all  systems  as  compared  to  the 
results  of  the  Time  History  Analysis  in  Table  1. 

This  reduction  in  error  may  be  due  to  better 
performance  when  the  aircraft  is  stabilized  at  the 
200  ft  decision  height.  However,  these  data  are 
based  on  a  limited  data  set,  i.e.,  11  approaches  (11 
data  points). 

The  mean  error  in  the  along-track  data  is  likely  due 
to  a  time  tagging  error  in  either  the  airborne  data 
or  the  laser  tracking  data,  and  not  an  error  in  the 
navigation  solution  due  to  along-track  motion.  The 
stand-alone  GPS  solution  for  the  same  data  set  [5] 
does  not  show  an  along-track  mean  error. 


Therefore,  we  suspect  that  the  along-track  mean 
errors  in  Tables  1  and  2  can  be  calibrated  to  near 
zero.  The  vertical  mean  error  is  due  to  uncertainty 
in  the  DGPS  vertical  solution  and  can  not  be 
calibrated  out  of  the  solution.  Therefore,  it  is 
appropriate  to  use  the  root-mean-square  (RMS) 
error  when  measuring  positioning  performance. 

During  the  course  of  this  investigation  many 
different  tuning  parameters,  e  g  ,  measurement 
noise  and  process  noise,  were  used  in  the  Kalman 
filters.  Given  the  variation  in  results  as  a  function 
of  Kalman  filter  tuning,  and  the  uncertainty  in  the 
laser  tracking  data,  the  variation  in  positioning 
error  across  the  three  levels  of  integration  is 
considered  statistically  insignificant.  This  is  not  to 
say  that  higher  levels  of  DGPS/INS  integration  are 
not  beneficial.  A  major  benefit  of  the  full 
integration  is  to  provide  estimates  of  inertial 
instrument  errors  which  may  be  applied  to  INS 
sensor  data  and,  therefore,  allow  the  INS  to 
navigate  more  accurately  should  GPS  data  become 
unavailable  This  benefit  is  not  explored  in  this 
paper.  Based  on  the  results  in  Table  1,  the  average 
RMS  position'ig  error  across  the  three  levels  of 
integration  is  1  0  m  cross-track  and  30  m 
vertical. 

Another  advantage  of  an  integrated  system  is  to 
provide  smooth,  calibrated,  high  rate  navigation 
data  between  the  1  Hz  DGPS  measurement  updates. 
Figure  11a  is  a  sample  approach  time  history 
showing  the  20  Hz  fifteen-state  position-domain 
navigation  solution  and  the  DGPS  measurement 
updates.  Note  that  the  20  Hz  navigation  solution  is 
a  filtered  fit  to  the  DGPS  data.  The  positioning 
error  characteristics  of  the  integrated  solutions 
are  dominated  by  the  DGPS  solution  in  both  the 
range-domain  and  position-domain  solutions.  The 
Kalman  filter  adjusts  the  INS  error  estimates  so 
that  the  20  Hz  navigation  solution  fits  the  DGPS 
data.  Figure  11b  is  a  short  segment  of  the  same 
approach.  The  quantization  in  the  20  Hz  solution 
due  to  the  DGPS  updates  is  on  the  order  of  10  cm. 

If  necessary,  (e  g.,  for  guidance)  this  quantization 
could  be  filtered  out  independently  of  the  DGPS/INS 
algorithm.  The  fits  for  the  seventeen-state  range- 
domain  solution  are  similar  to  those  in  Figs.  11. 

It  was  found  that  the  use  of  deltarange 
measurements  to  approximate  range-rate  to  the 
satellite  introduced  an  error  in  the  velocity 
estimation  during  turning  flight.  Since  the 


Table  1.  P-Code  DGPS/INS  Results.  Position  Error  Statistics  (mean  and  1 -sigma  standard  deviation)  from 
a  Time  Hi.storv  Analysis  of  data  from  15  approaches  (1496  date,  points)  flown  on  4  different  days. 
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Fig.  7  -  Histograms  of  Cross-Track  and  Vertical 
Position  Error  for  8-State  Algorithm 


Fig.  8  -  Histograms  of  Cross-Track  and  Vertical 
Position  Error  for  17-State  Algorithm 
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Table  2.  P-Code  DGPS/INS  Results.  Position  Error  Statistics  (mean  and  1  -sigma  standard  deviation)  at  the 
200  ft  Decision  Height  based  on  data  from  11  approaches  (11  data  points)  flown  on  4  different  days 
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Fig.  9  -  Histograms  of  Cross-Track  and  Vertical 
Position  Error  for  15-state  Algorithm 


Fig.  10  ■  Mean  and  1o  Standard  Deviation  of 
Position  Error  at  Decision  Points  on  3°  Approach 
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deltarange  for  the  RCVR-3A  is  the  range  change 
during  the  0.8  sec  period  prior  to  the  pseudorange 
update,  the  range-rate  estimate  is  the  average 
range-rate  over  the  0.8  sec  interval.  At  best,  the 
range-rate  estimate  is  valid  0.4  sec  prior  to  the 
psuedorange-valid  time.  This  latency  was 
particularly  apparent  during  turning  flight.  Only 
when  the  range-rate  measurements  were  weighted 
low  in  comparison  to  the  pseudorange 
measurements,  would  the  Kalman  filters  converge 
properly  during  turning  flight.  The  errors  were  not 
apparent  during  the  steady  approach  since  range- 
rate  was  relatively  constant  during  this  time.  An 
improved  method  for  making  use  of  the  deltarange 
measurements  is  currently  being  investigated. 


Fig.  11  -  Cross-Track  Position  for  Sample  3° 
Approach. 


Concluding  Remarks 

Three  different  DGPS/INS  integration  algorithms 
were  evaluated  with  flight-test  data  from  a  twin 
turbo-prop  transport  aircraft  to  determine 
positioning  accuracy  during  approach  and  landing  A 
simple  eight-state  Kalman  filter  integration  was 
Implemented  in  real-time.  Fully-integrated  range- 
(seventeen-state)  and  position-domain  (fifteen- 
state)  algorithms  were  developed  and  evaluated  off¬ 
line  with  the  flight-test  data  base.  Three-axis 
positioning  accuracy  (cross-track,  vertical,  along- 
track)  during  final  approach  was  approximately  the 
same  for  all  three  algorithms. 

Though  positioning  performance  is  about  the  same 
for  all  levels  of  DGPS/INS  integration,  it  is  clear 
that  the  fully  integrated  systems  which  estimate 
INS  instrument  errors,  i  e.,  accelerometer,  rate- 
gyro,  and  barometric  altimeter  errors,  would 
provide  improved  navigation  accuracy  during 
periods  when  GPS  is  unavailable 

DGPS/INS  integration  provided  accurate,  high 
frequency  state  estimates  which  may  be  used  for 
navigation,  guidance,  and  control.  The  eight-state 
system  provided  position  and  velocity  estimates 
that  are  consistent  with  DGPS  accuracy.  The  fully- 
integrated  systems  also  provided  calib'ated 
estimates  of  acceleration,  attitude,  and  body  rate. 

Average  P-Code  DGPS/INS  positioning  accuracy 
(rooi-inean-square)  based  on  analysis  of  final 
approach  flight-test  data  was  1.0  m  cross-track 
and  3.0  m  vertical  The  DGPS/INS  positioning 
accuracy  results  show  about  a  factor  of  3 
improvement  in  both  horizontal  and  vertical  axis 
over  that  of  stand-alone  P-Code  GPS.  i.e.,  without 
differential  corrections  [5]. 

The  use  of  GPS  carrier  phase  data  integrated  with 
an  inertial  system  is  the  subject  of  continuing 
research  in  GPS/INS  integration  at  NASA  Ames 
GPS  carrier  phase  measurements  provide  highly 
accurate  range  and  range-rate  information  and 
could  provide  further  improvements  in  navigation 
accuracy  for  terminal  area  flight  operations. 
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Appendix  A  -  Pseudorange,  Deltarange, 
and  Differential  Correction  Processing 

The  OGPS  reference  station  computes  corrections 
to  pseudorange  and  range-rate  data  for  all 
satellites  being  tracked  by  the  ground  receiver. 
Differential  corrections  are  filtered  at  the  ground 
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Station  and  data-linked  to  the  airborne  system  at  a 
rate  of  1  set  per  second:  a  set  includes  range  and 
range  rate  corrections  for  all  satellites.  The 
airborne  system  applies  the  differential  corrections 
to  corresponding  satellite  measurements  from  the 
airborne  receiver. 

The  receiver’s  raw  pseudorange  and  deltarange 
measurements,  its  range  error  estimates,  the 
satellite  ephemeris,  and  its  GPS  solution  data, 
including  estimates  of  clock  bias  and  clock  drift, 
are  all  output  from  the  receiver.  Pseudorange 
measurements  in  both  the  airborne  and  ground 
reference  systems  are  first  adjusted  with  the 
receiver's  estimate  of  total  range  error,  less  the 
ionospheric  contribution  which  will  be  accounted  for 
by  the  differential  corrections.  Range-rate  is 
approximated  by  dividing  the  deltarange 
measurement  by  the  time  interval  over  which  the 
deltarange  was  valid.  Pseudorange  and  range-rate 
are  then  adjusted  with  the  receiver's  estimate  of 
clock  bias  and  clock  drift.  This  removes  most  of 
the  receiver's  clock  error  from  the  pseudorange 
and  range-rate  measurements.  The  airborne 
navigation  filter  still  estimates  any  residual  clock 
bias  and  clock  drift.  The  equations  for  computing 
range  and  range-rate  estimates  in  both  the  airborne 
and  ground  systems  are 

p  =p-e,  -  b,  -  d,  (dt<,„„)  (A.1) 

p  =  Ar/At,„,  -  d,  (A. 2) 

At  the  ground  reference  station  differential 
corrections  are  computed  by  differencing  the  range 
and  range-rate  estimates  from  (A.1)  and  (A. 2)  with 
the  computed  range  and  range  rate  as  determined 
using  satellite  position  and  velocity  and  the 
surveyed  reference  station  coordinates.  The 
differential  range  and  range-rate  corrections  are 
given  by 

■ip  =  Po-P  (A. 3) 

Ap  =  Po-p  (A. 4) 

These  data  are  filtered  at  the  ground  station, 
uplinked  to  the  aircraft,  and  applied  to  correspon¬ 
ding  airborne  satellite  measurements. 

In  the  airborne  system,  corrected  range  and 
corrected  range-rate  are  given  by 


R  =  p  +  <ip  +  Ap  (At|3,)  (A. 5) 

R  =  p  +  Ap  (A. 6) 

The  uplink  latency,  iiti^,,  is  the  difference  between 
the  GPS  time  tag  on  the  airborne  measurements  and 
the  GPS  time  tag  on  the  differential  correction 
message 

Appendix  B  -  Derivation  of  the  Tilt  Matrix 
Kinematics 

The  integrated  navigation  system  described  in  this 
paper  operates  in  parallel  with  a  standard  inertial 
navigation  unit  as  shown  in  Figs.  (1)  and  (2).  The 
inputs  to  the  navigation  equations  consist  of 
specific-force  measurements  in  the  INU  level 
frame,  and  body  frame  angular  rate-gyro 
measurements.  This  Appendix  presents  a 
derivation  for  the  kinematics  of  the  "tilf  matrix 
required  to  transform  a  vector  from  the  INU  level 
frame  ("n")  to  the  corrected  level  frame  (’c").  All 
matrices  are  (3x3),  and  vectors  are  (3x1)  The 
derivation  of  the  tilt  matrix  kinematics  begins  with 
the  rotation-matrix  identity 

=  (B.1) 

Now,  differentiate  both  sides  of  (8,1)  to  obtain 

cf"  =  jV"*J^T"  (8.2) 

and  use  the  matrix  identity 

>=-cT\Tcjb  ,B3) 

to  write  (A. 2)  as 

=  - jMbT%T"-,fn)  (B4) 

The  kinematics  for  the  level-to-body  frame 
transformation  calculated  by  the  INU  are  given  by 

bT"  =  -(bWT  -bT"n“L'"“)X  jn  (B  5, 

where 

nWl'™  =  nV""  +  n'bE  (B.6) 

The  aided  navigation  system  should  be  able  to 
estimate  any  residual  errors  in  the  total  angular 
rates  not  compensated  by  the  INU.  These  errors 
can  be  modeled  in  the  corrected  level  frame  as 


I(M> 


=  ■  (b“T  ■  ^  b“^  ■  b^G 

-bT>L)XbT‘=  (B7) 

where  Kq  is  an  upper  triangular  matrix  of  rate- 
gyro  scale  and  misalignment  factors,  and  is  a 
vector  of  rate-gyro  biases,  in  the  body  frame,  and 
where 

c“l  =  c“v+c“e 

Finally,  with  substitution  of  (B.5)  and  {B.7)  into 
(B,4)  and  with  the  rotation  matrix  identity  T(a  x)  = 
(Ta)xT,  the  kinematics  required  for  calculating  the 
tilt  matrix  can  be  written  in  the  form 

j"  =  -  {c“L  ■  J" 

-nTMKGb^OT+bbG)!}*  J"  (B  9) 

Note  that  the  angular-rate  vectors  andf,a>|-, 

and  the  rotation  matrix  In  (B.9)  can  be 
computed  from  INU  data. 

Appendix  C  •  Post  Flight  OGPS-Alded 
Navigation  Filter 

In  the  flight-test  experiment  described  in  this 
paper,  GPS  data  at  1  Hz  and  INU  data  sampled  at  a 
nominal  rate  of  20  Hz  were  stored  on  disk.  These 
data  were  used  in  the  post-flight  evaluation  of  the 
DGPS-aided  navigation  systems.  The  INU-denved 
measurements  of  specific  forces  and  angular  rates 
were  used  to  drive  the  parallel  inertial-navigation 
computations  outlined  in  Fig.  4.  Notice  that  body- 
frame  accelerometer  and  rate-gyro  errors  are 
each  modelled  with  a  bias  vector  and  a  scale-factor 
(misalignment)  matrix.  The  purpose  of  the 
navigation  filter  is  to  provide  an  "in-flight" 
calibration  (or  identification)  of  the  error  models 
and  thereby  provide  precise  navigation  when  DGPS 
data  are  available.  This  appendix  describes  some  of 
the  design  features  of  the  post-flight  DGPS-aided 
navigator  shown  in  Fig.  C.1. 

It  was  decided  that  a  wander-angle  mechanization 
would  add  unnecessary  complexity  to  the  navigation 
problem.  The  coordinate  frame  chosen  for  the 
parallel  navigator  was  a  North,  East,  down  locally- 
level  system  common  in  aeronautics.  As  indicated 
earlier,  the  navigation  states  comprised  INU 
position  (geodetic  latitude,  longitude,  altitude)  and 


velocity  (North,  East,  down),  and  three  tilt  angles 
(to  rotate  from  the  INU  level  to  the  corrected  level 
frame).  Both  the  position-  and  range-domain 
versions  of  the  post-flight  filter  utilize  the  same 
navigation  equations  ((6)-(9)  in  the  text).  The 
navigation  states  are  integrated  at  the  nominal  20 
Hz  rate,  using  a  second-order  Runge-Kutta  method 

The  integration  time  step  is  variable,  and  is 
determined  as  the  difference  between  consecutive 
INU  times: 

deltN  =  tins^  -  tins’  (C  1 ) 

In  the  navigator  actually  implemented,  the  scale- 
factor  matrices  and  Kq  were  not  included.  The 
individual  test  maneuvers  were  only  3-5  minutes  in 
duration  and  quite  benign,  so  that  little  benefit 
would  accrue  beyond  estimating  accelerometer  and 
rate-gyro  biases.  Therefore,  the  state  model  for 
the  position-domain  filter  has  fifteen  states,  while 
the  state  model  for  the  range-domain  filter,  which 
must  estimate  clock  bias  and  clock  drift,  has 
seventeen  states.  The  corresponding  filter 
measurement  models  have  dimension  six  (position 
and  velocity),  and  eight  (range  and  range  rate  to 
four  satellites),  respectively  It  should  be  noted 
that  the  DGPS  measurements  were  referenced  to 
the  antenna  location,  requiring  "lever-arm" 
corrections  to  position  and  velocity  for  calculation 
of  measurement  residuals 

It  should  be  noted  that  in  this  filter  implementation, 
the  process  noise  enters  the  state  only  through  the 
bias  models.  Each  model  is  of  the  form 

b  =  -b/T  -f  w  (C  2) 

This  IS  recognized  as  a  "colored-noise"  model,  with 

time  constant  T  and  zero-mean  white-noise  source 
w.  A  convenient  discrete-time  form  of  this  bias 
model  IS  given  by 

b(i-f1)  =  (1  -  h/T)  b(i) 

-f  (2h/T)’'2w(i)  (C  3) 

where  h  is  the  filter  time-update  interval  (deItU  in 
Fig.  C.1),  and  the  noise  sequence  w(i)  has  a 
variance  equal  to  that  of  the  apriori  estimate  of  the 
bias  error  itself,  i.e. 

E{w2(i))  =  (C.4) 


lO-lh 


The  model  has  the  properly  that,  in  the  absence  of 
measurement  updates,  the  steady-state  value  of 
the  bias  variance  is  exactly 

Some  comments  concerning  calculation  of  the  state 
transition  matrix  are  In  order.  As  indicated  in  the 
text,  the  navigation  state  model  is  nonlinear,  and 
can  be  represented  in  vector  form  as 

X  »  f(x.  u,  w),  x(0)  =  Xg  (C  5) 

where  x  is  the  navigation  state  vector  (including 
biases),  u  is  the  forcing-function  vector  (INU 
specific  forces  and  angular  rales),  and  w  is  a 
representation  of  the  modelling  error  (process 
noise)  The  state-error  equation  for  the  Kalman 
filter  is  of  the  form 

5x  =  f,  8x  +  f^  5w  (C  6) 

where  f,  and  are  the  partial-derivative 
matrices  Note  that  the  state  partial  f,  is  a 
function  of  the  navigation  states  and  must  be 
recalculated  at  each  point  of  the  state  trajectory 

For  this  filter  implementation,  as  in  most 
applications.  It  IS  suff'Cient  to  approximate  the 
discrete-time  transition  matrix  by 

<p  .  (  I  +  F  +  F2  /2  ].  F  =  I  f,  dt  (C  7) 

where  the  term  F  is  the  result  of  accumulating 
products  f,  dt  computed  at  each  time  step  (deitN)  of 
the  navigation  solution  during  the  interval  between 
filtor  time  updates  (doItU)  Hence,  when  a  time 
update  IS  to  be  performed,  most  of  the  work 
required  to  compute  <h  has  already  been  done 

Because  the  navigation  sampling  times  were 
unsteady  (nominally  20  Hz),  the  Kalman  filter  was 
designed  to  run  synchronously  with  the  DGPS 
measurement  schedule,  which  was  periodic  at  1 
second.  Although  the  filter  time-updale  interval 
can  be  a  sub-multiple  of  this  period,  the  results 
presented  in  the  text  were  all  obtained  with  one  Hz 
time  updates  Refer  to  Fig  C  1  and  note  that,  in 
general,  a  time  update  at  ttup  or  a  measurement 
update  at  tgps  would  occur  between  tins'  and  tins^ 
Before  performing  the  time  update,  the  term  F  in 
(C  7)  must  be  completed  for  the  interval 

-  tins' 


Following  the  time  update.  F  must  be  initialized  tor 
the  interval 

delt2  =  tins^  -  ttup  (C  9) 

In  order  to  perform  the  measurement  update,  the 
navigation  state  must  be  interpolated  between  tins' 
and  tins^  in  order  to  calculate  the  measurement 
residual  at  tgps  Furthermore,  following  the 
update,  the  state  error  must  be  r  xtrapolated  to 
tins^  in  order  to  be  applied  to  the  navigation  slate 
Finally,  notice  that  the  state  error  is  reset  to  zero 
before  exiting  the  measurement  update  task 


deltt  =  ttup 


(C  8) 
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Summary 

A  visual  sensor  data  processing  method  has  been 
developed  and  validated  which  allows  to  achieve  on¬ 
board  autonomous  landing  approaches  in  the  visual  flight 
regime  with  computing  technology  available  today;  sen¬ 
sors  are  a  video-camera,  inertial  gyros  and  an  air  velocity 
meter.  The  key  feature  of  the  method  is  the  reconstruc¬ 
tion  and  servo-maintained  adjustment  by  prediction 
error  feedback  of  an  internal  spatio-temporal  model 
about  the  process  to  be  controlled  (4D  approach).  This 
encompasses  both  the  egomotion  state  of  the  aircraft 
carrying  the  sensors  and  the  relevant  geometric  proper¬ 
ties  of  the  runway  and  its  spatial  environment.  The  effi¬ 
ciency  of  the  approach  is  proved  both  in  a  hardware-in- 
the-loop  simulation  and  in  real  te.st-flights  with  a  twin- 
turbo-prop  aircraft  Do  128  of  Dornier.  For  accuracy 
evaluation  of  the  data  gathered,  the  results  of  differential 
GPS  and  radiometric  altitude  measurements  have  been 
recorded  simultaneously. 

List  of  Symbols 

ADC  analog  digital  converter 

BVV  image  sequence  processing  system 

DAC  digital  analog  converter 

DBS  three-axis  motion  simulator 

u,  V,  w  translational  velocities  of  the  airpltme 

p,  q,  r  angular  velocities 

<I>,  0,  ’P  Euler  angles 

X,  y,  H  distance  of  the  airplane  to  the  runway 
rj  elevator  angle 

F  thrust 

I  aileron  angle 

^  rudder  angle 

X  slate  vector 

u  control  vector 

Ol.s  transition  matrix  (longitudinal,  lateral  motion) 
A  Jacobian  of  .system  model 

H  Jacobian  of  measurement  model 

K  Kalman  gain  matrix 

P  error  covariance  matrix 

Q  covariance  matrix  of  system  noise 

R  covariance  matrix  of  measurement  noise 

(J  input  matrix  of  noi.se  process 


1.  Introduction 

Electronic  micro-miniaturization  of  sensors  and  proces¬ 
sors  is  progressing  to  a  stage  where  machines  may  be 
provided  with  the  equivalent  of  the  human  sense  of  vision. 
Only  a  few  years  ago,  the  1  million-instructions-per-sec- 
ond  (mips)  performance  class  for  digital  computers  has 
been  a  magic  limit;  within  a  few  years  the  ’GIPS’-class 
(Giga,  i.e.  lO’  instructions  per  second)  will  be  common¬ 
place.  This  will  allow  to  process  high  data  rales  as  pro¬ 
duced  by  imaging  sensors  in  real  time.  Color  video  re¬ 
quires  a  data  rate  of  the  order  of  magnitude  of  10  MB/s. 

However,  data  rate  is  not  the  e.ssential  point  since  it  is  the 
information  content  of  an  image  which  is  u.seful  for 
achieving  some  goal  ba.sed  on  image  sequence  pro¬ 
cessing.  Within  a  high  frequency  image  sequence  there 
may  be  quite  a  bit  of  redundancy  since  the  situation 
changes  only  slowly  over  time,  in  general.  Therefore,  the 
main  task  of  real-time  image  sequence  processing  is  to 
reduce  data  rates  but  to  keep  as  much  information  about 
the  process  to  be  controlled  as  possible. 

A  uniformly  grey  image  contains  as  many  picture  ele¬ 
ments  (that  means  8  bit  data  points)  as  a  highly  structured 
one;  yet,  the  information  content  of  the  former  may  be 
summarized  completely  (without  any  loss)  by  1.  the  sym¬ 
bol  ’uniformly  gre/  and  2.  the  number  coding  the  grey 
level.  For  a  IK* IK  pixel  image  this  corresponds  to  a  data 
reduction  of  the  order  of  10^. 

This  is  well  appreciated  in  static  image  proce.ssing  where 
segmentation  of  regions  with  simJar  characteristics  is  a 
generally  accepted  first  step;  regr  .  or  contour  models 
allow  much  dcn.ser  representation  and  storage  of  infor¬ 
mation  than  handling  individual  pixels.  However,  the 
same  has  not  been  true  along  the  temporal  axis  in  mo.st 
approaches  to  image  sequence  processing.  The  4D  ap¬ 
proach  developed  at  UniBwM  (1  to  5|  combines  both 
.spatial  and  temporal  models  about  processes  in  the  world 
and  fully  exploits  continuity  conditions  along  all  3D  .space 
axes  and  along  the  time  axis  simultaneously,  hence  the 
name  ’4D  approach’. 

in  this  approach,  all  processing  activities  are  geared  to 
the  next  point  in  time  when  new  measurements  are  going 
to  be  taken.  There  is  no  storing  of  previous  measurement 
data  for  differencing  or  rate  computation;  i  his  is  of  esp'-- 
cial  interest  in  image  sequence  procc.'^sing  where  each 
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measurement  means  huge  amounts  of  data  (10^  to  10*" 
Bytes),  however,  very  much  less  new  information  once 
the  notion  of  objects  and  their  states  has  been  introduced. 
The  results  of  previous  measurements  and  evaluations 
are  stored  in  parameters  and  state  variables  of  generically 
(structurally)  defined  bject  models  including  their  mo¬ 
tion  behavior.  In  modern  control  theory  this  procedure 
is  well  known  as  recursive  estimation  (Kalman  filters, 
Luenbergcr  observers).  This  has  been  extended  to  per- 
spectively  mapped  image  sequences  and  was  shown  to  be 
numerically  very  efficient.  The  flexibility  of  the  approach 
has  been  demonstrated  in  the  application  areas  of  road, 
vehicle  guidance  (2,  3).  satellite  docking  (4|,  landmark 
navigation  for  autonomously  guided  veWcles  on  the 
factory  floor  and  for  landing  approaches  of  aircraft.  The 
latter  one  is  the  most  demanding  application  up  to  now 
and  will  be  discussed  in  the  sequel. 

2.  Multi-point  model  of  airplane  dynamics 

The  most  pretentious  application  of  the  4-D  approach  is 
the  automatically  controlled  landing  approach  of  an  air¬ 
plane,  because  here  a  body  is  able  to  move  within  all  six 
degrees  of  freedom  (three  translational  tmd  three  ro¬ 
tational).  According  to  Newton’s  law  a  state  vector  with 
12  components  is  necessary  for  the  description  of  the 
complete  dynamics  of  the  airplane.  These  equations  are 
nonlinear.  Contrary  to  the  often  used  one-point  airplane 
models,  for  this  application  a  multi-point  model  de-scrip- 
tion  is  used.  The  aerodynamic  forces  and  moments  arc 
modelled  separately  on  the  wing  and  on  the  elevator  unit 
(fig.  1)  [6|.  Wnd  effects,  which  have  a  considerable  in¬ 
fluence  on  the  aircraft  dynamics  arc  included  in  this 
model  too. 


/•ig.  I:  Multi-point  model  of  the  Domier  Do  128  airpla¬ 
ne 

The  state  vector  x  consists  of  the  translational  (u,  v,  w) 
and  angular  (p,  q,  r)  velocities,  the  Euler  angles 
<I>,  0,  '1^.  and  the  distance  to  the  middle  of  the  runway 
threshold  (x,  y,  H),  which  is  the  origin  of  the  coordinate 
system  chosen.  The  four  component  control  input  vector 
u  is  assembled  of  the  elevator  angle  rj,  thrust  F,  the  aileron 
angle  ^  and  the  rudder  angle  With  thi.s,  the  set  of  first 
order  nonlinear  differential  eqs.  may  be  written  in  the 
standard  form  for  a  ’dynamical  model’: 

X  =  f|x(t).  lift),  (/)!  (1) 

After  linearisation  around  a  (sliding)  reference  point  xo, 
uo,  the  12-th  order  system  splits  into  two  loosely  coupled 
6-th  order  systems:  the  longitudinal  one  with 


xi.  =  (u,w,q,&,.x,H)^;u\.=  [ri,F)^  (2a) 

and 

-M.  =  Aijxo,  uol  XI.  -t-  Bijxo,  uol  UL  ;  (2b) 

the  lateral  one  with 

X-S  =  (v,p,  r,  <t),  ‘F,y ) '  ;  u,s  =  (i,  2) '  (.3a) 

and 

xs  =  Aslxo,  uol  X.S  +  Bs|xo,  Uj;)  Us  .  I,3h) 


The  linear  systems  arc  the  basis  for  developing  a  feed¬ 
back  controler,  while  motion  simulation  is  performed 
using  the  original  nonlinear  equations  (1). 

3.  Visual  measurement  model 

For  the  imaging  process  from  radiating  points  in  3D 
space  onto  the  image  plane  the  simple  pinhole  camera 
model  is  adopted  (straight  line  perspective  mapping).  A 
point  P  in  the  runway  plane  has  the  coordinates  (xi ,  yi . 
zi.)  in  an  axis  frame  with  the  origin  in  the  center  of  the 
runway  threshold  and  the  x-axis  aligned  with  the  runway 
center  line  (fig.  2).  The  position  of  the  airplane  in  this 
coordinate  system  is  at  point  (x,  y.  z),  where  a  geodetic 
coordinate  system  with  in  the  direction  of  the  Earth 
gravity  vector  is  affixed  to  the  aircraft  center  of  gravity 
(eg);  the  Xg-axis  in  the  horizontal  plane  is  usually  defined 
towards  geographic  north.  For  a  right  handed  system  the 
yg  axis  then  points  towards  ea.st. 

The  angular  orientation  of  the  aircraft  relative  to  this 
geodetic  system  is  given  by  the  three  Euler  angles 
*1'.  0,  rp,  where  the  sequence  of  rotation  is  of  importance 
for  the  final  orientation;  here,  the  /-.sequence  (d>,  0,  'P) 
has  been  u.sed  since  it  yields  relatively  simple  results  in 
combination  with  the  viewing  direction  control.  In  the 
aircraft-oriented  coordinate  .system  inde.xed  f.  the  pro¬ 
jection  center  of  the  camera  has  the  coordinates  (lx,  k. 
Iz).  This  is  the  origin  for  the  camera-oriented  coordinate 
system  (indexed  k),  the  angular  orientation  of  which 
relative  to  the  f-frame  is  yc;,  around  the  zi-axis  ,ind  Hr  j 
normal  to  the  xyt-plane,  positive  upwards.  The  point  P  is 
mapped  into  the  image  plane  at  distance  f  (focal  length 
of  camera  len.s)  normal  to  the  xc^-direction  with  the 
coordinates  zuy  in  line-direction  (horizontally)  and  /lu  in 
column-direction  (vertically). 

Using  homogeneous  coordinates,  the  transformations 
can  be  easily  computed  by  4*4  matrix  multiplications;  the 
following  sequence  is  applied:  From  runway-coordinates 
translation  Tg  into  geodetic  coordinates,  rotation  Rf  into 
airplane  coordinates,  translation  T,-  into  platform-base 
coordinates,  rotation  Rc;,  into  camera  coordinates  and 
perspective  projection  P  into  image  coordinates  (for 
details  sec  |9)).  The  nonlinear  overall  mapping  equation 
maybe  written  in  vector  form  lor  the  two  imaee  eoiirdi- 
nates  z,  with  p  as  camcr.i  ma[)ping  parameter  vector 

z=h(x,p|  (4) 
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space  and  time.  This  is  cquivaleni  to  what  psychologists 
call  the  ’Gestalt’  phenomenon:  When  it  is  known  what  to 
look  for,  the  interpretation  of  a  scene  may  be  much  easier 
and  less  ambiguous  than  without  any  previous  knowl¬ 
edge.  This  has  been  of  great  help  in  road  recognition 
when,  due  to  shadows  from  trees,  intensity  gradients  are 
abundant  and  the  highest  correlation  values  do  not  at  all 
correspond  to  road  boundaries.  Runway  recognition, 
usually,  is  much  more  simple;  however,  laxiway  entries 
and  exits  may  be  compensated  for  by  dropping  the  meas¬ 
urements  in  these  areas. 


Fig.  2:  Mapping  a  point  from  the  runwy  into  the  image 
plane  of  the  camera  [9] 

Withdx  =  XL-x,dy  =  YL-y,  Hz  =  height  above  ground 
(-z),  and  the  denominator 

D  =  f)4i  dx  +  bn2  dy  +  has  Hi  +  haa  .  (4a) 

a  point  in  the  runway  plane  at  (Xl,  Yl,  0)  will  be  mapped 
into  the  image  plane  at 

zBy  =  (,b2idx  +  b22dy  +  bssHz  +  b2\)/D  (4b) 

^Bz  =  (hsidr  +  hssdy  +  bss^z  +  (4c) 

where  the  bij  are  coefficients  depending  on  the  transfor¬ 
mation  parameters  (see  (9|).  Real  measurements  are 
always  noise  corrupted;  therefore,  for  image  interpreta¬ 
tion  through  recursive  estimation  an  additive  noise  term 
v(t)  is  assumed  to  be  present  with  covariance  matrix  R. 
The  Jacobian  matrix  of  the  right  hand  side  of  eq.  (4)  taken 
with  respect  to  the  aircraft  state  x  is  abbreviated  with  H 
(see  eq.  (7)  below);  this  matrix  and  the  coefficients  bij 
become  especially  simple  if  the  viewing  direction  is  fixa¬ 
tion  controlled  towards  a  point  at  the  horizon  where  the 
runway  borderlines  mtersect  each  other.  This  is  obtained 
by  a  two-axis  platform  on  which  the  camera  is  mounted. 
This  platform  is  able  to  move  in  azimuth  and  elevation 
thus  trying  to  keep  the  picture  of  the  runway  in  the  center 
of  the  image  plane. 

Eq.  (4)  is  evaluated  at  ten  different  points  in  the  runway 
plane  where  linearly  extended  intensity  gradients  may 
easily  be  found  by  intelligently  controlled  correlation 
with  gradient  templates  (elongated  ternary  masks),  sec 
figure  3. 

Knowing  the  shape  of  the  runway,  usually  a  rectangle,  the 
appearance  of  the  borderlines  under  perspective  projec¬ 
tion  can  be  computed  from  the  four  corner  points,  given 
the  rclativ  aspect  conditions  -  in  the  definition  chosen, 
exactly  the  aircraft  state  components.  Eight  windows  are 
placed  on  the  runway  boundaries  and  two  on  the  horizon 
in  order  to  determine  the  roll  angle. 

Once  an  initialisation  has  been  achieved,  the  search  re¬ 
gions  within  the  windows  can  be  kept  small  since,  due  to 
motion  prediction  exploiting  the  dynamical  model  and 
previous  control  inputs,  only  the  effects  of  disturbances 
have  to  be  compensated  by  the  search.  Systematic 
changes  in  perspective  projection  are  taken  into  account 
since  all  internal  representations  are  simultanously  in  3D 
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Fig.  3:  Regions  of  evaluation  (windows)  within  one 
image 

4.  Filter  model  for  estimation  of  the  complete  state  vec¬ 
tor  in  real-time 

In  order  to  establish  an  Extended  Kalman  Filter  (EKF) 
for  the  estimation  of  the  complete  state  vector  in  real¬ 
time,  the  nonlinear  equations  of  motion  (1)  are  u.sed. 
Based  upon  this  ’dynamical  model’  the  fundamental  al¬ 
gorithm  of  an  EKF  may  be  found  in  [8]  and  looks  like 
follows: 

The  transition  matrix  O  over  one  cycle  period 
At  =  tj+i  —  (j  is  obtained  from  the  linearised  nonlinear 
system  equations  (1)  viith  the  Jacobian  A; 


A(t;x(r  |/i))  = 


=X(1  |l,) 


<I>  is  defined  as 

<I>1<.-H,f.;x(r  (f.) 

P  denotes  the  error  covariance  matrix,  Q  and  R  the 
covariance  matrices  of  the  .system  and  measurement 
noises,  while  G  is  the  input  matrix  of  the  noi.se  process. 

H  is  the  Jacobian  of  the  right  hand  side  of  the  nonlinear 
measurement  equations  h  [x,  p,  fj  |  with  p  as  parameters: 


Hlli;X(t,  )]  = 


'  X  =  x(t,  ) 


The  final  algorithm  can  be  written  as: 
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Extrapolation 

tt+  1 

^(1.  +  !)  =^(1^)  -t-  f  tl^t,ti),u(0.l]dt  (8) 

t, 

t.+l 

POi+i)  =  P(ri^)4>* +/ <E>  G(()  Q(0  g'^'w  <t>^c/t  (9) 

ti 

/nnovation  (with  H  =  H[/i;x(/r  )1) 

K(ti)  =  P(ir )  h’’  (H  pod  -1-  R(ii)  )  (10) 

2(rD  =  ^(fD  +  K(t.)  [zi  -  h  Kir ).  r.  1  ]  (1 1) 

P(ii^)  =  P(tr)  +  K(/i)  H  [r,;  ^(rD)  P(rr)  (12) 

In  the  extrapolation  step  (eq.  8  and  9)  the  system  and 
corresponding  error  models  are  integrated  from  the  ac¬ 
tual  point  in  time  (t,^ )  to  the  next  one  (Ih-  i).  After  having 
received  the  new  measurement  values,  the  innovation  is 
performed  (eqs.  10  to  12),  yielding  the  best  estimate  for 
the  system  state  at  time  (ti*" ),  which  is  in  turn  the  basis  for 
the  next  filter  step. 


These  seperatc  main  parts  have  been  implemented  on 
two  different  processors  and  run  in  parallel.  For  addi¬ 
tional  speedup,  the  sequential  algorithm  of  Bierman  has 
been  used  (12).  With  this,  the  crucial  step  to  real-time 
with  At  =  Mms  cycle  time  was  achieved.  By  sticking  to 
the  nonlinear  extrapolation  for  the  system  state,  no 
knowledge  about  the  system  is  lost. 

The  bulk  of  the  measurement  vector  consists  of  optical 
features  which  are  extracted  from  a  single  image 
delivered  by  a  video  camera.  The  rest  of  the  measure¬ 
ments  are  inertial  values  obtained  by  gyros  fixed  to  the 
aircraft.  As  indicated  in  section  .4,  a  feature  is  a  linearly 
extended  intensity  gradient  within  the  runway  plane.  It  is 
extracted  by  controlled  correlation  with  ternary  masks  on 
the  runway  borderlines  and  on  the  horizon  along  special 
search  paths  |3].  The  feature  extraction  algorithms  are 
implemented  on  different  parallel  proces.sors  PPi  in  the 
image  processing  system  BVV  (see  fig.  5),  where  one 
processor  analyzes  two  features  within  40  ms.  In  this 
approach  maximally  ten  features  arc  used  per  cycle  pre¬ 
sently  (fig.  3). 

5.  Hardware 


Up  to  now,  low  cost  microprocessor  hardware  is  too  slow 
for  implementing  the  complete  algorithni  on  a  single  unit 
in  real-time.  In  order  to  reach  real-time  performance 
despite  these  difficulties,  some  steps  have  been  investi¬ 
gated  in  order  to  split  the  algorithm  from  one  set  for  12 
vector  components  into  2  sets  indexed  L  and  S  for  6 
vector  components  each  running  on  parallel  processors. 
Since  the  amount  of  computation  needed  is  proportional 
to  n^,  this  reduces  the  computation  time  needed  to  12.5 
%.  Finally,  real-time  performance  has  been  achieved  by 
substituting  in  the  seperated  equation  (9)  the  following 
terms; 

r+!  ,  _ 

/‘I>LQi,(0<t>£dt  =  QL  (13) 


i.-H  ,  _ 

/4>sQs(t)^Jdf  =  Qs  (14) 


This  allows  to  also  split  eqs.  9  to  12  into  two  sets  resulting 
in  two  decoupled  .systems  for  the  aircraft  motion  (fig.  4). 


The  main  part  of  the  underlying  hardware  is  the  image 
processing  system  BVV,  developed  at  the  Universitat  der 
Bundeswehr  Munich  (5, 7).  The  BW  is  a  multi-processor 
system  in  which  the  different  processors  can  communi¬ 
cate  via  a  common  system  bus.  Each  pixel  processor  PPi 
(Intel  80286)  has  access  to  the  video  image  from  a  CCD 
camera  via  a  video  bus  and  an  ADC  (fig.  5). 


„  -  I  Fig.  5:  Multi-processor  system  BW'  (from  Lit  I 

nonlinear  extrapolation  of  the  fiill  state  vector  !  o  i  i 


Fig.  4:  Splitting  the  filter  algorithm  into  two  seperated 
parts 


The  object  processors  OPi  (80386)  run  the  recursive 
estimation  algorithms  based  on  the  ’Gestalt’  idea  of  a 
perspectively  mapped  runway  and  the  dynamical  models, 
exploiting  the  feature  data  in  amjunction. 

Integrated  into  the  BW  is  the  controller  for  the  two-axis 
platform  (ZPP).  The  host  for  the  image  processing  sys¬ 
tem  is  a  PC;  both  are  connected  by  an  lEC-bus.  The  PC 
is  used  only  for  initialization,  as  a  link  to  the  integrated 
computer  of  the  airplane,  and  for  data  collection  and 
final  evaluation.  For  visual  control  of  the  process,  a  video 
monitor  and  a  video  recorder  have  been  integrated  (fig. 
6). 
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proven  to  be  a  valuable  tool  for  efficient  software  and 
system  development  in  this  area  also.  With  the  interfaces 
between  modules  designed  in  the  same  way  as  they  are  in 
the  flight  hardware,  the  preparations  for  real  flight  tests 
on  the  remote  airfield  in  Braunschweig  could  he  kepi  to 
a  minimum. 

Especially  in  the  area  of  testing  feedback  control  laws 
with  respect  to  wind  and  gust  responses,  the  well  defined 
and  easily  repeatable  disturbances  in  simulation  have 
definite  advantages  over  the  irregular,  nonrecurring  ones 
in  the  real  world. 


Fig.  6:  Hardware  architecture 


6.  Harware*in-the-loop  (HIL)  simulation 

Primary  results  have  been  achieved  in  a  hardware-in-the- 
loop  simulation,  which  was  especially  built  for  investiga¬ 
tions  and  developments  in  the  field  of  image  processing 
(10).  Real  sensing  and  processing  components  may  be 
integrated  into  this  loop.  The  dynamics  of  the  airplane 
and  its  view  onto  the  runway  can  be  simulated  by  a 
three-axis  rotational  motion  simulator  (DBS)  and  a 
graphics  system  (SGI  4D).  The  integration  of  the  non¬ 
linear  equations  of  motion  is  done  by  a  digital  computer 
which  controls  the  other  simulation  facilities  too  (fig.  7). 


For  the  simulations  within  the  entire  flight  envelope,  a 
complete  state  feedback  controller  has  been  developed 
with  the  latest  theory  of  linear  quadratic  design  with 
prescribed  eigenstructures  [U].  With  this  method,  the 
Riccatti  design  is  combined  with  the  pole  placement  and 
eigencevtor  specification,  thus  allowing  to  use  the  advan¬ 
tages  of  both  methods.  The  nominal  trajectory  to  be  flown 
in  3D-space  and  time  is  given  in  fig.  8. 
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Fig.  7:  Harware-in-the-loop-simulation 


The  advantage  of  H IL-simulation  is,  that  on  the  one  hand 
all  sensors  and  data  evaluation  electronics  (with  their  dirt 
effects,  hard  to  be  modelled),  can  be  included  in  the 
investigation,  but  that  on  the  other  hand  .so  called  ’ground 
truth’  data  for  the  evaluation  of  system  performance  arc 
readily  available,  since  they  are  part  of  the  numerical 
simulation.  This  type  of  simulator  is  widespread  for  both 
automatic  guided  weapon  simulation  and  for  pilot  train¬ 
ing;  in  dynamic  vision,  especially  in  the  field  of  artificial 
intelligence,  it  is  almost  never  used  up  to  now.  However, 
in  several  applications  investigated  at  our  institute  it  has 


Fig.  8:  Nominal  trajectory  shape 

7.  Tfest  results 

Closed  loop  performance  with  active  control  by  the  auto¬ 
matic  visual  guidance  system  could  only  be  done  in  the 
.simulation  loop,  since  the  airplane  available  from  the 
Technical  University  Braunschweig  did  not  have  com¬ 
puter  controllable  actuators. 

7.1  Closed-loop  HIL-simulation  results 

The  original  flight  hardware  included  in  the  simulation 
was:  The  CCD-TV-camcra  mounted  on  a  two-axis  (pan 
and  tilt)  platform  for  viewing  direction  control  with  angu¬ 
lar  rate  feedback  for  inertial  stabilization,  the  image 
sequence  processing  system  BVV_2  as  discussed  in  sec¬ 
tion  5,  and  the  host-PC  (SO.lSfi)  for  system  initialisation 
and  data  logging.  Aircraft  angular  motion  was  realized  by 
the  DBS  motion  simulator  for  testing  the  viewing  direc¬ 
tion  control  platform;  the  inertial  sensors  in  the  aircraft 
have  been  simulated  on  the  computer,  however. 

Wind  effects  have  been  incorporated  by  adding  a 
(lateral)  cross-wind  component  of  -  I  m/s  starting  at  SIX) 
ra  in  front  of  the  runway  threshold;  at  b.SO  m  an  exponen¬ 
tially  decreasing  gust  with  a  vertical  component  of  I  m  s 
and  a  cro.ss-wind  component  of  2  m/s  has  been  superim¬ 
posed  on  the  wind;  the  time  con.stant  of  the  gust  was  (i  s 

The  simulation  started  at  <)50  m  in  front  of  the  landing 
strip  with  a  velocity  of  .50  m/s  at  an  altitude  of  about  51 
m;  it  ended  at  about  550  m  down  the  runway  with  touch 
down  of  the  landimg  gear.  The  ensuing  transition  to 
laxying  has  not  been  investigated,  since  a  completely 
different  dynamical  model  would  have  been  required 
both  for  state  estimation  and  for  control.  It  should  be 
noted,  however,  that  the  vision  sensor  is  well  suited  for 
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vehicle  guidance  both  in  this  and  the  following  ground 
roll  guidance  task  along  the  taxyways.  The  capability  of 
performing  these  tasks  has  been  demonstrated  in  essence 
with  our  road  vehicle  guidance  program  [2,  3,  5], 

At  about  250  m  in  front  of  the  runway  threshold  the 
engines  are  throttled  and  the  aircraft  starts  slowing  down 
towards  43  m/s  at  touch-down;  at  the  same  time,  the 
elevator  is  pulled  in  order  to  initiate  the  vertical  flare 
decelerating  vertical  speed  exponentially  towards  zero. 
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Fig.9a:  a)  estimated  h )  simulated 
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Fig.9b:  Difference  between  estimated  and  simulated 
Fig.  9:  Roll  angle  in  degree 

As  long  as  the  runway  threshold  is  visible,  the  distance  to 
it  is  estimated  within  5  m  accuracy;  after  loosing  the 
threshold  out  of  sight  at  about  120  m  distance  from  it, 
range  x  is  merely  predicted  according  to  the  model.  The 
end  of  the  runway  can  not  be  measured  accurately 
enough  from  this  low  altitude  to  be  of  any  u.se.  Altitude 
above  the  runway  could  be  estimated  to  within  1  m  during 
approach  and  to  less  than  half  a  meter  over  the  runway; 
a  rather  large  error  briefly  occurred  during  flare  onset. 
This  was  due  to  the  delay  in  the  tilt  viewing  direction 
control  loop  at  the  sudden  pitch  rate  change;  it  rather 
soon  disappeared  again. 

The  controller  de.signed  consists  of  a  full  state  vector 
feedback  with  additionzd  integral  components  for  speed 


and  altitude,  for  which  a  strict  time  history  profile  is 
essential  during  landing  approach.  The  effect  of  the  ver¬ 
tical  gust  component  is  hardly  noticeable  in  the  trajectory 
flown. 
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Fig.  10a:  a)  estimated  b)  simulated 


ddlta  ?8i  -;Grad; 

10  . • '  . . . -  . - 

^  . 


-  4 

-  6 
-  8 

-1  0 

-95C  0  0  -45C  0  -2:2  2  *2  2  3C0  2  552  2 

Enr  fprr unrj  [ r  ] 

Fig.  lOb:  Difference  between  estimated  and  simulated 
Fig.  10:  Yaw  angle  in  degree 

In  the  lateral  degrees  of  freedom  the  maneuver  started 
with  a  lateral  offset  from  the  runway  centerline  ol  N5  m 
at  950  m  distance  and  a  heading  error  of  15  degrees 
towards  the  centerline.  Within  half  a  kilometer  the  lateral 
offset  was  reduced  to  less  than  5  m,  and  within  0.75  km 
the  heading  angle  settled  at  about  2  degrees  relative  to 
the  runway,  apparently  mainly  for  crosswind  compensa¬ 
tion.  During  the  initial  maneuver,  roll  angles  of  up  to  8 
degrees  occurred;  the  estimation  errors  in  both  roll  and 
yaw  angles  were  always  Ic.ss  than  one  degree  in  magnitude 
(fig.  9,  10).  The  lateral  gust  induced  an  estimation  error 
in  lateral  position  of  about  3  m  for  a  short  time:  otherwise 
it  was  always  less  than  one  meter  soon  after  initialisation 
(fig.  11).  By  adding  another  Kalman  filter  for  runway 
width  estimation  the  .system  was  improved  to  be  able  to 
deal  with  not  exactly  known  runway  parameters;  a  29  m 
wide  runway  could  be  validated  to  within  1  m  accuracy. 
When  the  runway  threshold  was  lost  out  of  sight  due  to 
the  close  approach,  the  average  estimated  value  was 
within  0.4  m  of  the  true  one. 
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Fig.  lib:  Difference  between  estimated  and  simulated 

Fig  11;  Lateral  offset  y  to  the  middle  of  the  runway  in 
meter 

12  Flight  test  results  in  relative  state  estimation 

After  having  gathered  fundamental  experience  in  simu¬ 
lation,  test  flights  have  been  performed  with  the  twin- 
turboprop  airplane  Do  128  of  the  University  of  Braun¬ 
schweig.  For  evaluation  of  the  accuracy  of  the  optical 
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Fig.  12a:  a)  optical  b)  GPS  system 
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Fig.  12b:  Difference  between  optical  and  GPS  system 
Fig.  12:  Distance  to  the  runway  x  in  meter 

results,  a  differential  GPS  system  recorded  the  flight  data 
in  parallel  to  the  optical  system.  The  results  in  the  trans¬ 
lational  degrees  of  freedom  are  given  in  fig.  12  to  14. 
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Fig.  1 3a:  a)  optical  b)  GPS  system 
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Fig.  1 3b:  Difference  between  optical  and  GPS  system 

Fig  13:  Lateral  offset  y  to  the  middle  of  the  runway  in 
meter 
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It  can  be  seen  clearly  from  fig.  13,  that  the  optical  evalua¬ 
tion  process  is  getting  better  the  nearer  the  airplane 
approaches  the  runway.  The  reason  is,  that  the  image  of 
the  runway  is  getting  larger  tmd  the  optical  measurement 
values  become  better.  For  the  evaluation  of  the  altitude, 
the  results  of  the  GPS  system  showed  errors.  For  com¬ 
parison,  a  radiometric  altitude-above-ground  measure¬ 
ment  system  was  used  in  addition,  in  order  to  record  this 
value  too. 
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Fig.  14:  Altitude  in  meter  a)  optical  b)  GPS  c)  radio- 
metric 

In  order  to  even  allow  approaches  to  airports,  for  which 
the  width  of  the  runway  is  not  known,  an  additive  Kalman 
Filter  was  used  to  estimate  this  value.  The  width  of  the 
runway  in  Braunschweig  is  29  m  (difference  between  the 
white  lane  markings).  Fig.  15  shows  the  result  of  the 
estimation,  where  the  mean  value  estimated  till  about  2(X) 
m  distance  and  20  m  elevation  relative  to  the  runway 
threshold  is  29.1  ra.  After  having  lost  this  line  within  the 
image,  the  estimation  is  stopped  and  the  mean  value  is 
taken. 
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Fig.  IS:  Estimated  mnway  width 


8.  Conclusion 

Taking  advantage  of  both  spatial  and  temporal  models  lor 
motion  processes  of  objects,  today’s  microprocessors, 
already,  allow  real-time  image  sequence  processing,  dy¬ 
namic  scene  understanding  and  visual  motion  control  in 
visually  not  too  complex  scenes  in  the  10  to  .30  H/  range. 
The  powerful  microprocessors  of  the  near  future  (200 
MIPS-class),  interconnected  by  high  data  rate  com¬ 
munication  networks,  will  enable  the  sense  of  vision  lor 
machines  in  well  structured  environments. 

The  method  developed  for  video  image  sequence  evalua¬ 
tion  in  the  optical  range  may  easily  be  adapted  to  other 
sensors  like  infrared,  low-light-level  TV  or  even  imaging 
radar.  With  these,  night  vision  or  all-weather  visual  capa¬ 
bilities  may  become  possible. 

Combining  visual  and  inertial  sensor  data  evaluation  has 
complementary  beneficial  effects:  motion  blur  at  high 
angular  rates  will  deteriorate  image  processing;  high 
rates,  however,  can  easily  be  measured  inertially  at  low 
cost.  Inertial  sensors  become  expensive  when  they  have 
to  be  trimmed  to  long  term  stability.  Static  references  lor 
long  term  stabilization,  however,  can  be  measured  easily 
by  image  processing,  once  the  sensors  have  been  roughly 
stabilized  inertially.  Therefore,  good  overall  perform¬ 
ance  at  low  cost  may  be  expected  by  a  proper  combina¬ 
tion  of  both  .sensors. 

A  similarly  beneficial  effect  may  be  achieved  for  naviga¬ 
tion  by  combining  vision  with  GPS:  The  latter  priwides  a 
rough  estimate  of  geographic  coordinates,  so  that  an 
intelligent  vehicle  capable  of  visual  landmark  navigation 
can  start  its  visual  search  for  landmarks  in  a  rather  small 
search  area;  accurate  position  determination  relative  to 
the  landmark  may  then  be  achieved  by  visual  tracking 
over  time  taking  models  for  the  ego-motion  into  account. 

This  new  technology  will  allow  autonomous  on-board 
navigation  and  control  capabilities  unachievable  up  to 
now. 

Fully  autonomous  control  in  a  landing  approach  till 
touch-down  has  been  demon.strated  in  a  hardware-in- 
the-loop  simulation  in  real  time  (16  Hz)  including  wind 
and  moderate  gusts.  The  same  hard-  and  software  has 
been  installed  in  a  twin-turboprop  aircraft;  within  live 
days  of  testing,  first  results  in  relative  state  estimation 
during  manually  flown  landing  approaches  have  been 
obtained.  These  results  compare  well  to  differential  GPS 
and  radio  altimeter  results  for  the  same  flights. 

References 

111  Dickmanns  E.D.;  Dynamic  Vision  for  Locomo¬ 
tion  Control  -  an  Evolutionary  Path  to  Intelligen¬ 
ce.  CCG-Lehrgang  SE  3.02, 19<>1. 

(2|  Dickmanns  E.D.,  Mysliwetz  B.,  Christian.s  T: 
"Spatio-temporal  guidance  of  autonomous  vehi¬ 
cles  by  computer  vision".  IEEE-  Trans. on  Systems, 
Man  and  Cybernetics,  Vol.20,  No.6,  Nov/Dcc 
1990,  Special  Issue  on  Unmanned  Vehicles  and 
Intelligent  Robotic  Systems,  pp  1273-1284 


I  l-‘J 


[3]  Mysliwetz  B.;  Parallelrechner-basierte  Bildfol- 
gen-lnterpretation  zur  autonomen  Fahrzjjug- 
steuerung.  Dissertation  an  der  Universitat  der 
Bundcswehr  Miinchen,  Fakultat  fiir  Luft-  und 
Raumfahriiechnik,  Munchen,  199(). 

[41  Wiinsche  H.J.:  Erfassung  und  Steuerung  von  Be- 
wegungen  durch  Rechnersehen.  Dissertation  an 
der  Universitat  der  Bundeswehr  Munchen,  Fakul¬ 
tat  fiir  Luft-  und  Raumfahrttechnik,  Munchen, 
1987. 

[5]  Dickmanns  E.D.,  Graefe  V:  a)  "Dynamic  mono¬ 
cular  machine  vision",  b)  "Application  of  dynamic 
monocular  machine  vision".  J.  Machine  Vision 
Application,  Springer-Int.,  Nov.  1988,  pp  223-261. 

[6]  Proskawetz  K.O,:  Ein  Beitrag  zur  Genauigkeits- 
steigerung  bei  der  Parameteridentifizierung 
nichtlinearer  Prozesse  am  Beispiel  der  Flugzeug- 
bewegung.  Dissertation  TU  Braunschweig  1989. 

[7]  Graefe  V:  Dynamic  Vision  Systems  for  Autono¬ 
mous  Mobile  Robots.  IEEE  Workshop  on  Intelli¬ 
gent  Robots  and  Systems  -  IROS’89;  Tsukuba, 
Sept.  89. 


[8]  Maybeck  P.S.:  Stochastic  Models,  E.stimation  and 
Control,  Vol.l,  2;  Academic  Press,  New  York  1982 

(9|  Schell  F-R.:  Bordautonomcr  uutomatischcr 
Landeanflug  aufgrund  bildhaltcr  und  incrtialcr 
MeBdatena'iswertung,  Dissertation  an  der  L  ni 
versitat  der  Bundeswehr  Munchen,  Fakultat  tiir 
Luft-  und  Raumfahrlteehnik,  Munchen,  l'W2. 

1 10|  Dickmanns  E.D.,  Zapp  A.,  (llto  K.D,;  "Ein  Simu 
lalionskreis  zur  Entwicklung  einer  automati.schen 
Fahrzeugfiihrung  mit  bildhaften  und  inertialen  Si- 
gnalen".  In  Breitenecker,  e.a.  (Hrsg.);  Simulation- 
stechnik;  Informatik-Fachberichte  S.s,  Springer- 
Verlag,  1985 

111]  Otto  K.D.;  Linear-quadratischer  Eniwurf  mit 
Strukturvorgaben.  Dissertation  Universitat  der 
Bundeswehr  Munchen,  Fakultat  fur  Luft-  und 
Raumfahrttechnik,  Munchen,  1990 

(121  Bierman  G.J.:  Factorization  Methods  f-'r  Discrete 
Sequential  Estimation.  .Academic  Press,  New 
York  1977. 


Scene  Correlation  for  INS  Aiding  in  Flight-Test  Systems 
-  Runway-Referenced  Flight-Tests  with  On-Board  Sensors  only 

8  Stleler 
H  -U  Dohler 

German  Aerospace  Research  Establishment  (DLR) 

Institute  of  Flight  Guidance 
3300  Braunschweig,  P  O  Box  32  67  FRG 


Abstract 

Inertial  and  image-derived  measurements  for  runway- 
referenced  flight  path  computations  are  investigated 
They  open  the  way  for  flight-tests  without  ground-based 
sensors  and  with  a  minimum  of  a  priori  knowledge  or 
none  at  all  about  the  runway  position  and  direction  in 
absolute  coordinates  They  are  ideally  suited  for  in¬ 
specting  landing  aids  at  congested  civil  airports,  for  in¬ 
stance. 

The  investigations  concentrate  on  the  problems  of  the 
baroinertial  and  inertial  altitude  measurements,  on  the 
achievable  accuracies  of  image-derived  measurements 
and  their  integration  with  inertial  measurements  It  is 
shown  that  glidepath  and  flight  track  accuracies  in  the 
order  of  0  01  deg  (1a)  should  be  achievable 


1.  Introduction 

In  many  cases  flight-tests  are  carried  out  near  an  airport 
where  trajectory  measurements  with  respect  to  the  run¬ 
way  (RWY)  are  of  interest  Flight  inspection  systems  for 
testing  landing  aids  of  civil  airports  may  serve  as  an  ex¬ 
ample. 

Traditionally  these  flight-tests  are  based  on  sensors  on 
board  and  on  ground  as  indicated  in  Fig  1  1  A  micro- 
wave  radar  or  a  laser  tracker  is  installed  on  ground  with 
a  known  absolute  position  reference  and  measures  the 
relative  position  of  the  aircraft  with  respect  to  its  absolute 
position.  This  Is  transmitted  to  the  aircraft  for  aiding  the 
inertial  navigation  system  (INS)  navigating  in  absolute 
coordinates,  too  As  next  step  the  flight  path  with  respect 
to  tne  absolute  position  ot  me  runway  reference  point 
and  direction  is  computed 

With  fixed  installations  on  ground  this  procedure  is  in 
principle  a  very  good  solution  The  Avionic  Flight  Eva¬ 
luation  System  (AFES)  of  DLR  works  in  this  fashion 
[Stieler  91/1]  The  burden  of  positioning  and  orienting  the 
ground-based  sensors  is  carried  out  only  once  Errors  in 
their  absolute  position  and  direction  are  easily  un¬ 
covered  They  may  be  cumbersome  when  data  of  flight 
inspections  on  a  plurality  of  airports  are  evaluated  with 
submeter  accuracy  requirements 

The  advent  of  the  Global  Positioning  System  (GPS) 
alleviates  the  burden  just  mentioned  Orienting  the  refe¬ 
rence  station  on  ground  as  basis  for  differential  GPS 
measurements  is  no  longer  required  but  the  data  eva¬ 
luation  IS  in  principle  the  same  as  indicated  above 

Human  beings  do  not  orient  themselves  within  the  sur¬ 
rounding  in  absolute  coordinates,  but  with  the  help  of 
their  eyes  in  relative  positions  Methods  of  digital 
imaging  offer  similar  possibilities  for  orientation  and  data 
evaluation  Their  combination  with  an  INS  and  memory 
capacity  for  data  storage  allows  the  flight  path  estimation 
back  into  the  past  or  forward  into  the  future,  which  works 
in  a  similar  way  as  the  human  being  does  with  his  optical 
sensors  and  memory 


This  paper  deals  with  runway-referenced  flight-tests 
based  on  on-board  sensors  only  -especially  optical  and 
inertial  sensors 

Experiences  with  a  flight  inspection  system  of  the  Ger¬ 
man  Aviation  Authority  Bundesanstalt  fur  Flugsicherung 
(BFS)  '  are  outlined  first  [Stieler  91  ,'2]  It  is  based  on  multi 
DME.  and  INS  for  testing  en  route  radio  aids  as 
VOR/OME  stations  For  testing  landing  aids  it  is  based 
on  a  downward  looking  CCD  camera.  INS  plus  radio  and 
baro  altimeters 

Possible  improvements  and  their  effect  on  the 
achievable  accuracy  of  the  flight  path  reconstruction  are 
discussed  The  pa^r  is  concluded  with  an  outlook  for 
runway-referenced  flight-tests  without  a  priori  knowledge 
about  the  runway  position  and  direction  m  absolute 
coordinates 


2.  Experiences  with  the  BFS  Flight  Inspection 
System 

The  Gemeinsame  Fiugvermessungsstelle  (GFMS)  a 
branch  of  BFS.  .o  responsible  for  testing  en  route  air 
ti-affic  navigation  systems  and  landing  aids  in  Germany 

The  "Digitales  Melisystem  (DMS  88)  for  testing  enroute 
air  traffic  systems  consists  of  an  INS  aided  by  multi 
DME  For  testing  landing  aids  DMS  88  is  in  addition 
equipped  with  a  downward  looking  CCD-camera  and  a 
radio  altimeter  for  taking  measurements  during  the  run¬ 
way  overflight  The  reference  flight  path  requiring  an 
uncertainty  for  ILS  localizer  and  glidepath  measure¬ 
ments  below  0  02  deg  is  reconstructed  as  indicated  in 
Fig  2  1  The  data  storage  of  the  INS  aided  In  the  hori¬ 
zontal  channels  by  multi  DME  and  in  the  vertical  channel 
by  a  barometric  altimeter  is  initiated  prior  to  passing  'he 
outer  marker  When  the  aircraft  flies  over  the  patterns  at 
the  beginning  and  the  end  of  the  runway,  the  CCD 
camera  takes  one  position  fix  each  time  In  addition  the 
altitude  is  measured  by  means  of  the  radio  altimeter 
The  measurements  serve  to  aid  the  absolute  horizontal 
and  vertical  INS  positions  using  a  forward  Kal.Tian-filter 
After  passing  the  second  pattern  at  the  end  of  the  run¬ 
way.  the  flight  path  for  the  approach  phase  is  recon¬ 
structed  by  backward  tittering  the  stored  flight  path  in¬ 
cluding  all  external  measurements 

DMS  88  thus  opens  the  way  for  inspecting  landing  aids 
at  congested  civil  airports  without  ground  installations 
and  major  interference  with  the  traffic  flow  During  the 
test  campaigns  two  items  for  possible  improvements 
within  the  system  were  uncovered  They  concerned  the 
glidepath  computation  and  the  reliability  in  obtaining  the 
required  two  position  fixes  from  the  downward  looking 
camera 

The  following  sections  deal  with  flightiest,  laboratory 
test  and  simulation  results  backing  up  steps  for  such  im¬ 
provements  Changes  in  the  data  evaluation  concept 
would  in  addition  allow  to  carry  out  landing  aid  inspec¬ 
tions  at  airports  with  unknown  position  and  direction  of 
the  runway 


i:-: 


Due  to  their  independence  from  ground  installations  and 
their  error  characteristics  the  combination  of  INS  plus 
forward-looking  camera  is  ideally  suited  for  this  purpose 
The  goal  is  to  obtain  an  accuracy  of  0  01  deg  for  the 
glidepath  and  flight  track  computations  The  corre- 
SDondino  handling  of  errors  in  the  submeter  level  requi¬ 
res  a  close  look  rnto  the  performance  of  the  INS  aind  the 
camera,  which  will  be  treated  in  the  next  two  chapters 

Before  going  into  details  a  word  has  to  be  said  about  the 
integration  of  satellite  navigation  (GPS)  receivers  into  a 
flight  inspection  system  GPS  position  measurements  m 
the  submeter  level  require  a  reference  station  on  ground 
The  goal  of  this  paper  is  to  show  that  the  mentioned 
glidepath  and  flight  track  accuracies  can  be  achieved 
without  ground  installations  It  is  out  of  question  that  a 
future  flight  inspection  system  will  make  use  of  GPS. 
primarely  as  replacement  or  supplement  of  multi  DME 
for  enroute  flight  path  computations  If  differential  GPS 
measurements  are  available  from  reference  stations 
permanently  installed  on  ground  the  situation  Is  different 
They  will  then  provide  a  very  useful  supplementary 
source  of  information  for  the  runway-referenced  flight- 
tests  investigated  in  this  paper 


3.  Critical  Review  of  the  INS  Vertical  Channel  In 
Comparison  to  the  Horizontal  Channels 

Because  of  its  inherent  instability  [Winter  75.  Stieler  82] 
the  INS  vertical  channel  is  barometrically  aided  as  indi¬ 
cated  in  Fig,  3  1  Roughly  speaking  it  has  the  following 
characteristics. 

Due  to  the  fairly  weak  barometric  couplmg  the 

-  accelerometer  measurements  dominate  the  short- 
time  accuracy  and 

-  the  barometric  altitude  and  its  bias  dominate  the 
long-time  accuracy 

But  what  IS  short-time  and  long-time  for  an  aircraft  ap¬ 
proaching  the  runway"’  Which  is  the  barometer  bias  in 
this  phase? 

The  biggest  problem  for  an  accurate  barometric  altitude 
result  IS  the  measurement  of  the  static  pressure  In  the 
moving  aircraft  Depending  on  the  position  of  the  static 
pressure  holes  in  the  fuselage,  this  measurement  de¬ 
pends  more  or  less  on  air  flow  parameters  such  as 
[Wuest  80] 

tf.c  magnitude  of  the  air  flow,  le  the  true  airspeed 
(TAS) 

the  direction  of  the  air  flow,  i  e  the  angles  of  attack 
and  sideslip 

the  flap  and  throttle  settings 

Test  aircraft  are  mostly  equipped  with  a  noseboom  to 
minimize  these  effects. 

The  conversion  of  the  pressure  into  an  electric  signal  is 
affected  by  the  length  of  the  pressure  tube,  which  de¬ 
fines  the  time  lag  in  the  order  of  magnitude  of  1s 
[Redeker  85,  Nord  Micro  84]  For  the  computation  of 
barometric  altitude  above  the  runway  from  static  pres¬ 
sure  measurements  additional  parameters  have  to  be 
known 

ground  pressure  and  temperature  and 

-  outsice  temperature 


Differences  in  these  parameters  cause  additional  bias 
and  scalefactor  variations 

If  the  barometric  altitude  error  remained  constant  during 
the  approach  phase  an  accurate  glidepath  rnrnp"*3tion 
would  be  possible  based  on  a  few  additional  external 
measurements  Unfortunaiely  this  is  not  the  case 
Fig  3  2  shows  flight-tests  results  obtained  with  the  twin 
engine  turboprop  aircraft  DO  228  of  DLR  with  static 
pressure  holes  in  the  fuselage  The  differences  between 
the  barometric  altitude  obtained  from  the  ADC  and  the 
AFES  laser  tracker  are  shown  here  They  show  a  very 
problematic  time  characteristic  during  the  approach 
phase  which  will  not  be  removed  by  feeding  the  baro¬ 
metric  attitude  into  the  inertial  system  for  obtaining  the 
baroinertial  altitude 

In  the  GFMS  test  aircraft  which  has  its  static  pressure 
holes  in  the  fuselage,  too  additional  effects  due  to 
changing  sideslip  angles  were  observed 

Using  a  noseboom  for  static  pressure  measurements 
would  reduce  these  effects  considerably,  but  it  seems 
hopeless  to  aim  at  a  submeter  accuracy  in  the  baroiner- 
tial  altitude  computation 

The  situation  is  quite  different  for  the  pure  inertial  alti¬ 
tude  Though  it  is  inheremiy  unstable  as  already  men¬ 
tioned,  Its  error  growth  is  modellable  over  a  certain 
period  of  time  as  shown  below  and  it  can  serve  as  a 
basis  for  an  aided  altitude  and  glidepath  computation 
The  problem  in  this  approach  is  to  get  access  to  it  In  a 
commercially  available  INS  Since  the  customer  cannot 
change  the  INS  software,  the  feedback  gams  in  Fig  3  1 
cannot  be  put  zero  without  a  costly  manipulation  by  the 
manufacturer  The  second  possibility  of  double  inte¬ 
grating  the  vertical  acceleration  as  basis  for  inertial  alti¬ 
tude  computation  is  burdened  with  the  fact  that  it  is  only 
accessable  in  the  commercial  INS  after  having  passed  a 
first  order  Butterworth  filter,  implementer)  with  the  fol¬ 
lowing  recursive  formular  in  the  Litton  LTN-90  [Litton  83] 

(31)  a*(n)  =  c(n-l) -I- 0  5  [c(n)  -  c(n-l)] 

c(n)  =  c(n-l)  t  k  [a(n)  -  c(n-i)) 

k  =  2Dt,'(D1  1-  2T) 

a*  =  filtered  vertical  acceleration 

a  =  measured  vertical  acceleration 

T  =  0  5  s 

In  our  laboratories  we  investigated  2  methods  of  extrac¬ 
ting  the  inertial  altitude  from  this  system 

Method  1 

Using  the  .‘NS  altitude  and  feeding  it  back  as  barometric 
altitude  into  the  system  From  Fig  3  1  i;  can  oe  eac'y 
derived  that  the  feedback  signal  is  zero  in  this  case  and 
the  INS  altitude  should  be  the  pure  mertial  altitude 

Method  2 

Deriving  the  inertial  altitude  from  the  vertical  acceleration 
after  passing  it  through  an  inverse  filter  The  straightfor¬ 
ward  procedure  for  this  method  to  solve  Eq  (3  1)  for 
the  acceleration  a(n)  measured  This  procedure  requires 
that  the  INS  output  is  sampled  synchronously  with  the 
INS  computer  clock  frequency  of  64  Hz  For  the  labora¬ 
tory  setup  with  20  Hz  sampling  frequency  the  following 
equation  gave  the  best  results 

(32)  a(n)  =  a*(n)  +  (a*(n)  a*(n-1)]  T  \t 


i:  ; 


During  the  laboratory  tests  the  LTNl-90  was  exposed  to 
linear  motions  of  ±  20  cm  amplitude  at  1  Hz  frequency 
approximately  As  to  be  seen  on  Fig  3  3  the  rocking 
table  was  inclined  by  25  deg  with  respect  to  the  vertical 
ahd  45  deg  with  respect  to  true  north  So  all  3  INS  chan¬ 
nels  sensed  a  component  of  the  linear  oscillation 

Fig  3  4  shows  over  30  s  of  time  for  both  methods  the  re¬ 
sidues  between  the  reference  altitude  (h  =  0)  and  the 
inertial  altitude  after  subtracting  a  2nd  order  polynomial 
for  compensating  the  typical  inertial  errors  In  Fig  3  5 
I'  d  menial  altitude  for  both  methods  is  plotted  over  4 
min  The  plots  and  the  polynomial  coefficients  prove  that 
both  methods  give  results  with  excellent  correspon¬ 
dence  With  a  3rd  order  polynomial  the  residues  become 
much  smaller,  as  shown  in  Fig  3  6  for  two  different 
tests 

For  a  longer  period  of  time,  e  g  1 5  min  the  errors  of  the 
inertial  altitude,  computed  as  outlined  above,  cannot  be 
modelled  as  well  as  can  be  seen  from  Fig  3  7a  The 
peaks  of  the  residues  with  respect  to  a  3rd  order  poly¬ 
nomial  are  »  1  5  mi,  approximately  In  a  simulation  it  was 
found  out  that  a  random  walk  coefficient  of  r  =  0  2 
(m/s)ivh  generates  residues  of  similar  magnitude  (s  Fig 
3  7b).  This  rahdom  walk  corresponds  to  an  acceleration 
signal  with  0  005  g  resolution  at  20  Hz  sampling  rate 
Since  the  LTN  90  specifications  quote  I  22  10'^  g  at  64 
Hz,  the  reason  for  this  problem  lies  m  the  asynchronous 
data  collection  of  the  laboratory  setup  There  is  no  phy¬ 
sical  reason  why  within  the  INS  the  vertical  channel 
should  be  inferior  to  the  horizontal  channels  [Knickmeyer 
90)  Fig  3  8  shows  the  corresponding  laboratory  test  re¬ 
sults  for  the  horizontal  residues  computed  from  the  north 
and  east  velocities  The  nonlinearity  at  60  s  is  due  to  the 
limited  resolution  of  0  125  kn  of  the  LTN  90  output 
signals  If  the  system  is  standing  still  this  may  generate 
a  position  error  slope  of  equal  magnitude  which  vanishes 
when  the  system  is  moving  The  random  walk  coefficient 
at  16  Hz  update  rate  is  r  =  0  27  m-\h.  which  is  negligi¬ 
ble  The  higher  noise  m  the  horizontal  position  with 
respect  to  the  inertial  altitude  is  due  the  to  difference  m 
the  LTN  90  transport  delay  which  is  60  ms  for  the  acce¬ 
lerations  and  1 10  ms  for  the  horizontal  velocities 

Both  methods  outlined  above  for  inertial  altitude  com¬ 
putation  give  good  results  for  mission  times  m  the  order 
o<  4  min  which  is  sufficient  tor  the  approach  phase 
Method  2  is  the  preferred  way  for  computing  the  inertial 
altitude,  because 

-  the  baroinertial  altitude  computation  is  not  interrupted 
and 

due  to  the  inertial  altitude  error  growrh  Method  1 
works  for  10  min  only,  approximately  when  the  com¬ 
puted  vertical  velocity  does  not  exceed  limits  so  that 
the  ihternal  INS  built-in  test  equipment  (BITE)  clas¬ 
sifies  It  as  invalid 

In  Method  2  we  have  found  a  basis  for  inertial  altitude 
measurement  For  on-line  and  off-line  glidepath  compu¬ 
tations  external  measurements  for  aiding  the  inertial 
altitude  are  necessary  There  are  only  2  on-board  sen¬ 
sors  for  the  measurement  of  the  altitude  with  respect  to 
the  runway 

the  radio  altimeter  which  measures  the  relative  alti¬ 
tude  on-line,  i  e  requires  the  storage  of  the  runway 
profile  as  a  prion  knowledge  and 

the  forward  looking  CCD  camera  which  measures 
the  relative  altitude  already  during  the  approach 
phase  I  e  it  requires  the  relative  altitude  difference 
between  both  runway  patterns  as  a  prion  knowledge 
only 


We  will  concentrate  in  the  following  on  the  second  sen 
sor 

DLRs  concept  for  scene  coneiation  navigation  is 
discussed  in  the  next  section  which  is  followed  by  accu 
racy  considerations  for  the  position  computation  in  the 
approach  phase  based  on  the  runway  pattern 

4.  Concept  for  the  Scene  Correlation  Navigation 

In  Fig  4  1  a  block  diagram  for  the  scene  correlation 
navigation  is  shown  it  consists  of  three  mam  pans 
image  processing  model  generation  and  identification 
with  position  and  attitude  estimation 

With  the  help  of  information  about  position  and  orienta¬ 
tion.  delivered  hy  the  inertial  navigation  system  jINSi 
moreover  under  consideration  of  foreknowledge  about 
errors  of  these  data  objects  which  can  be  detected  by 
the  scanning  device  are  selected  from  a  digital  terrain 
model  (DTM)  These  objects  are  projected  from  3-D 
space  into  the  2-D  image  plane  using  a  hierarchical 
data  structure  (scene  generation  artificial  scene 
description) 

Image  processing  is  done  in  two  steps  First,  preproces¬ 
sing  clears  the  image  from  brightness  fluctuations  and 
nonlinear  geometrical  distortions  depending  on  the  sen¬ 
sor  In  a  second  step  (segmentation)  features  are  ex¬ 
tracted  and  stored  m  the  same  way  as  the  transformed 
DTM  objects  Depending  on  tne  expected  image  proce¬ 
dures  of  pattern  recognition  are  chosen  from  a  stock  of 
algorithms  (image  processing  knowledge  method  selec¬ 
tion)  In  consideration  of  the  applied  segmentation  pro¬ 
cedures  and  with  the  help  of  a  selection  step  (scene 
evaluation)  a  subset  of  objects  contained  in  the  scene 
description  is  produced  which  offers  a  reliable  image 
interpretation  (image  model) 

After  assigning  the  features  mat  nave  been  extraaea 
from  the  aerial  image  to  the  image  model  (object  identifi¬ 
cation)  the  real  position  and  attitude  angles  of  the  aircraft 
are  calculated  (photogrammetryi  ano  can  oe  used  as 
update  information  for  the  INS-Data 


4.1  Model  Generation  and  Photogram metry 

A  digital  map  on  board  (digital  terrain  model  DtMi  con¬ 
tains  data  about  the  structure  of  terrain  objects  Each 
object  IS  described  by  its  geometry  and  attributes  e  g 
the  type  of  the  object,  its  class  and  name  The  objects 
geometry  is  expressed  by  the  position  of  tne  vertices  of 
surrounding  polygons  m  world  coordinates  (Gauss-Kru 
ger  coordinates  ar^  the  height  above  MSLi  using 
^w  =  t*w  Vw  ^wl  '  experimental  purpose  a  DTM 
from  the  region  around  the  Braunschweig  airport  was 
digitized  (size  6x4  kmm  based  on  the  Deutsche 
Grundkarte  (Scale  1  5000)  in  the  near  future  geogra 
^  -'--n'  i-ixample  the 

Amtiiches  Tojxigraphisches  Kartographisches  informa- 
tionssystem  (ATKiS)  of  the  German  Federal  Surveying 
Offices  (Landesvermessungsamteri  are  available 

In  order  to  derive  the  image  model  by  using  the  DTM 
data,  the  objects  are  transfot|ried  to  the  image  coordi 
nate  system  X,  =  (x,  y,  z,) '  Furthermiore  only  such 
DTM  objects  are  cnosen  which  are  su*ficienlty  'e 
cognizable  with  respect  to  the  available  image  proces 
sing  methods  This  hansformation  is  contro'led  by  the 
attitude  and  heading  angles  o1  the  ^rcraft  and  its  aobro 
ximate  position  Xg  =  IXg  yg  Zg  r  The  camera  is  de 
scribed  by  a  simple  pinhole  .modei  (nonlinear  geome 
trical  distortions  are  already  elimnnatedl  with  *orus  length 
c  and  the  mounting  angles  (roll  pitch  and  yawi  mside 


the  aircraft  The  real  ob|ect  positions  m  the  image  coor 
dinate  system  are  determined  by  the  hypothesis  driven 
assignment  of  the  objects  to  the  features  contained  ir' 
the  processed  image 

Using  well-known  procedures  of  phofogrammetry 
[Konecny  84).  the  parameters  of  the  real  transformation 
are  determined  from  the  corresponding  points  of  the  ob- 
lecfs  in  the  image  and  world  coordinate  systems  These 
parameters  are  elements  of  a  redundant  nonlinear  set  of 
equations  They  can  be  linearized  ana  solved  'teratively 
by  the  least  square  method  Thus  the  actual  position  of 
the  aircraft  Xg  =  (x,  y,  Zg) '  is  available  as  update 
information  for  the  INS  The  same  method  is  suitable  for 
the  r  termination  of  the  aircrafts  attitude  angles  and  for 
camera  calibration  i  e  the  determination  of  the 
mounting  angles  and  the  focal  length 


4.2  Image  Processing 

in  a  preprocessing  step  sensor  distortions  are  corrected 
by  different  procedures  of  filtering  and  transformation 
Besides  global  grey  scale  operations  such  as  histogram 
equalization  also  local  operators  are  taken  into  conside¬ 
ration  Regarding  a  sensor  specific  model  these  opera¬ 
tors  can  compensate  a  position  dependent  sensitivity  or 
defective  cells  of  CCD  sensors  Moreover  geometrical 
distortions  are  equalized  if  necessary 

In  a  second  step  (segmentation)  the  image  is  decom¬ 
posed  into  significant  parts  and  described  by  features  of 
different  kinds  The  selection  of  ihe  applied  segmenta¬ 
tion  methods  and  their  parameters  from  a  stock  of  image 
processing  algorithms  (IP  expert  knowledge)  is  control¬ 
led  by  the  expected  image  contents  (IP  expert  system) 

Besides  standard  local  procedures  for  the  extraction  of 
linear  features  [Dunham  86],  also  alternative  approaches 
are  made  Therefore  methods  from  tho  field  of  graph 
search  techniques  like  dynamic  programming 
[Besslich  89  Martelli  76]  and  heuristic  contour  following 
techniques  (Montanan  71]  can  be  used  These  proce¬ 
dures  are  very  profitable  because  they  allow  the  inclu¬ 
sion  of  knowledge  concerning  the  model  of  special 
image  structures  using  grey  scale  images  or  den-  3d 
gradients  as  well  Moreover  not  only  linear  but  also 
region  like  features  are  extracted  by  segmentation  using 
additional  methods  of  texture  analysis 

Features  and  segments  extracted  by  these  procedures 
are  stored  for  further  processing  in  a  hierarchical  data 
structure  In  addition  method  parameters  and  quality 
criterions  are  attached  to  each  feature  as  attributes  The 
use  of  IP  expert  knowledge  makes  this  technique  fairly 
flexible 


intersection  of  neighDOunng  straight  i.ne  segments. 
Starting  with  these  .mtiai  hypotheses  -^o’e  featu'es  o' 
the  image  model  are  searched  ^he  validation  of  me  ny 
potheses  depends  on  the  Sir^Hianty  of  me  compared 
features  'egardmg  a  given  threshold  o'  ioie'a"ce  for 
position  and  orientation  "'he  parameters  of  d-space 
ment  and  'otatior  are  caici^  ated  'or  eacm  new  'eat^re 
so  that  the  global  error  of  position  of  aii  object  'eat„res  s 
minimized  After  assigning  an  mooei  features  to  some 
image  features  the  verification  process  wd  oe  term 
hated  If  the  global  matching  quality  s  h.gher  than  a  re 
cognition  threshold  the  mcdei  s  assumed  to  be  re 
cognized  in  this  case  an  matched  mage  'eatures  are 
marked  to  be  used  Ail  other  nyootneses  built  upon 
these  features  are  devaiuateo  '  a  hypothesis  qualify 
sinks  below  the  recognition  threshe  d  t  w-;  oe 'ejectea 


Accuracy  Considerations  for 
Approach  as  an  Example 


Runway 


The  position  accuracy  of  image  paseo  navigation 
systems  severely  depends  on  the  actua  geometric  ar¬ 
rangement  of  the  world  objects  and  the  v  ewmg  camera 
Therefore  it  is  impossible  to  give  an  overall  estimate  of 
the  resulting  position  error  m  the  case  o'  many  ooiecis 
which  are  spread  over  the  whole  image  piane  f  is  ob¬ 
vious  that  Ihe  achieved  accuracy  wii'  be  much  greater 
than  in  the  case  o1  only  one  single  object  o'  small  size 
somewhere  m  the  image  it  should  oe  emphasized  that 
in  general  the  position  error  depends  O'-  the  im.age 
scale  I  e  the  nearer  the  oDjects  appear  ana  fhe  ipnger 
the  focal  length  of  the  camera  fhe  more  accurate  fne 
determined  position  will  be  This  is  the  mam  difference 
between  image  based  navigation  and  oihe'  navigation 
methods  tGPS  or  DGPSi  which  deliver  a  posmon  in 
dependent  accuracy  Especially  for  the  regarded  case  of 
only  one  angle  object  in  the  image  field  e  the  stripe  pf 
the  runway  n  is  necessary  to  '^ake  some  oelaiieO 
assumptions  for  estimating  the  resulting  errors 

The  estimation  of  the  resulting  position  erro'  during  fhe 
landing  approach  was  done  via  different  computer 
simulations  in  these  simiuiations  d'ffe'enf  mnas  of  er.'or 
sources  were  assumed  which  can  be  'egaroeo  as 
system  constraints  Tnese  error  sources  a'e 

1)  errors  in  the  INS  angles 

2)  a  focal  length  error  of  the  camera  or  noncaiibrafed 
nonlinear  disforcions  o'  fne  camera  lens  ana 

3)  random  er'ors  o'  mage  cooromate  lOcal  ons  o'  re 
ference  pomts  resulting  'rom  the  approximalior  of 
straight  line  segments  fo  the  contours  m  the  image 
plane 


4.3  Object  Identification 

The  object  identification  is  done  by  the  assignment  of 
extracted  features  to  the  objects  of  the  image  model  in 
the  literature  many  procedures  for  solving  this  problem 
are  published,  for  example  methods  used  in  the  fields  of 
workpiece  recognition,  robot  vision  etc 
[Salzbrunn  90  Tropf  80]  The  selected  method  allows  a 
fault  tolerant,  displacement  and  rotation  invariant  2-D 
feature  assignment  In  addition  a  slight  scale  adjustment 
IS  made  This  procedure,  a  modified  A  -algorithm 
[Nilsson  82],  builds  up  valued  concurrent  hypotheses  for 
the  objects  contained  in  the  image  model  This  corre¬ 
sponds  to  the  procedures  of  the  so-called  analysis  by 
synthesis  described  in  [Tropf  80]  For  the  generation  of  a 
starting  hypothesis  a  feature  of  the  image  model  is  used 
estimating  the  parameters  of  rotation  and  displacement 
for  the  assignment  (for  example  a  corner.  i  e  the  point  of 


For  these  simulations  a  fixed  camera  moaei  s  used  Tne 
forward-looking  camera  is  rr-iOunted  at  a  *ixed  post  er 
and  orientation  with  respect  to  the  aircraft  axes  so  that 
for  the  dtreraft  approach  the  oaselme  o'  tre  -u.rway  iS  lo- 
ca'ed  m  the  center  o'  the  image  era.-.e  The  simulated 
camera  target  has  a  size  of  36  x  24  mm  and  is  digitized 
with  360  X  240  pixels  (pixel  size  0  1  m.mi  The  applied 
focal  length  is  50  mm  These  data  can  easily  be  trans¬ 
formed  to  commercially  avialabie  CCD  cameras  For  ex¬ 
ample.  a  focal  length  of  aoout  '2  rrm  tor  the  KODAK 
MEGAPLUS  with  a  pixel  size  of  6  8  x  6  8  microns  and  a 
resolution  of  1280  by  1024  pixels  would  approximately 
achieve  the  same  viewing  angles  (however  m  this  case 
the  resolution  is  about  4  times  higher  i  The  simulation  ,s 
done  at  different  points  during  the  landing  path  i  e  at 
1 000  500  250  1 00  and  50  m  betore  of  the  intersection 
point  of  the  flight  path  and  the  runway  For  all  these 
points  the  exact  locations  of  reference  points  m  the 
image  plane  are  computed  by  projection  (forward  com- 


putalion)  After  aPamg  the  regardea  errors  to  the  'e 
cording  parameters  and  the  image  locations  ot  'eference 
points  the  position  computation  is  earned  out  .backward 
computation)  An  example  for  the  estimated  positions  is 
shown  m  Fig  5  1  The  aircrafts  position  has  a  distance 
of  50  m  with  respect  to  the  baseline  ot  the  runway  The 
calibration  error  is  assumed  to  be  0  t  “o  and  the  random 
location  error  in  the  image  plane  is  assumed  to  nave  a 
standard  deviation  of  0  5  pixel  iso  that  m  95  5  ot  an 
cases  the  location  differs  not  more  than  1  pixei  from  the 
true  location)  For  this  scatter  diagram  tOOO  random 
data  are  taken  into  account  The  resulting  position  error 
(mean  and  standard  deviation)  can  be  seen  in  Fig  5  t 
These  scatter  diagrams  are  computed  tor  all  t've  re 
garded  distances  from  the  runway  under  two  different 
assumotions 

First  It  IS  assumed  that  tne  aspect  ang.es  are  taken  from 
the  measured  l\S  angles  .with  a  systematic  error  Ot 
degrees!  and  that  only  the  comer  bomts  tjetween  the 
baseline  and  the  edges  of  the  r^-nway  are  ext'acted  I'om 
the  .mage  (see  F  g  5  2  on  Tne  -esuits  are  listed  n 
Table  5  ' 

Second  it  .s  assumed  that  the  an  c aft  position  and  its 
attitude  angles  are  computed  from  three  image  pomts 
nor  zon  point  t'om  the  ihterection  of  the  runway  edges 
and  the  eft  ana  ngn:  come’’  pomts  of  the  baseline  isee 
5  2  CD 

■n  the  next  section  the  resuls  "Stea  m  Tame  5  '  wni  be 
aopiieo  to  me  comoutation  of  a  ronway-teferenceo  flight 
path 


6.  Results  for  a  Runway-Referenced  Flight  Path 
Computation  Based  on  INS  Data  and  Image  Posi¬ 
tion  Fixes 


tiigh!  path  "  0  in  our  case  'hey  were  obtained  for  a 

focal  'engtp  of  •  .  50  mim.  n  oroe'  to  simulate  the  *ocai 
.engtr  '  ;  100  mm,  me  cor.'espor’d.ng  n. stances  m  ’’aoie 
5  t  were  multiplied  by  2  Random  syncnromzation  e'l’O'S 
between  .NS  ano  camera  were  pa  Taiiy  taxer  .nto 
account  by  limiting  the  a  va  ues  '.a  0  '  -r 

For  an  approach  o>  4  mm  ou'atio'-  the  vedica  cnanne. 
was  modelled  n  the  Kaiman  'liter  W'tn  the  'cnowing  state 
vector 

,6  1  X  -  lin  5a 


6n  u  .nert.a,  alti'uoe  e-ror  iv  -  "erfia.  veioc'fy  e"or  ia 
=  acceleration  error 

■'ne  imiia:  covar.ances  ano  •a-'cicr-*  wax  coeTriceris 
were  Chosen  as 

,6  2)  (5h;  =  5  m  O'  30  m 

ai5v'-  =  '0  ms 

aiSa'  -  0  O'  g 

r:.5h'  =  0  GJ1  r-  V  r- 

'i.ivi  ^  0  2  m  s  X  r- 

'i6ai  =  0  000"  g  v  " 

hne  investigations  were  cameo  oi.rt  n  steps  with  oe 
creasing  a  o'  cr  xnew  eage 

-  the  reiai  ve  positions  of  tne  -^-way  oarems  e  the 
runway  .engin  and  tne  altitude  difference  are  known 
ano 

the  relative  oos'tions  o'  me  -unway  patterns  a'e 
unknown 


For  the  runway -'eferenced  ‘light  patn  computation  the 
absolute  positions  of  tne  runway  patterns  need  not  be 
known  ‘'he  first  oattern  is  used  as  reference  position 
■hne  known  relative  position  of  the  second  pattern  with 
respect  to  the  first  one  lays  down  the  horizontal  ano  ver¬ 
tical  reference  directions  as  showrt  m  Fig  6  i 

F.g  6  2  shows  the  block  diagram,  for  tne  'unway-re- 
ferenced  flight  path  com,outation  Tne  timie  0  is  a  point  of 
time  prior  to  passing  tne  outer  marker  The  integration  of 
tne  horizontal  velocities  and  tne  vertical  acceleration  are 
niliated  For  me  latter  the  oaromertial  attitude  serves  as 
initial  condition  For  the  following  discussion  4  is  as¬ 
sumed  that  this  altitude  has  an  initial  bias  of  Sh^j  =  100 
m  with  an  uncertainty  of  a(5h^)  =  5  m,  for  an  aircraft 
eouipped  with  a  rioseooom  and  0!5n(jj  =  30  m  m  other 
cases  These  uncertainties  take  mto  account  the  bias 
difference  between  tne  initiation  and  the  runway  over- 
fi.gnt  The  initial  horizontal  position  can  Oe  assumed  zero 
with  an  uncertainty  of  say  a(ds)  =  100  xmi  The  horizon¬ 
tal  velocities  are  integrated  m  tne  'unway-referenced 
coordinates  shown  m  Fig  6  1 

During  the  approach  the  camera  m.easurements  are 
used  for  aiding  the  inertial  position  in  a  Kalman  filter 
They  are  m.tiated  at  a  distance  of  1000  m  ('  =  50  mm)  or 
2000  m  If  =  100  m.m)  before  the  runway  patterns  (s 
Table  5  1]  After  having  passed  tne  second  pattern,  the 
backward  filter  is  initiated  as  indicated  in  Fig  6  2 

For  the  rest  of  the  paper  we  concentrate  primarily  on  the 
vertical  channel  only,  which  as  shown  above  is  more 
difficult  to  handle  than  the  horizontal  channels  The  fol¬ 
lowing  results  are  based  on  true  INS  data  collected  on 
the  rocking  table  shown  m  Fig  3  3  and  on  simulated 
position  fixes  The  values  of  Table  5  1  served  to  dis¬ 
tribute  randomly  these  fixes  with  respect  to  the  reference 


6.1  Test  Results  Using  Measurements  with 
Respect  to  Runway  Patterns  of  Known  Relative 
Positions 

For  known  position  differences  between  the  two  'W'way 
patterns  i  e  known  distance  ano  relative  eievat  on  tne 
.mage  measurements  serve  as  position  measurem.ents 
in  the  coordinate  system  shown  m  F.g  6  1 

Tne  test  results  are  oresented  n  n,gs  6  3  to  6  5  'ney 
show  the  altitude  estimation  residues  for  different  runs 
ano  different  iNS  data  files  They  are  zero  approximately 
when  the  ai'craft  'S  dose  to  the  patterns  at  the  oegmn  ng 
and  me  end  of  me  runway  and  they  increase  backward 
m  time  due  to  me  characteristics  of  the  came’a  ana  due 
to  the  fact  that  tne  mitiai  oaromertiai  altitude  measu'e 
ment  .s  the  only  external  measuremiert  'rom  1  =  0  ..p  to 
the  time  when  me  runway  patterr-  s  ^  sgnt  of  me 
camera  ^ne  dotted  curves  a'e  the  r  bands  comi 
puted  by  the  backward  filter  ~he  shaded  cones  rnark 
over  a  distance  of  10  km  tne  t  0  0'  deg  'imits  at  an 
approach  speed  of  V  =  70  m  s 

Figs  6  3  and  6  4  show  the  effect  of  tne  camera  focai 
length  and  the  'unway  length  ,  e  the  distance  between 
both  runway  patterns  on  the  altitude  estimation  accu 
racy  It  IS  assumed  that  the  mitiai  altitude  s  equa:  to  the 
baroinertiai  attitude  at  I  =  0  ano  that  the  baromeriial  bias 
IS  estimated  based  on  the  camera  rneasurements  "'he 
uncertainty  between  the  menial  altitude  initiation  at  t  =  0 
and  the  baroinertiai  bias  estimation  is  o(6njd  =  5  m 
(assuming  a  noseboom  equipped  aircraft!  F-om  the 
results  one  may  conclude  mat  with  a  focai  length  of  f  = 
100  mm  the  0  01  deg  to  glidepath  accuracy  car^  be 
met 


0  01  (m.  s)'  V  h 


If  the  baroinertial  altitude  uncertainty  is  bigger,  le 
a(5htj)  =  30  m,  as  it  may  be  the  case  for  a  none  nose- 
boom -equipped  aircraft  (s  Fig  3  2)  the  glidepath  accu¬ 
racy  IS  heavily  affected  as  to  be  seen  from  Fig  6  5  This 
gives  an  indication  of  the  benefits  of  good  barometric 
measurements  It  should  be  kept  in  mind  that  they  are 
not  used  for  an  accurate  absolute  altitude  computation  in 
the  submeter  range,  but  for  providing  the  inertial  altitude 
computation  with  a  starting  point  whose  bias  should  not 
change  above  the  o(5h(^  level  during  the  approach 

Fig  6  6  shows  the  results  for  two  successive  runway 
approaches  with  a  time  difference  of  7  min  approxi¬ 
mately.  Here  and  in  the  following  investigations  the 
camera  focal  length  is  f  =  100  mm  and  the  runway  length 
IS  4  5  km  Due  to  the  longer  mission  time  of  1,'4  h  the 
state  vector  was  augmented  by  the  acceleration  slope 
6b 

(6  3)  X  =  (5h  5v  5a  5b)''' 

with  the  following  initial  covariance  and  random  walk 
coefficient 

(6  4)  o(5bl  =  0  0005g,hh 

r(5b)  =  0  0001  (g/h)\h 

Both  plots  in  Fig  6  6  prove  again  the  benefits  of  an 
accurate  baroinertial  measurement  as  initial  condition 
The  results  of  the  2nd  runway  overflight  do  not  depend 
on  this  measurement  any  longer 


6.2  Test  Results  Using  Measurements  with 
Respect  to  Runway  Patterns  of  Unknown  Rela¬ 
tive  Positions 

If  t‘'e  aircraft  carries  out  flight -tests  with  respect  to  a 
runway  of  unknown  absolute  and  relative  positions  of 
both  patterns  it  has  to  fly  a  traffic  pattern  i  e  two 
approaches  and  runway  overflights  for  achieving  the  re¬ 
quired  glidepath  and  flight  track  accuracies  The  pattern 
size  IS  the  only  a  priori  knowledge  then  required  for 
measuring  the  aircraft  position  x  y  h  with  respect  to  the 
first  pattern  in  the  runway  coordinate  system  (s  Fig  6  1) 
and  for  measuring  its  y-component  with  respect  to  the 
second  pattern  The  latter  is  its  offset  from  the  runway 
direction  which  certainly  can  also  be  measured  with 
respect  to  the  runway  center  line  or  the  runway  edges 

If  stereo-optical  measurements  are  taken,  even  the  run¬ 
way  pattern  size  is  no  longer  a  prerequisite  for  meas¬ 
uring  the  relative  aircraft  position  with  respect  to  the  first 
pattern  and  for  measuring  its  course  offset  In  this  case 
no  a  prion  knowledge  about  the  runway  is  required  for 
the  runway-referenced  flight  path  cor  nutation 

The  results  in  Fig  6  7  are  surprisingly  good  The  glide- 
path  accuracy  of  0  01  deg  (la)  can  still  be  met,  even  for 
the  case  of  an  initial  baroinertial  altitude  bias  uncertainty 
of  a(6h[j)  =  30  m  During  the  first  approach  this  is  true 
for  a  short  distance  before  the  first  runway  pattern  For 
greater  distances  the  glidepath  accuracy  exceeds  the  ± 
0  01  deg  limits 

At  the  end  of  these  investigations  we  will  cast  a  brief 
glance  at  the  horizontal  channels  For  the  following 
results  the  system  error  model  was  left  unchanged  with 
respect  to  Eq  (6  3)  i  e  the  Schuler  loop  was  neglected 
for  the  mission  time  of  1  i4h  Also  the  coupling  between 
both  horizontal  channels  due  to  the  changing  heading 
was  not  taken  into  accout  The  following  parameters 
were  set  to  new  values 

=  too  km 
=  0  2  m  V  h 


r(5v)  = 

The  fairly  big  value  for  the  random  walk  on  the  position 
level  IS  due  to  the  north  and  east  velocity  resolution  of 
0  125  kn  at  a  sampling  frequenc  of  20  Hz  within  the 
LTN  90  For  the  image-derived  ■’osition  fixes  the  a- 
values  of  Table  5  1  were  used,  with  a  limitation  to  0  l  m 
again  to  take  into  account  synchronization  errors 
between  INS  and  camera 

Fig  3  8  shows  the  estimation  residues  in  the  x  and  y  di¬ 
rections  Due  to  the  characteristics  of  the  image-derived 
position  fixes  the  along  track  error  5S),  cannot  be  esti¬ 
mated  as  well  as  the  cross  track  error  5sy  This  is  no 
problem  since  glidepath  and  flight  track  accuracies  do 
not  depend  so  much  on  distance  The  cross  track  error 
defines  the  flight  track  accuracy  The  shaded  cones  in 
Fig  3  8  prove  that  the  0  01  deg  lla)  accuracy  level  can 
be  reached  easily 


7.  Summary 

Runway-referenced  flight-tests  with  on-board  sensors 
only  are  optimally  carried  out  based  on  inertia;  and 
image  measurements  of  the  panerns  at  the  beginning 
and  the  eixl  of  the  runway 

Experiences  with  the  flight  inspection  system  DMS  88  of 
the  German  Aviation  Authority  indicate  that  the  glidepath 
computation  based  on  baroinertial  measurements  is  cri¬ 
tical  (Chapter  2)  Barometric  bias  trends  during  the 
approach  phase  are  hardly  modeilable 

For  short  periods  of  time  the  purely  mertially  der  ved 
altitude  seems  to  be  more  appropriate,  but  it  is  difficutt  to 
get  access  to  corresponding  accurate  measurements  m 
a  conventional  iNS  Two  different  methods  and  their 
laboratory  test  results  are  outlined  m  Chapter  3 

Chapter  4  deals  with  DLRs  concept  of  image-derived 
navigation  and  Chapter  5  with  the  achievable  accuracies 
position  of  measurements  based  on  runway  patterns  of 
known  size  Not  only  position  updates  are  possible  but 
also  altitude  ana  heading  updates  using  pnotogramme- 
tric  relations 

Based  on  simulated  image-derived  position  updates  and 
true  inertial  measurements  the  accuracy  of  the  flight  path 
computation  -  primarily  the  glidepath  computation  is 
analyzed  m  Chapter  6  The  data  handling  is  similar  to 
the  one  m  DMS  88  during  the  approach  and  runway 
overflight,  all  data  integrated  in  a  forward  Kalman  filter 
are  stored  and  evaluated  in  a  backward  filter  after 
passing  the  runway  end 

For  known  size  and  relative  positions  of  both  runway 
patterns  it  should  be  possible  to  reconstruct  the  flight 
path  with  0  01  deg  lo-accuracy  A  camera  focal  length 
of  f  =  100  mm  is  preferable  The  results  indicate  also  the 
importance  of  a  fairly  stable  baroinertial  altitude  meas¬ 
urement  as  initial  condition  of  the  medial  glidepath 
measurement  Stable  means  that  the  barometer  bias 
of  unknown  magnitude  at  t^e  outer  marker  should  not 
change  more  than  5  m  with  respect  to  the  runway  over¬ 
flight  When  the  runway  is  overflown  twice  m  time  after 
the  test  aircraft  has  flown  a  traffic  pattern  the  glidepath 
accuracy  for  the  second  approach  doer  not  depend  on 
barometic  altitude  accuracy  any  longe 

The  repeated  runway  overflight  opens  the  possibility  of 
an  accurate  runway-referenced  flight  path  computation 
without  the  relative  position  of  both  patterns  and  only 
their  size  as  a  prion  knowledge  Stereo-optic  measure 
ments  on-board  the  aiicrafi  allow  to  compute  the  run 


(6  5)  o(5si 
r(5s) 


way-referenced  flight  path  without 
ledge 


ahy  a  prion  know- 


The  first  ruhway  pattern  overflown  twice  serves  to  cali¬ 
brate  the  along  track  and  the  altitude,  and  the  second 
pattern,  the  runway  centerline  or  the  runway  edges 
serve  to  calibrate  the  runway-refeienced  direction  For 
glidepath  and  flighttrack  computations  a  to-accuracy  of 
0  01  deg  should  be  achievable 

Flight  tests  with  a  gyro-stabiiized.  coarse  resolution  IR 
camera  mounted  in  the  nose  of  the  DLR  test  aircraft 
DO  228  are  evaluated  at  present  (s  Fig  1  1)  Further 
flight-tests  will  be  based  on  the  KODAK-MEGAPLUS 
Camera  .mentioned  in  Section  5 
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Fig  1.1  Elements  of  the  DLR  Avionics  Flight  Evaluation  System  (AFES) 
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Fig  2  1  Flight  Inspection  Procedure  with  the  "Oigitales  MeRsystem  88  (DMS88) ' 
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Fig  3  1  Baroinertiat  Altitude  Computation  m  an  INS 
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Fig  3  2  Barometric  Altitude  and  Altitude  Error  o1  the 
Twin  Engine  Aircraft  DO  228  During 
Several  Runway  Approaches 


Fig.  3  3  The  Litton  LTN-90  INS  on  a  Rocking  Table 
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Inertial  Altitude  Tlesid  jea  Obtained  from  h. 
Feedback  (a)  and  from  the  Inverse  Filtoroo 
Acceleration  (b)  with  Respect  to  a  2nd 
Order  Polynomial 


Fig  3  5  Inertial  Altitude  Residues  Obtained  from  h. 
Feedback  (a)  and  from  the  Inverse  Filtered 
Accelaration  (b)  with  Respect  to  a  2nd 
Order  Polynomial 
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Fig,  3.6  Inertial  Altitude  Residues  Obtained  from  the 
Inverse  Filtered  Acceleration  with  Respect 
to  a  3rd  Order  Polynomial 
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Fig  3  8  Inertial  Horizontal  Position  Residues  from 
Integrating  Velocities  with  Respect  to  a  3rd 
Order  Polynomial 


'inr - 


cueff  of  poiymr 
•2  SZ«ZD>«B 
•S  37^0*« 

•S  nKD-«1 

S  TZKO-m 


4  0R 


'Win?  DAT.  ni<}  rZ*  '  frd  order  ?n)-»no«»t#i 


Fig.  3  7  Real  and  Simulated  Inertial  Altitude 
Residues  with  Respect  to  a  3rd  Order  Poly¬ 
nomial 
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Fig  4.1  B(cx:k  DIagramm  for  the  Scence  Correlation  Navigation 


Tab.  5.1  Position  Errors  for  Different  Distances  from 
the  Baseline  of  the  Runway  under  the 
Assumption  that  the  INS  Angles  are  Maa¬ 
s'  'red  with  an  Accuracy  of  0  1  Degree 


Fig  5  1  Scatter  Diagram  for  the  Camera-Derived 
Position  from  1000  Samples  at  a  Distance 
of  50  m  from  the  Baseline  of  the  Runway 


Tab.  5.2  Position  Errors  for  Different  Distances  from 
the  Baseline  of  the  Runway  under  the 
Assumption  that  the  Aspect  Angies  are 
Estimated  from  the  Image  Data 


Fig  5  2  a)  Image  of  the  Runway,  b)  Used  Image  Data  for  Estimating 
the  Position  only,  c)  Used  Image  Data  for  Estimating  the 
Aspect  Angles  and  the  Position 
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Fig  6.2  Runway-Referenced  Flight  Path  Computation 
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Fig.  6.7  Altitude  Estimation  Residues  Without 
Knowledge  of  RWY  Pattern  Position 
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1.  SUMMARY 

A  Dual  Inertial  Integrated  Navigation  System  (DUNS) 
is  being  developed  for  the  Canadian  Navy  to  improve 
the  navigational  accuracy  and  reliability  on  ships  which 
have  two  inertial  navigators  plus  other  aiding 
navigation  systems  and  sensors  such  as  OPS.  Loran-C, 
Omega,  Doppler  Speed  Log(s)  and  so  on.  The  sensor 
integration  architecture  being  proposed  to  optimally 
combine  all  navigation  sensors  on  such  a  vessel  is  an 
"hierarchic  alliance"  of  Kalman  fdters,  which  is 
designed  to  allow  sensitive  erroi  compensation  as  >»cll 
as  complete  fault  detection  isolation  and 
reconfiguration  (FDIR).  This  architecture  is  ideally 
suited  to  central  processing,  can  take  advantage  of 
parallel  processing,  and  provides  significant  advantages 
over  both  the  conventional  unifilter  approach  and  the 
"federated”  (or  cascaded)  filter  approach. 

This  hierarchic  alliance  consists  of  a  specific  set  of 
optimal  filters  running  in  parallel,  with  each  filter 
processing  measurements  from  a  different  subset  of 
the  navigation  sensors.  These  filters  can  be  partially 
ordered  so  that  primary  and  secondary  filters  can  be 
defined.  The  primary  filter(s)  provide  the  optimal 
navigation  solution,  while  the  secondary  filters  provide 
uncorrupted  backup  in  the  event  of  a  sensor  fault. 

The  primary  motivating  factor  for  this  architecture  is 
to  provide  optimal  integration  under  all  conditioas, 
and  in  particular  after  the  occurrence  of  subtle  scn.sor 
faults  which  could  not  be  immediately  detected  and 
which  could  therefore  corrupt  the  primary  rilter(s). 
This  alliance  of  filters  can  provide  an  uncorrupted 
optimal  solution,  since  it  can  be  configured  'o  that 
there  will  always  be  a  secondary  filter  which,  at  the 


time  of  failure,  was  running  independently  of  the  faulty 
.sensor.  This  removes  the  usual  need  to  "back  out"  of  a 
failure  which  was  not  immediately  detected  and  thus 
substantially  simplifies  reconfiguration  in  respimse  to 
such  a  failure. 

Another  motivating  factor  for  this  architecture  is  that 
the  partial  independence  of  the  parallel  filters  also 
facilitates  the  detection  and  isolation  of  sensor  faults. 
This  can  be  accomplished  by  multiple  levels  of 
statistical  hypothesis  testing  on  a  set  of  parallel 
Kalman  filters.  Fault  detection  techniques  used 
include  the  usual  sen.sor  data  reasonableness  and  filter 
residual  tests  as  well  as  a  chi-square  hypothesis  testing 
technique  applied  to  the  state  vectors,  and  inter-filter 
voting  applied  to  the  residuals  test  results. 

While  this  approach  is  computationally  intensive, 
modern  software  techniques,  and  swin  to  be  liable 
prtKessing  power,  are  expected  to  make  the  real  time 
implementation  of  this  hierarchic  alliance  of  filters 
quite  practical.  The  system  envisioned  in  this  paper  is 
being  designed  and  built  at  the  Defence  Research 
Establishment  Ottawa  for  the  Canadian  Navy  and  is 
expected  to  .see  initial  real-time  sea  trials  in  1W3. 

2.  INTRODUCTION 

During  the  IhSO’s  the  Defence  Research  Establish¬ 
ment  Ottawa  (DREO)  developed  a  Kalman  filter 
based  Marine  Integrated  Navigation  System  (MINS), 
as  described  in  McMillan  (I'J'JO),  that  optimally 
integrated  the  navigation  sensors  found  aboaru 
Canadian  naval  vessels  at  the  time.  These  included 
fiPS,  Transit,  Loran-C,  Omega,  speed  log, 
gyrocompass,  and  operator  entered  sextant 
measurements  and  position  fixes.  MINS  employs  a 


r 
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single  l7-state,  dynamically  re  configurable,  comple¬ 
mentary  Kalman  filler  (UD  formulation)  with  the 
"system”  states  representing  the  dead  reckoning  errors. 
MINS  units  are  being  installed  on  all  major  Canadian 
naval  vessels  with  the  exception  of  the  new  patrol 
frigates  which  are  still  under  construction.  Unlike 
existing  ships,  these  new  frigates  do  not  have  dead 
reckoning  systems,  but  arc  being  equipped  with  twin 
inertial  navigation  systems  (installed  fore  and  aft) 
rather  than  a  gyrocompass.  Future  submarines  are 
expected  to  be  similarly  equipped,  and  present  the 
added  problem  of  submerged  navigation,  which  is 
largely  unaided.  Con.sequently,  a  next  generation  of 
the  MINS  system  will  be  required  to  take  full 
advantage  of  the  redundancy  available  from  the  INS’s 
on  the  new  vessels. 

The  new  integrated  system  currently  being  designed 
and  simulated  at  DREG  is  called  DUNS  (Dual  Inertial 
Integrated  Navigation  System)  and  is  a  substantial 
revision  of  MINS.  It  will  optimally  integrate  at  least 
the  following  sensors: 

•  INS  I, 

•  INS2, 

•  C'lPS, 

•  Loran-C, 

•  Omega, 

•  speed  log, 

•  Hyperfix, 

•  operator  entered  sextant  fi-xes. 

The  presence  of  two  inertial  .systems  has  required  a 
completely  new  set  of  error  models  in  the  Kalman 
filters  and  their  redundancy  allows  a  much  higher 
degree  of  fault  tolerance  to  be  built  into  the  system. 
The  primary  objective  of  DUNS  is  to  enhance  the 
accuracy  and  reliability  of  the  navigation  system,  and 
the  FDIR  architecture  and  algorithms  arc  the  key  to 
accomplishing  this.  The  algorithms  are  designed  to 
detect  and  isolate  (identify)  sensor  failures  promptly 
and  to  automatically  remove  the  failed  sensor  from  the 
navigation  solution  without  introducing  a  significant 
discontinuity  in  the  output.  Since  full  failure  mode 
operation  requires  that  DIINS  be  designed  to  integrate 
any  viable  subset  of  the  marine  sensors  mentioned 
above,  this  flexibility  provides  the  added  benefit  that 
DUNS  could  be  used  on  virtually  any  marine  platform. 

The  primary  rea.son  for  having  two  relatively  expen.sive 
INS’s  on  each  ship  is  to  provide  reliability  in  the  event 
of  a  failure.  Much  effort  has  therefore  been  directed 
towards  the  prompt  detection  and  i.solation  of  subtle 
faults  in  an  INS,  such  as  an  accelerometer  bias  shift 
(perhaps  due  to  temperature  control  failure)  or  an  out 
of  spec,  gyro  bias  shift.  It  will  be  shown  that  this  can 
be  accomplished,  even  in  the  submarine  scenario 
where  the  only  aiding  sensor  is  the  speca  log. 


Without  the  sen.sor  integration  provided  by  DIINS,  a 
slow  failure  of  an  INS  could  not  be  quickly  detected. 
It  would  not  be  clear  that  an  INS  has  failed  until  the 
discrepancy  becomes  quite  large.  Early  failure 
isolation  (determining  which  INS  has  failed),  would  be 
even  more  difficult,  especially  in  the  case  of  a 
submerged  submarine,  where  accurate  aiding  .sen.sor 
position  measurements  are  not  available. 


This  paper  outlines  an  optimal  filtering  architectural 
concept,  and  how  it  can  be  applied  to  this  particular 
set  of  sensors.  It  also  briefly  describes  the  basic 
Kalman  filter  design,  and  various  techniques  currently 
being  considered  and  implemented  for  fault  detection, 
isolation  and  reconfiguration  (FDIR)  in  this  context. 
These  include: 

•  measurement  reasonableness  tests. 

•  Kalman  filter  residual  te.sts, 

•  multiple  filter  residual  te.st  voting,  and 

•  ax’  (chi-square)  filter  self  test  technique  that  is 
applied  to  the  state  estimate  and  involves 
propagating  a  "shadow"  filter  (with  no 
measurements)  for  each  regular  Kalman  filter. 

Some  simulation  results  are  also  presented  to  illu.strate 
the  power  of  the  FDIR  techniques  to  detect  and 
isolate  subtle  inertial  .sen.sor  fauli.s.  even  in  the 
submarine  case  where  only  speed  log  aiding  is 
available. 

Since  DIINS  is  still  at  an  early  stage  of  development, 
the  designs  outlined  in  this  paper  are  only  preliminary. 
Full  simulations  have  yet  to  be  completed  to  verify  the 
performance  of  the  fault  detection,  i.solation  and 
reconfiguration  algorithms  under  a  full  set  of  expected 
failure  conditions. 

3.  HIERARCHIC  ALLIANCE  OF  FILTERS 
3.1.  (General  Concepts 

To  di.scuss  the  proposed  architectural  concept,  some 
notation  will  be  helpful.  Consider  the  usual  case 
where  one  continuous  system  (inertial  or  dead 
reckoning)  is  to  be  integrated  with  n  aiding  sensors 
((iPS.  Loran-C  etc.).  The  usual  unifillcr  shall  be 
referred  to  as  F".  This  is  envisioned  as  a 
complementary  or  error  state  filter,  with  a  state  vector 
partitioned  as  follows: 
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inertial  system  /  sensor  error  states  ' 
first  aiding  sen.sor  error  states  ' 
second  aiding  sensor  error  stales  !  ^ 

n  aiding  sensor  error  stales  I 


The  measurement  vector  can  also  be  decomposed: 


U- 1 


I  Zj  I  I  first  aiding  sensor  measurement  I 

j  Z2  j  j  second  aiding  sensor  measurement  I  ^2) 

I  I  I  jh  .  .  ' 

I  Z,i|  I  n  aiding  sensor  measurement  | 

Let  P  (for  I  -  l,2,..yi)  refer  to  the  filter  in  which  the 
aiding  sensor  states  and  measurements  have  been 
removed.  Let  P>  refer  to  the  filter  in  which  the  i*** 
and  aiding  sensor  states  and  measurements  have 
been  removed.  Similarly  define  Pi'‘  and  so  on. 

The  P  can  be  considered  the  first  generation  fillers, 
the  P>  second  generation,  and  so  on.  The  set  of  all 
such  filters  form  a  tree,  as  shown  in  Figure  1.  Each 
filter  in  this  tree  can  easily  be  spawned  from  the  filter 
immediately  above  it  (its  parent  filter),  by  simply 
eliminating  the  appropriate  states  and  measurements. 
This  reconfiguration  can  quite  easily  be  done 
dynamically  (in  real  time)  without  introducing  any 
discontinuity,  since  the  remaining  states  will  be 
unchanged,  as  will  their  covariance  matrix. 


Figure  1 .  Hierarchic  Alliance  Structure 

Any  set  of  filters  sharing  a  common  parent  filter, 
together  with  that  parent  shall  be  referred  to  as  a 
family  of  filters.  In  the  proposed  approach,  only  one 
such  family  of  filters  is  required  at  any  given  time. 
This  provides  the  optimal  filter  (the  parent)  and  a  set 
of  backup  filters.  The  fact  that  each  backup  filter  is 
independent  of  one  of  the  sensors  a.ssists  in  all  three 
aspects  of  fault  detection,  isolation  and 
reconfiguration. 

This  architecture  provides  many  advantages  over  both 
the  conventional  unifilter  approach  and  the  "federated" 
(or  cascaded)  filter  approach.  The  different  filters 
share  sensor  measurements  only,  rather  than  state 
vector  information  and  therefore  can  be  designed  and 


run  completely  independently.  They  are  therefore  not 
subject  to  the  filter  design  constraints  which  lead  to 
sub  optimality  of  the  federated  filters. 

As  discussed  below,  the  partial  independence  of  the 
parallel  filters  substantially  improves  FDIR,  with 
failure  detection  being  more  sensitive,  isolation  more 
decisive,  and  reconfiguration  r  uch  simpler. 

With  one  INS  and  n  aiding  sensors  it  would  be 
necessary  to  run  at  most  n  +  I  filters  at  a  time.  With 
practical  considerations,  this  number  may  be  reduced. 
Although  this  may  be  considered  burden.some,  with 
modern  software  techniques  and  recently  available 
prcKes.sing  power,  the  practical  implementation  of  this 
hierarchic  alliance  of  filters  is  now  possible. 

3,2.  Reconfiguration 

This  architecture  provides  substantial  capability  for 
reconfiguration  in  the  event  of  sen.sor  failure,  which  is 
not  availaf'  to  a  unifilter  or  to  federated  filters.  The 
greatest  difficulty  with  reconfiguration  under  both  the 
unifilter  and  the  federated  filter  schemes,  is  that  the 
primary  filter  may  have  been  corrupted  by  the  sensor 
failure.  This  requires  either  a  complete  filter  re 
initialization,  with  the  resulting  total  loss  of  state 
e.stimalc  information,  or  some  complex  "backing  out" 
scheme  which  attempt'  to  use  the  state  estimate  from 
some  pre-selected  point  in  the  past,  hopefully  before 
the  failure  occurred.  The  hierarchic  alliance  approach 
resolves  this  problem  by  simply  having  hot'  backup 
filters  running  at  all  times. 

For  any  given  .set  of  aiding  sensors,  there  will  be  a 
maximal  filter  in  the  complete  tree  (see  Figure  1) 
which  integrates  all  available  (not  failed)  sensors.  To 
provide  an  uncorrupted  filter  for  single  failures,  it  is 
only  necessary  to  run  the  family  containing  the 
maximal  filter  as  parent.  For  example  if  P  is  the 
maximal  filter,  and  a  soft  failure  (one  who’s  detection 
is  delayed)  occurs  in  sensor  ;,  then  P  will  have  been 
corrupted,  but  P>  will  not  have  been.  Therefore  P> 
can  be  u.sed  as  the  new  maximal  filter,  with  new 
subfilters  Pi^  being  spawned  from  P>.  This  is  the  basic 
hierarchic  alliance  reconfiguration  concept. 

It  should  be  mentioned  that  if  the  above  failure  in 
sensor  j  was  a  hard  failure,  then  P  will  not  have  been 

corrupted,  in  which  case  P  would  be  used  to  spawn 
ft*'  directly,  since  P  should  have  better  state  estimates 
than  P>.  Therefore  if  sen.sor  j  is  not  expected  to  ever 
have  soft  failures  then  the  corresponding  filter  P>  is 
not  necessary  for  reconfiguration  purpsvscs.  However, 
these  secondary  filters  have  an  equally  important  role 
in  fault  isolation,  as  described  below. 

It  should  also  be  mentioned  that  inherent  in  this 
approach  is  the  assumption  that  a  second  soft  failure 
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will  not  occur  in  the  time  interval  between  the 
occurrence  and  detection  of  the  first.  It  is  therefore 
important  to  be  able  to  detect  these  soft  failures  as 
quickly  as  possible  in  order  to  minimize  this  possibility. 

Extending  this  technique  to  handle  multiple 
simultaneous  failures  is  possible  and  in  fact  is 
conceptually  quite  simple.  To  handle  nt  simultaneous 
failures,  it  would  be  necessary  to  include  all  different 
filters  for  m  generations  below  the  maximal  filter  in 
the  tree  of  Figure  1.  For  reasons  of  practicality 
however  this  has  not  been  pursued  further. 

33.  Failure  Isolation 

This  architecture  provides  significant  fault  isolation 
capability  which  is  not  available  to  a  anifilier  or  to 
cascaded  filters. 

When  a  sensor  failure  occurs,  one  consequence  is  that 
the  error  model  assumptions  underlying  the  Kalman 
filter  are  no  longer  valid.  This  can  lead  to 
unanticipated  effects.  Therefore  some  of  the  most 
sensitive  fault  detection  schemes  indicate  only  that 
there  is  a  statistically  significant  problem  within  a 
Kalman  filter  but  give  no  indication  of  where  the  fault 
lies. 

For  example  the  chi-square  test  indicates  only  that 
there  is  a  statistically  significant  discrepancy  between  a 
Kalman  filter’s  design  model  (represented  by 
covariance  information)  and  the  measurements  being 
procc.s.sed  by  that  filter  (represented  by  state  estimate 
information).  Assuming  that  the  fault  is  not  with  the 
filter  design,  it  can  then  only  be  deduced  that  the 
sensor  data  is  behaving  in  unexpected  way,  most  likely 
due  to  a  sensor  failure.  Some  other  means  must  then 
be  u.sed  to  determine  which  .sensor  is  at  fault.  In  an 
hierarchic  alliance  family  of  filters  however,  one  and 
only  one  of  the  filters  should  be  unaffected  by  the 
failure  of  a  single  sen.sor,  namely  the  filler  not  using 
the  failed  sensor.  It  should  therefore  be  possible  to 
apply  simple  deductive  logic  to  i.solate  the  failed 
sensor.  This  is  described  in  more  detail  in  section  5.3 
below,  in  the  context  of  DIINS. 

Furthermore,  some  standard  FDI  techniques,  such  as 
residual  testing,  are  often  used  to  i.solate  failures 
within  a  single  filter  even  though  they  are  actually 
ambiguous  in  this  context.  As  will  be  explained  in 
section  5.2  below,  this  ambiguity  can  be  resolved  by 
using  residual  test  results  from  the  multiple  filters 
proposed. 

3.4.  Failure  Detection 

Failure  detection  and  isolation  are  not  entirely 
separable,  since  techniques  which  can  detect  but  not 
isolate  a  failure  are  of  limited  u.se.  The  enhanced  fault 


isolation  capability  of  this  architecture,  as  descrilied 
above,  therefore  improves  fault  detection.  It  dcKS  this 
by  allowing  the  use  of  more  sensitive  detection 
schemes  such  as  the  chi-square  test,  which  would  not 
otherwise  allow  isolation. 

Ultimately  sensor  failures  are  detected  by  comparisons 
made  between  different  sensor  measurements  (using  a 
priori  information  regarding  their  different  error 
behaviours  and  perhaps  also  regarding  absolute 
physical  limits  on  platform  dynamics).  A  full  family  of 
filter  ,  as  described  above,  provides  a  richer  set  of 
sensor  comparisons  than  is  available  to  a  unifilter  or  to 
a  federation  of  filters.  This  should  also  improve  the 
likelihrxKi  of  failure  detection. 

With  several  different  filters  providing  somewhat 
independent  test  results,  voting  can  be  used.  This 
provides  a  level  of  verification  not  available  to  a 
unifilter,  or  even  to  a  federation  of  filters.  This  can  be 
used  in  two  ways,  or  some  combination  of  both: 

•  individual  failure  detection  trip  levels  can  be  made 
lower  (more  sensitive)  while  maintaining  the  same 
level  of  confidence,  or 

•  trip  levels  can  be  left  the  same,  so  that  detection 
confidence  would  increase  (false  alarms  reduced). 

4.  DIINS  FILTERS 

The  presence  of  the  second  INS  in  DIINS  slightly 
complicates  this  picture,  since  there  will  initially  be 
two  trees  such  as  shown  in  Figure  1.  plus  a  special 
purpose  INS1/INS2  filter.  Since  both  trees  arc 
equivalent,  and  are  derived  from  the  same  unifilter,  a 
brief  description  of  this  unifilter  will  be  given. 

4.1.  The  DIINS  Unifilter 

The  usual  multi.scn.sor  filtering  approach  is  taken.  For 
navigation  purposes  this  is  normally  a  complementary, 
or  error  state,  filter.  This  type  of  filter  primarily 
estimates  the  errors  of  a  continuous  system  such  as  an 
inertial  (or  dead  reckoning)  system,  and  coincidenially 
estimates  the  aiding  sensor  errors  that  are  observable. 
The  navigation  output  then  comes  from  the  primary 
sensor,  corrected  by  the  appropriate  .stale  estimates. 

To  minimize  the  effect  of  non  linearity  in  the 
measurement  equation,  an  extended  filter  formulation 
is  u.sed,  whereby  the  filter  measurements  are  formed 
by  taking  the  difference  between  aiding  mcasuremepts 
(such  as  fiPS  p.seudo  ranges  etc.)  and  a  prediction  of 
what  the  aiding  measurement  should  be  at  the  filter’s 
estimated  position  (or  velocity  etc.) 

As  long  as  an  INS  is  functional,  it  is  considered  the 
primary  sen.sor  for  position,  velocity  and  attitude  for 
navigation  and  related  command  and  control 
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frjnctions.  In  this  case  the  INS  error  eslimales  are 
used  to  correct  the  output  of  the  INS  for  these 
purposes. 

The  details  of  the  error  modeling  developed  for  the 
unifilter  are  well  beyond  the  .scope  of  this  paper, 
however  it  is  useful  to  display  the  state  vector  and 
measurement  vector.  The  unifilter  state  vector  for 
DUNS  is  .shown  in  Table  1. 

Table  1  DIINS  Unifilter  State  Vector 


Slate 

Number 

Description 

1-2 

INS  horizontal  position  error 

.7-4 

INS  horizontal  velocity  error 

5-7 

INS  platform  mi.salignmeni 

8-*) 

horizontal  accelerometer  biases 

10-12 

gyro  biases 

13-18 

(iPS  P.seudo  range  errors 

10 

(iPS  clock  bias 

21) 

(IPS  clock  drift 

21-22 

Speed  Log  errors 

23-24 

Ocean  Current 

"253) 

Loran-C  hyperbolic  errors 

27-33 

Omega  phase  errors 

This  has  been  partitioned  into  the  inertial  system 
states  (‘I),  the  inertial  sensor  error  states  (6),  the  fiPS 
states  (S),  the  .Speed  Log  error  states  (4).  the  L<iran-C 
error  states  (2)  and  the  Omega  error  states  (7).  Of 
course  there  are  two  such  filters  corresponding  to  the 
two  inertial  systems. 

The  measurement  vector  can  be  similarly  partitioned, 
as  shown  in  Table  2.  It  is  expected  that  more  sensors 
may  be  added  to  this  list  as  development  priKceds. 

Table  2.  DIINS  Unifilter  Measurement  Vector 


Measurement 

Number 

Description 

1-2 

Speed  Log 

.3-8 

GPS  p.seudo  ranges 

<)-14 

fiPS  pseudo  range  rates 

1.5-16 

Loran  C  time  delays 

17-23 

Omega  phase  differences 

24-25 

position  fix 

42.  DIINS  Filter  Configuration 

.Since  the  two  INS's  proiide  more  than  one  primary 
seasor.  in  the  context  of  complementary  filtering,  it 
was  only  natural  to  consider  multiple  filters,  even 
though  it  is  .still  possible  to  construct  a  complementary 
unifilter.  Although  .such  a  unifilter  would  prosidc 
optimal  integration  under  normal  condilioas.  a  gradual 
sensor  failure  could  corrupt  the  entire  state  vector 
before  it  was  detected,  causing  serious  problems. 
Individual  filters  that  would  combine  one  INS  and  one 
additional  sensor,  such  as  the  federated  filler  of 
Carson  were  considered.  This  consists  of  a 

filler  for  each  INS  -  single  aiding  sensor  combination 
and  one  "federal"  filler  to  integrate  the  subfilters. 
However,  the  interdependency  and  sub  optimality  o( 
the  filters,  and  the  reliance  on  an  uncorrupted  federal 
filler  precludes  the  availability  of  an  optima!  tiackup 
filter,  and  thus  does  not  provide  completely  graceful 
degradation. 

It  was  therefore  decided  to  invesliga'e  an  architecture 
such  as  described  in  section  ^  above.  This  expands  on 
ideas  drawn  from  Widnall  ( l‘)87). 

Another  basic  characteristic  of  the  DUNS  system  is  a 
special  filler  called  the  INSMN.S2  filler  that  is  very 
useful  in  helping  to  detect  and  isolate  INS  failures. 
Since  this  filler  has  very  low  measurement  noise,  it  will 
be  very  sensitive  to  INS  failures.  However  it  is  not 
directly  used  in  the  navigation  solution  since  it 
e.stimates  onlv  the  relative  errors  between  the  two 
INS’s. 

If  the  aiding  scn.sors  are  referred  to  as  SI.  S2,  S.^  and 
S4  (representing  for  example  (iPS.  Loran-C.  Speed 
Log  and  Omega),  then  the  initial  set  of  fillers 
comprising  the  hierarchic  alliance  are  listed  in  Table  V 
with  the  alliance  structure  illustrated  in  Figure  2. 
After  reconfiguration  this  set  will  of  course  change, 
and  if  one  of  the  INS's  fails,  then  there  will  only  be  one 
tree.  If  both  INS's  fail,  then  a  non-complemenlary 
filler  would  be  required  to  integrate  the  remaining 
sensors.  This  level  of  reconfiguration  is  bey-'nd  the 
sctipe  of  this  papt  i. 
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Figure  2  DIINS  Initial  Set  of  Filters. 


Table  3.  Initial  Set  of  Filters  for  DIINS 


Filter 

SENSORS 

INSl,  INS2 

PO 

INSl,  S1,S2,  S3,  S4 

(INSl  unifilter) 

1NS2,  SI,  S2,  S3.  S4 

(1NS2  unifilter) 

INSl,  SI,  S2,  S3 

(i.e.  Fj®  w/o  S4) 

Fz* 

INS2,S1,S2,S3 

(i.e.  Fj®  w/o  S4) 

Fy^ 

INSl,  SI,  S2,  S4 

(i.e.F,0  w/o  S3) 

Fi^ 

INS2,  SI,  S2,  S4 

(i.e.  F,0  w/o  S3) 

Fi^ 

INSl,  SI,  S3,S4 

(i.e.F,0  w/oS2) 

Fz^ 

INS2,  SI,  S3,  S4 

(i.e..  FjO  w/o  S2) 

Fi^ 

INSl,  S2.  S3,  S4 

(i.e.  Fj°  w/o  SI) 

Fz' 

INS2,  S2,  S3,  S4 

(i.e.  F-^  w/o  SI) 

5.  DIINS  FAILURE  DETECTION 

Of  course,  sometimes  fault  detection  is  trivial  to  the 
navigation  officer  monitoring  the  sensors.  The  DUNS 
system  must  be  aware  of  such  obvious  faults  even 
while  it  is  monitoring  the  integration  filters  for  subtle 
faults  that  the  operator  has  yet  to  see.  This  suggests 
multiple  levels  of  fault  detection  to  be  built  into  the 
system  that  can  roughly  be  ordered  as  follows: 

1.  Operator  disable  -  Often  the  operator  knows 
that  a  sensor  is  faulty  and  should  not  be 
integrated. 

2.  Built-in-Test  -  The  sensors'  built-in-test 
indicators  are  used  at  a  very  high  level  to  isolate  a 
faulty  sensor. 

3.  Reasonable  Data  -  The  raw  sensor  data  is  sub¬ 
jected  to  upper  and  lower  bounds  to  ensure  that  it 
is  physically  realistic. 

4.  Consistent  Data  -  These  are  tests  on  the 
physical  reasonableness  of  the  change  in  sensor 
output  from  one  measurement  to  the  next. 

5.  Rea.sonable  States  -  The  state  estimates  are 
tested  against  physically  meaningful  upper  and 
lower  bounds. 

6.  Residual  Tests  -  The  integration  filter  compares 
the  magnitude  of  the  filter  residuals  as.sociatcd 
with  the  incoming  sensor  data  with  what  it  expects 
them  to  be  ba.scd  on  the  error  models  in  the 
filters. 

7.  Inter-Filter  Residual  Test  Voting  -  Simple 
deductive  reasoning  is  applied  to  the  results  of  the 


individual  filter  residual  tests  to  isolate  failed 
sensors. 

8.  Filter  Self  Test  -  Each  filter  can  test  its  own 
state  vector  against  the  state  vector  of  a  "shadow” 
filter  (an  identical  one  propagated  with  no  meas¬ 
urements). 

The  first  5  of  these  tests  provide  a  very  efficient  and 
easily  implemented  prescreening  of  sensor 
measurements,  before  the  more  sensitive  but  more 
complex  tests  are  performed.  These  simple  tests  are 
very  effective  in  protecting  filters  from  spurious 
measurements  and  rapid  sensor  failures. 

The  sixth  and  seventh  (residual  testing)  provide  a 
more  .sensitive,  statistically  ba.scd  test  which  is  effective 
in  detecting  and  isolating  discontinuity-typic  failures 
(hard  failures)  and  is  described  in  the  following 
section.  The  eighth  test  (chi-square)  is  another 
statistically  based  test,  which  is  most  sensitive  in 
detecting  and  isolating  slow  accumulative-type  failures 
(soft  failures).  This  is  also  described  in  more  detail 
below. 

5.1.  Residual  Te.sting 

Assuming  that  a  sensor  measurement  has  passed  the 
preliminary  FDl  tests  (the  first  5  te.sts  listed  above),  it 
must  still  pass  the  residual  test  before  being 
incorporated  into  the  filter.  A  brief  discussion  of  filter 
mechanization  is  needed  to  explain  this  test. 

The  filters  arc  mechanized  with  Bierman’s  i’DU^ 
form  with  scalar  measurement  updating  and 
diagonalized  noise  covariance  matrices.  If  z{k) 
denotes  the  measurement  vector  for  a  filter  at  time  k 
then: 

z(k)  Hx(k)-  w(k)  (.3) 

where  H,  x(k),  and  w(k\  are  the  corresponding 
mca.surcmcnt  geometry  matrix,  state  vector  and 
measurement  noise  vector,  respectively.  In  a 
complementary  error  state  filter,  such  as  used  in 
DUNS,  these  measurements  z  are  generally 
misclosures,  or  differences  between  .some  quantity 
>'meas  measured  by  an  aiding  sensor  and  a  prediction 
of  what  that  quantity  should  be,  ba.scd  on  the  position, 
velocity  etc.  of  the  primary  sensor  (the  INS)  yi\s. 

The  component  i  of  the  residual  vector  v,  is  then 
defined  as 
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v^{k).Zi(k)  Ei  z,- (  *  ;|x  f  A:(A:  /  >!  ^5) 


where  x(  k\k  I  }  is  the  estimate  of  the  state 
vector  of  the  filter  at  time  k  given  all  data  up  to  time  k- 

I.  If  the  covariances  of  the  state  vector  error  and  the 
measurement  noise  vector  are  denoted  by  P  and  R, 
respectively,  then  the  variance  of  the  residual  is 


^v(k)\>^{k)\  HP  (k\k  l)H^  R(k) 

(6) 

where  we  have  assumed  a  linear  measurement 
equation  (Eq.  3)  and  no  correlation  between  the  state 
vector  error  and  the  measurement  noise. 

If  neither  INS  has  failed,  the  DUNS  residual  testing 
algorithm  uses  and  the  most  accurate  pair  of  filters 
remaining  and  ca.se).  Note  that 

each  sensor  is  used  in  2  of  the  3  filters.  Sensor  failure 
detection  and  isolation  using  residual  testing  is  imple¬ 
mented  as  follows; 

1.  At  each  update  time,  form  the  residual  for 
each  measurement  in  each  filter,  Eq.  5. 

2.  Form  the  estimate  of  the  variance  of  each 
residual  from  the  W,  P,  and  R  matrices  from 
each  rdter  according  to  Eq.  6. 

3.  If  the  .square  of  the  residual  exceeds  .some 
preset  number,  /)“,  times  its  filter  computed 
expected  variance; 

»}(  k  }  >  A-\HP  I  k\k  1  )h'^  ■  R(  k  )]i,  (7) 

then  that  particular  measurement  is 
considered  bad  and  is  not  incorporated  in  the 
Kalman  filter  update  (typically  A  is  set  to  3  to 
provide  a  "3-sigma''  test). 

This  is  the  usual  application  of  residual  le.sting  within  a 
single  complementary  filter,  and  constitute  FDI  test 
level  6  of  the  previous  section.  Frs)m  Eq.  4  and  Eq.  5 
it  can  be  seen  that  two  assumptions  are  implicit  in  this 
method; 

A.  the  residual  f  in  Eq.  5  is  large  because  of  the 
misclosure  c  rather  than  the  state  estimate 
X  (  k\k  /  )  ,  and 

B.  the  misclosure  /  in  Eq.  4  is  large  becau.se  of  the 
aiding  sensor  measurement  ymcas  rather  than  the 
primary  sensor  prediction  yi\s. 


Within  a  single  complementary  filter  these  arc- 
reasonable  hypotheses  because  there  is  no  u.seful 
response  under  the  alternative  hypothesis  (a  filter 
failure  or  a  primary  sensor  failure).  With  the 
proposed  architecture  however,  there  is  both  the 
means  to  determine  where  the  fault  lies  and  the  means 
to  respond  appropriately  if  the  filter  or  the  primary 
sensor  (the  INS)  has  failed.  This  is  especially  true 
when  two  primary  sensors  (INS’s)  are  available,  as  is 
the  case  with  DIINS. 

SJ.  Inter-Filler  Residual  Test  Voting 

The  usual  residual  testing,  de.scribcd  by  the  three  steps 
above,  can  be  extended  as  follows,  to  properly  deal 
with  failure  of  the  primary  sensor; 

4.  If  a  filler  residual  fails  the  3-.sigma  lest  for  at 
least  Af  of  the  last  ,V  updates,  then  that 
residual  is  declared  "su.spect"  in  that  filter. 

5.  If  a  residual  is  declared  "su.spect",  then  both 
sensors  a.ssociated  with  that  residual  (the 
aiding  sen.sor  and  the  primary  sen.sor)  arc- 
declared  suspect. 

6.  If  a  sensor  1  (aiding  or  INS)  is  "suspect  "  in  all 
top  level  filters  which  u.se  it,  and  its  residual- 
a.s.sociatc-d  sensor  (INS  or  aiding)  is  not 
suspect  in  at  lea.st  one  top  level  filter  which 
uses  it,  then  the  sensor  i  is  declared  failed. 

Steps  5  and  6  above  describe  roughly  how  to  apply 
deductive  logic  to  these  re.sidual  test  results  in  order  to 
isolate  the  failed  sensor.  Step  6  eliminates  assumption 
B  above  by  ascribing  failure  to  the  appropriate  sensor. 
Assumption  A  is  arguably  Ic.ss  important,  however  it 
loo  can  be  somewhat  eliminated  by  adding  to  step  (>  a 
requirement  intended  to  verify  the  validity  of  the  state 
vector  estimate.  This  is  more  difficult  to  couch  in 
general  terms,  but  in  the  case  of  Dll  NS  it  can  be 
a.s.sume-d  that  if  the  residual  assiKiated  with  the  most 
accurate  aiding  sensor  (and  the  INS)  is  not  suspect, 
then  the  slate  estimate  is  not  suspect. 

In  the  DIINS  baseline  system  of  two  INS's  and  four 
secondary  sensors,  the  residual  tests  would  be 
conducted  in  all  11  fillers  and  measurements  would 
only  be  included  in  those  fillers  if  they  passed  the 
residual  t^-'i  ^.  The  lop  level  filters,  as  shown  in  Figure 
2  above,  are  the  two  unifillers,  Fj”  and  F,*'-  along  with 
the  INS1-INS2  filter,  F^'l  Only  these  would 
participate  in  the  sensor  fault  isolation  of  .Steps  5  and  6 
above.  Table  4  below  shows  the  logic  tablc 
implemenling  these  steps.  This  table  is  not  complete, 
however  it  does  includes  all  decisive  cases. 


TaWe  4.  Residual  Test  FDI  Voting 


Residuals 

(INS1/S1/S2/S3/S4) 

S4  S3  S2  St 

^0° 

INSl 

INS2 

^2*^  Residuals 
(INS2/S1/S2/S3/S4) 

St  S2  S3  St 

Failed 

Sensor 

- ^ ^  IT 

~ir 

0  .  . 

INSt 

0 

X 

X 

IN.S2 

0  X 

0 

X  0  , 

SI 

X  0 

0 

ox.. 

S2 

X  0 

0 

OX. 

.S3 

X  .  0 

0 

0.x 

0  -  Residual  is  not  suspect 

X  -  Residua)  ts  suspect:  M  out  of  N  residual  rejections 
-  ItTcicvani 


An  “X”  in  the  table  means  that  a  residual  associated 
with  that  aiding  sensor  has  failed  the  “3-sigma'  test  for 
M  out  of  the  last  Af  samples,  so  that  the  residual  is 
"suspect."  For  the  aiding  sensor  to  be  declared  failed, 
a  residual  formed  from  that  sensor  in  both  unifilters 
must  be  suspect  and  there  must  be  evidence  that 
neither  the  primary  sensor  (INS)  nor  the  state  vector 
estimate  arc  at  fault. 

Acceptable  residuals  in  Fg®  provide  evidence  that  the 
primary  sensor  (INS)  is  not  at  fault,  while  acceptable 
residuals  for  the  most  accurate  remaining  sensor  in  the 
unifilters  provide  evidence  that  the  unifillcr  state 
vectors  arc  not  at  fault. 


=  ^  --fe) 

=  ^e-^m 
=  & 

where  i  is  the  state  vector  estimated  using 
measurements  and  is  the  state  vector  estimated 
without  measurements  (thus  if  Xg  is  initially  zero  then 
it  will  always  remain  zero).  The  covariance  of  the 
difference  in  the  state  estimates  can  be  formed  from 
the  covariances  of  their  errors; 

=  E[xgXg  j  E\XgXfff]  E[Xfjfg  )•  E\Xf^fff\ 

^  ^em  ^me‘ 

(9) 

It  is  fairly  easy  to  show  that  under  conditions  of 

optimal  filter  gains,  identical  state  models  and 

identical  initial  conditions  for  both  solutions  that 

^em  ^me  (10) 

so  that 

Psx  (11) 


5  J.  Filter  Self  Test  -  The  Chi-Square  Test 

Not  all  failures  will  be  observable  through  filter 
residual  monitoring.  Any  slowly  accumulating  error, 
such  as  an  unmodcicd  INS  errofs,  for  example,  would 
lend  to  be  absorbed  in  the  .stale  estimates  of  other  INS 
errors  and  would  show  little  effect  in  the  residuals. 
Thu.s  a  test  on  the  state  vector  of  a  filter  as  a  whole,  as 
outlined  by  Brumback  and  Srinath  (1987)  and  based 
on  earlier  work  (sec  Kerr  (1987)),  is  being  investigated 
for  use  in  DUNS.  The  idea  is  to  have  two  solutions  of 
each  Kalman  filter  run  in  parallel,  one  with 
measurements  and  the  other  without.  (We  call  the  filler 
without  measurements  a  "shadow"  filter  and  look  for  a 
difference  between  a  filler  and  its  "shadow.")  This 
shadow  filter  provides  for  a  statistically  significant 
rca.sonableness  test  that  is  applied  to  each  filter’s  .state 
estimate. 


Since  fir  is  Gaussian  (it  being  the  difference  of  two 
Gau.ssian  vectors)  of  zero  mean  and  covariance  given 
by  Eq.  10,  its  distribution  is  completely  defined.  The 
test  for  a  failure  consists  of  computing  the  scalar  test 
statistic 


*6r 


(12) 


The  lest  stati.slic  has  a  chi-square  distribution  with  n 
degrees  of  freedom,  n  being  the  dimension  of  the  state 
vector  under  test.  A  failure  is  declared  with  a 
confidence  level  of  (l-o)  when  the  te.st  statistic  exceeds 
the  appropriate  threshold: 


k 


2 


.2 

X  npr 


(13) 


Consider  one  filter,  to  .simplify  the  explanation.  where  Xnp  « from  the  tables  of  the  chi- 

Dcfinc  fir  as  the  difference  in  the  two  state  vectors:  square  distribution.  Note  that  a  is  the  probability  of 

false  alarm;  declaring  a  failure  when  there  is  none. 


Note  that  this  test  can  be  just  as  easily  applied  to  any 
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subset  of  the  vector  &  ,  buy  simply  extracting  its 
covariance  matrix  from  .  The  dimension  n  of  the 
subvector  used  will  of  course  affect  the  failure 
threshold.  One  current  topic  of  investigation  is  to 
determine  the  most  effective  set  of  states  for  the 
purpose  of  detecting  gyro  and  accelerometer  failures. 

Failure  of  this  filter  self-test,  nominally  called  the  chi- 
square  test,  indicates  that  the  Kalman  filter  solution 
has  deviated  from  its  predetermined  model  (under  the 
assumption  that  the  filter  has  been  properly  modeled 
and  tuned).  The  alternative  solution  from  the  shadow 
filter  only  propagates  the  initial  conditions  using  the 
given  model  and  cannot  be  corrupted  by  bad  data. 
The  failure  of  the  test  is  attributed  to  measurement 
errors  which  in  turn  point  to  undetected  sensor 
failures.  There  is  not  enough  information  in  the  test  to 
conclude  which  .sensor  in  the  filter  is  not  performing 
correctly.  Sensor  failure  i.solation  requires  multiple 
filters  using  different  combinations  of  the  available 
sensors. 

Consider  the  full  set  of  11  filters  listed  in  Table  ^  and 
illustrated  in  Figure  2.  t*'  i  chi-square  test  is  dw  on 
each  one  of  these  filters  (again.st  their  respective 
shadow  filters)  individual  sen.sor  failure  i.solation  is 
possible.  In  Table  5  below,  an  "X"  under  a  filter 
indicates  that  the  filter  has  failed  the  test,  a  "(»" 
indicates  the  test  passed,  and  indicates  a  don’t  care. 
A  sensor  is  Isolated  only  in  the  scenarios  listed.  Other 
cases  are  ambiguous  and  no  action  is  taken. 


Tatsle  5:  Chi-Square  Failure  Isolation 


Results  of  chi-square  tests: 
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X 

X 

0 
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0 

0 
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0 

0 

0 

0 

0 

X 

X 

X 

X 

X 
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X 

X 

X 

X 

0 

X 

X 

X 

X 

0 

SI 

X 

0 

X 

X 

X 

0 

X 

X 

X 

0 

X 

S2 

X 

X 

0 

X 

X 

0 

X 

X 

0 

X 

X 

S.l 

X 

X 

X 

0 

X 

0 

X 

0 

X 

X 

X 

.S4 

_ 

0  '  Fitter  passes  chi-square  test 
X  -  Filter  faifs  chi-squarc  lest 
-  Irrelevant 


The  essence  of  Table  .I  is  that  a  sen.sor  failure  can  be 
isolated  by  the  chi-square  test  only  if  all  filters  that  use 
that  sensor  fail  and  all  filters  that  do  not  use  that 
sensor  pass.  The  only  exception  to  this  statement 
might  be  when  isolating  an  INS  failure  (the  first  two 
cases  in  Table  .5).  It  is  probably  better  not  to  wait  for 
filters  f|’  and  F2’  to  fail.  These  filters  are  deprived  of 


the  most  accurate  aiding  sensor,  SI,  and  so  they  may 
not  be  sufficiently  sensitive  to  promptly  detect  a  soft 
INS  failure. 

5.4.  False  Alarms 

Since  a  failure  detection  results  in  reconfiguration  and 
long  term  loss  of  a  sensor,  the  probability  of  false 
alarm  must  be  kept  very  low;  much  lower  than  would 
be  acceptable  in  a  one-time  measurement  rejection 
test.  Fortunately  the  voting  schemes  described  in  the 
previous  two  sections  makes  this  possible  without 
using  very  high  trip  levels  on  the  individual  tests.  For 
example  the  INS  failure  detection  by  the  chi-square 
te.st  as  shown  in  Table  5  requires  the  confirmation  of 
five  failed  chi-square  tests  and  five  passed.  If  these  ten 
individual  tests  were  all  independent,  with  individual 

false  alarm  probabilities  of  a.  then  the  combined 
probability  of  a  false  alarm  in  cither  one  of  the  INS's 
would  be; 

Pr(fa)  =  3a^(l-a)5  (14) 

Thus  a  95^  chi-square  threshold  [a  =  .{)5)  on  the 
individual  tests  would  yield  a  very  small  combined  fal.se 
alarm  probability  of  only  .“'xlO'^.  The  individual 
thresholds  could  be  increased  to  90'r  or  even  75'r  and 
still  have  a  combined  false  alarm  probability  of  .(XXKll 
or  .(XX)5  respectively. 

A  ca.se  of  special  intere.sl  is  the  submarine  scenario, 
where  only  one  aiding  sensor  (the  Speed  Log)  may  be 
available.  In  this  case  only  two  failed  and  one  passed 
chi-square  test  are  available  to  detect  an  INS  failure. 
Thus  individual  test  levels  of  95^r  and  90*^  yield 
combined  fal.se  alarm  probabilities  of  .(X)48  and  .018 
respectively. 

6.  SIMULATION  RESULTS;  CHI-SQUARE  FDI 

This  section  presents  some  early  simulation  results 
performed  to  investigate  the  effectiveness  of  these  chi- 
square  tests.  Different  levels  of  accelerometer  and 
gyro  failures  were  simulated  at  different  points  in  time, 
and  different  subsets  of  the  state  vector  were  used  in 
the  chi-square  te.st.  These  were  evidently  among  the 
factors  determining  cffeclivcne.s.s. 

As  would  be  expected,  the  detectability  of  a  failure 
depends  strongly  on  the  magnitude  of  the  failure 
simulated,  since  this  determines  the  si/c  of  and 
hence  of  &  and  k(via  Eqs.  8  and  12).  For  the  purpose 
of  this  report,  moderately  accurate  INS's  arc  simulated 
(1  nmi/hour)  and  the  inertial  sensor  failures  are  about 
eight  times  larger  than  specified  as  normal. 

The  temporal  sensitivity  arises  from  two  independent 
factors; 


•  the  presence  of  maneuvers,  and 

•  the  time  since  initialization  of  the  shadow  filter. 

The  first  factor  influences  the  observability  of  the 
inertial  sensor  errors,  and  hence  the  degree  to  which 
the  corresponding  states  grow.  The  second  factor  is 
probably  a  result  of  the  growth  in  the  covariance  of  the 
shadow  filter  state  estimates,  particularly  for  the 
position  stales. 

Two  different  subsets  of  the  state  vector  were  tested; 
one  with  seven  elements  and  one  with  five.  As  will  be 
shown  below,  the  difference  in  effectiveness  was  not 
very  significant. 

Figures  3  to  8  illustrate  these  effects  by  showing  six 
different  cases.  The  same  5.5  hour  trajectory  was  used 
in  each  case.  Each  figure  shows  the  test  statistic  k- 
(from  Eq.  12)  for  the  two  top  level  navigation  filters, 
each  of  which  is  using  the  same  aiding  sensors  but  a 
different  INS.  For  each  figure  one  INS  has  a  sensor 
failure  (either  accelerometer  or  gyro)  while  the  other 
INS  has  no  failure.  In  all  cases  the  failure  was 
detected,  however  it  is  the  speed  and  decisiveness  of 
detection  that  is  of  interest. 

In  Figures  3  to  6  the  failed  sensor  was  the  x-axis 
accelerometer.  In  Figures  7  and  8  the  failed  sensor  is 
the  x-axis  gyro.  The  simulated  failures  were  of  the 
"ramp  to  constant"  type,  whereby  an  additional 
unmodcled  error  (accelerometer  bias  or  gyro  drift 
rate)  is  introduced  at  a  zero  level  at  the  "failure  time" 
and  increases  linearly  over  an  interval  (500  seconds)  to 
a  maximum  value,  thereafter  remaining  fixed.  The 
maximum  values  used  for  these  failures  were  1000 /ig 
for  the  accelerometer  and  0.1  deg/hr  for  the  gyro. 

Figures  3  and  4  can  be  considered  the  baseline  results. 
These  both  illustrate  the  prompt  detection  of  an 
accelerometer  failure  which  occurs  immediately  before 
a  ship  maneuver,  using  a  seven  degree  of  freedom 
(dof)  chi-square  test.  For  Figure  3  only  Speed  Log 
aiding  was  used,  while  for  Figure  4  both  GPS  and 
Speed  Log  aiding  was  used.  From  this  we  can  sec  that 
the  Speed  Log  alone  was  quite  adequate. 

Figure  5  illustrates  the  same  situation  as  in  Figure  3 
(accelerometer  failure  before  a  maneuver.  Speed  Log 
aiding)  except  that  a  five  dof  chi-square  test  was  used. 
This  seems  to  be  a  slightly  less  decisive  test  in  this 
case. 

Figure  6  is  also  the  same  situation  as  Figure  3 
(accelerometer  failure.  Speed  Log  aiding,  seven  doO 
except  that  the  failure  takes  place  50  minutes  before 
the  maneuver.  This  significantly  delays  the  failure 
detection. 

Figures  7  and  8  illustrate  gyro  failure  detection  using 


the  seven  dof  chi-square  test. 

In  all  of  these  figures,  3  to  8,  the  difference  between 
the  test  statistic  k-  from  the  failed  and  unfailed  filters 
is  quite  dramatic.  As  discu.ssed  in  5.4  lower  thresholds 
could  probably  be  iLsed  to  improve  response  time. 

7.  CONCLUSIONS 

The  techniques  outlined  in  this  pap*‘r  (multi-filter 
residual  testing  and  chi-square  testing)  show 
considerable  promise  in  being  capable  of  promptly 
and  reliably  detecting  subtle  inertial  sensor  faults,  even 
with  Speed  Log  aiding  only.  However  further 
investigation  is  required  to  determine  the  best  choice 
of  filters  and  the  most  effective  FDIR  techniques.  In 
particular,  the  choice  of  stale  vector  elements  for  use 
in  the  chi-square  testing,  the  choice  of  confidence 
levels  for  use  in  the  indisidual  tests,  the  choice  of 
individual  tests  to  combine  for  final  failure  detection, 
and  so  on.  Longer  simulations  are  also  needed  to 
determine  whether  or  not  the  method  continues  to 
loose  sensitivity  as  the  shadow  filter  covariance  grows. 
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Figure  3.  Accelerometer  Failure,  Speed  Log  Aiding, 
7  dot  Chi-Square  Test 


Figure  6.  Accelerometer  Failure,  Speed  Log  Aiding, 
7  dot  Chi-Square  Test,  Delayed  Maneuver 


Figure  4.  Acceleromter  Failure,  GPS  &  Log  Aiding,  Figure  7.  Gyro  Failure,  Speed  Log  Aiding,  7  dot  Chi- 
7  dot  Chi-Square  Test  Square  Test 


Figure  5.  Accelerometer  Failure,  Speed  Log  Aiding,  Figure  8.  Gyro  Failure,  GPS  &  Log  Aiding,  7  dot 
5  dot  Chi-Square  Test  Chi-Square  Test 
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SUMMARY 

Tliis  paper  briefly  reviews  tentative  requirements  for  global, 
earth-referenced  sole  means  of  navigation  systems  with 
emphasis  on  integrity  and  availability.  These  requirements 
can  be  allocated  to  integrated  navigation  system 
architectures  based  on  for  instance  GPS,  GLONASS, 
VOR,T)ME,  TACAN,  Omega,  Chayka,  and  Ljoran-C. 
Fault  detection  and  isolation  techniques  (EDI)  for 
integrated  radionavigation  systems  are  presented.  The  EDI 
algorithm  provides  a  protection  radius  with  a  specified 
confidence  level  as  a  Unction  of  measurement  geometry 
and  algorithm  requirements.  This  is  followed  by  a  case 
study  of  integrated  GPS/Loran-C. 

LIST  OF  SYMBOLS  AND  ACRONYMS 


b 

1) 

b, 

c 

c:ov 

DME 

DOF 

c 

£, 

erfc 

E{} 

FANS 

FDl 

GNSS 

GLONASS 

GPS 

II 

MDOP 

I 

ICAO 

lairan 

Pi 

Mm 


m 

nii 

n 


E 


a 


Baseline  between  two  stations 
Measurement  bias  vector 
Minimum  detectable  bias  in 
measurement  space 
Speed  of  light 
Covariance 

Distance  Measuring  Equipment 
Dilution  of  Precision 
Measurement  noise  vector 
Least  squares  residual  vector 
Complementary  error  function 
ELxpected  value  operator 
Future  Air  Navigation  Systems 
Fault  detection  and  isolation 
Global  Navigation  Satellite  System 
Global  Navigation  Satellite  System 
Global  Positioning  System 
Data  matrix 

Horizontal  Dilution  of  Precision 

Identity  matrix 

International  Civil  Aviation 

Organization 

Long  Range  Navigation 

Bias  in  parity  scalar  caused  by 

measurement  i 

Minimum  required  bias  in  parity  space 

for  detection 

Number  of  elements  in  x 

Vector  containing  the  ith  column  of 

Number  of  elements  in  y 

Parity  vector 

Probability  of  an  alarm 

Probability  of  detection 

Probability  of  a  missed  detection 

Transpose  of  the  first  row  of 


Q 

Op 

O. 

b 

R 

R. 

Rf 

RNP 


Si 

0 

To 

TD 

TACAN 

U 

VAR 

VOR 

W 

X 

Ax 

XDOP 

Y 

YDOP 


Orthonormal  matrix 

Matrix  which  columns  span  party  space 

Matrix  containing  the  first  m  rows  of 

Norm  of  the  projection  of  the  parity 

vector  on  the  ith  measurement  axis 

Upper  triangular  matrix 

Range  to  station  i 

Protection  Radius 

Required  Navigation  Performance 

Measurement  noise  standard  deviation 

Distance  between  the  parity  vector  and 

the  ith  measurement  axis 

Bearing 

Detection  threshold  in  parity  space 

Time  difference 

Tactical  Air  Navigation 

Matrix  containing  the  first  m  rows  of  R 

Variance 

Very-High  Frequency  Omnidircction.Tl 
Range 

Positive  definite  weighting  matrix 
User  state  vector 
Horizontal  position  error  vector 
X  direction  DOP 
Measurement  vector 
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I.  SOLE  MEANS  OF  NAVIGATION 
The  operational  definition  of  a  sole  means  air  navigation 
system  is  provided  by  the  1990  Federal  Radionavigation 
Plan  (Ref  1): 

’An  approved  navigation  system  that  can  be  used 
for  specific  phases  of  air  navigation  in  controlled 
airspace  without  the  need  for  any  other 
navigation  system." 

This  general  definition  can  be  translated  into  specific 
requirements  for  a  set  of  parameters,  which  includes  system 
accuracy,  reliability,  availability,  integrity,  coverage,  etc. 
Recently,  it  has  become  apparent  that  the  interpretation  of 
these  parameters  is  not  clear,  especially  if  these  parameters 
are  to  represent  a  global  sole  means  system.  For  example. 
GPS  coverage  is  a  function  of  both  location  and  time.  The 
impact  of  a  single-satellite  failure  cannot  be  readily 
compared  with  the  failure  of,  for  instance,  a  VOR  station. 
'Htis  matter  is  further  complicated  by  the  need  to  integrate 
different  navigation  systems  in  order  to  satisfy  candidate 
availability  and  continuity  of  service  requirements,  lliese 
requirements  are  not  anticipated  to  be  met  by  for  instance 
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a  single  sacellite  navigation  system.  To  acconinuxJale  the 
idea  ol  a  navigation  function  rather  than  emphasizing  a 
single  system,  ICAO  FANS'  GNSS  Sub-Group  recently 
defined  sole  means  as  follows  (Ref  2); 

"A  means  of  navigation  of  the  aircraft  where 
position  determination  is  provided  by  a  system 
which  satisfies  the  required  navigation 
performance  (RNP)  for  a  particular  phase  of 
tlight." 

Ihe  required  navigation  performance  in  this  definition  is 
given  by: 

"RNP  is  a  measure  of  the  navigation  system 
performance  within  a  defined  airspace  including 
the  operating  parameters  of  the  navigation 
systems  used  within  that  airspace." 

RNP  can  be  defined  using  four  main  parameters;  accuracy, 
availability,  integrity,  and  continuity  of  service.  At  this 
time,  only  tentative  values  are  available  for  each  of  these 
parameters.  For  example,  the  current  horizontal 
positioning  accuracy  requirements  for  the  nonprecision 
approach  is  on  the  order  of  556  meters  (95%),  while  the 
GNSS  Sub-Group  recently  proposed  150  meters  (Pef  2). 
For  the  purpose  of  this  paper,  it  is  only  necessary  to  have 
a  general  understanding  of  the  requirements.  The  design 
of  the  integrated  navigation  solution  is  such  that  the  actual 
requirement  is  an  input  to  the  solution  algorithm. 

Once  the  accuracy  requirement  is  satisfied,  two  risks  exist; 

1. )  Gontinuity  of  navigation  function  risk,  which  is 
directly  related  to  the  probability  of  an  outage; 

2. )  Navigation  integrity  risk,  which  results  from  an 
undetected  navigation  system  error. 

For  '1  gloh.ii  sole  means  navigation  system,  both  risks 
.should  lie  on  the  rde.  'f  a  small  multiple  of  10 ’per  flight 
hour,  lliis  results  in  an  unavailability  requirement  of  less 
than  one  minute  per  year,  and  a  probability  of  loss  of 
integrity  of  approximately  10’  per  flight  hour  in  the 
absence  of  radar  surveillance  (Refs.  2.  3).  The  probability 
of  loss  of  integrity  could  be  increased  if  radar  surveillance 
is  available.  It  is  important  to  realize  that  these  type  of 
requirements  must  be  satisfied  through  design  rather  than 
'hrough  simulation.  For  example,  if  one  simulation  would 
take  one  second,  then  it  would  require  more  than  3000 
years  of  computer  time  to  perform  10"  simulations  to 
verify  with  some  confidence  the  10  ’  probability. 

For  radionavigation  systems,  loss  of  integrity  occurs  when 
the  horizontal  radial  position  error  exceeds  a  specified 
alarm  threshold  for  the  phase  of  flight  in  progress  without 
the  integrity  alarm  being  annunciated.  Two  loss  of  integrity 
scenarios  must  be  considered;  scenario  (1);  the  horizontal 
radial  position  error  is  exceeded,  but  no  signal  malfunction 
occurred  and  no  fault  was  detected;  and  scenario  (2);  the 
horizontal  radial  position  error  is  exceeded  because  of  a 
signal  malfunction,  but  no  fault  was  detected. 

Consider  scenario  (1),  since  no  signal  malfunction  is 


present,  the  detection  algorithm  cannot  distinguish  between 
"normal"  measurement  errors  and  measurement  errors  tha’ 
would  cause  the  horizontal  radial  position  enor  to  exceed 
the  alarm  threshold.  zMl  one  can  do  to  satisfy  the  intcgnty 
requirement  at  all  time  and  space  points  is  to  define  a 
protection  radius  such  that  statistically,  the  probability 
of  exceeding  R^  is  less  than  approximately  10  ’.  I'hus.  Rj, 
is  solely  a  function  of  the  position  fixing  statistics  of  the 
navigation  systems. 

Scenario  (2)  has  a  much  smaller  pnsbability  of  iKcurrence 
than  scenario  (1).  If  the  signal  malfunction  would  cause 
the  horizontal  position  error  to  exceed  the  alarm  threshold, 
then,  the  detection  algorithm  should  detect  this  malfunction 
with  a  detection  probability  of  Pq  =  1  -  (10’  /  P,).  where 
P,  is  the  probability  of  a  signal  malfunction  per  fliglit  hour. 
Equivalently,  the  probability  of  a  missed  detection.  P^j,. 
should  be  less  than  (1-Pd).  Typical  values  for  P„j,  lie  in 
the  range  of  10’  to  10’.  Note  that  the  detection 
probability  is  on  a  per  sample  basis,  where  each  sample 
consists  of  a  set  of  measurements  taken  at  a  specific  time. 

Currently,  integrity  for  a  global  sole  means  system  must  be 
accomplished  by  the  airborne  system,  with  little  help  from 
external  sources.  Therefore,  it  is  imperative  that  a 
complete  understanding  of  receiver  autonomous  integrity 
techniques  exists,  such  that  the  availability  and  continuity 
of  service  perlormancescan  be  evaluated.  The  next  section 
shows  that  measurements  from  d.lTerent  radionavigation 
systems  can  be  integrated  into  a  generic  navigation 
solution,  which  will  then  be  used  to  develop  the  FT)1 
algorithm. 

2.  INTEGRATED  NAVIGATION  SOLUTION 

Radionavigation  system  measurements  can  be  cxprcs.scd  in 
terras  of  range  and  bearing  observations; 

Range;  R,  =  ^(X -X,)' .(Y  -  Y,)' .(Z -Z,)" 

i(X-X,\  (1) 

Bearing;  0,  =  tan'' 

where  (X.Y.Z)  is  the  three-dimensional  user  position  and 
(Xi.Y|,Z,)  is  the  position  of  transmitting  station  i.  R,  is  the 
geometric  range  between  the  user  and  station  i.  and  the 
bearing  is  the  angle  between  the  user  and  station  i  with 
respect  to  North.  Using  the  basic  range  and  bearing 
observations,  measurements  from  other  navigation  systems 
can  be  expressed  as  well.  For  instance,  a  hyperbolic  line- 
of-position  is  obtained  by  measuring  the  time  difference 
(TD)  between  the  times  of  arrival  of  signals  from  two 
different  transmitting  stations 

b-R,*R. 

TD;  TD,,  =  - ! - f  (‘) 

"  c 

where  TD,,  is  the  time  dilTerence  observation  for  stations  i 
and);  b  is  the  geometric  distance  between  the  two  stations; 
c  is  the  speed  of  propagation  of  the  radiowaves;  and  R,  & 
R|  are  given  by  equation  (1).  Note  that  for  terrestrial 
systems  such  as  loran-C  and  Omega,  the  signals  travel 
great-circle  paths.  To  compensate  for  this,  the  tran.sniiltcr 
IcKalions  are  projected  onto  a  locally-levcl  plane  with 
respect  to  the  user  estimate  at  distances  equal  to  the  great- 


circle  distance  to  the  transmitters. 


Next,  the  measurement  equations  are  linearized  to  arrive 
at  a  generic  navigation  solution.  An  a  priori  estimate  of  the 
user  position  is  used  to  form  a  Taylor  scries  expansion,  of 
which  only  the  first  order  terms  are  kept. 


R.  -  ft.  * 

dR,  dR, 


Ihe  a  priori  position  estimate  is  used  to  calculate  the 
estimate  of  the  distance  to  the  station  (ft,).  Equation  (1) 
can  now  be  linearized  as  follows 


8R,  = 


fft-x. 


V  ft| 


ft. 


i-Z^ 

*  / 


ax 

4Y 

,8Z 


(4) 


If  an  unknown  clock  offset  exists  in  for  instance  the  range 
measurement,  then  another  state  is  included  in  x.  Ihe 
measurement  is  then  called  a  pseudorange: 

Wt,  =  R,  ♦  cB  (9) 

where  B  is  the  unknown  clock  offset,  and  c  is  the  speed  of 
propagation  of  the  signal.  Linearizing  equation  (9)  results 
in  a  slightly  different  measurement  equation: 


.X-X,  t-Y,  i-z, 

'ft.  ft.  ft. 


AX 

AY 

AZ 

(cab; 


(10) 


More  state  variables  can  be  added  as  necessary  to  solve  for 
other  unknowns,  such  as  velocity  or  acceleration.  Hybrid 
GPS/Loran-Cor  GPS/GLONASS.  for  instance,  require  that 
two  clock  offsets  be  solved  for.  Thus,  five  measureuents 
are  required  to  solve  for  the  user  position. 


A  similar  procedure  is  used  to  linearize  the  bearing  and 
luue  difference  equations; 
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3.  FAULT  DETECTION  AND  ISOLATION  (FDI) 

The  concept  of  FDI  is  identical  to  well-known  fault 
detection  and  isolation  techniques  for  redundant  inertial 
navigation  systems  and  multisensor  navigation  systems 
(Refs.  4-8).  Recently,  these  techniques  have  been  applied 
to  GPS  by  several  authors  (see  for  instance  Refs.  9,  10). 
For  sole  means  navigation,  two  estimators  should  be  used 
m  parallel  to  achieve  FDI: 

1.  A  recuisive  estimator,  typically  a  Kalman  filter, 
which  uses  the  history  of  the  measurement  data 
to  assess  the  reasonableness  of  new  measurement 
data.  This  estimator  does  not  require  redundant 
measurements. 

2.  A  least  sqL”>rBS  batch  estimator  which  does  not 
rely  on  the  measurement  history,  but  it  requires 
at  least  one  redundant  measurement. 


Equations  (4)  through  (6)  relate  a  change  in  the  user 
position  to  changes  in  range,  bearing,  or  time  difference 
measurements.  In  general,  equations  (4)  -  (6)  can  be 
written  as: 


Ay.  =  h, 


(AX' 

AY 

(Az; 


(7) 


where  y,  is  a  measurement,  and  h,  is  a  row  vector 
corresponding  to  that  measurement.  If  all  the 
measuiements  are  included,  equation  (7)  becomes 


The  recursive  estimator  is  used  to  detect  and  isolate  rapidly 
growing  measurement  errors  by  insirecting  the  estimator 
residuals,  which  are  the  differences  between  the  actual 
measurements  and  the  predicted  measurements  based  on 
the  history  of  the  measurements.  If  for  instance  a 
measurement  residual  would  be  outside  the  residual 
interval  [-6.1a,  6.1a],  where  a  is  the  standard  deviation  of 
normally  distributed  measurement  noise,  then  the 
probability  of  this  event  would  be  less  than  10  ’  for  a  static 
user.  This  event  would  be  extremely  unlikely  and  the 
integrity  alarm  would  be  raised.  In  the  presence  of  user 
dynamics,  the  residual  interval  would  be  increased 
consistent  with  the  user  dynamics.  Note  that  isolation  of 
the  faulty  measurement  is  achieved  as  well. 


tj!  =  (8) 

where  y  is  a  vector  containing  the  measurements  and  x  is 
the  user  state  vector.  II  is  a  matrix  containing  data  related 
to  the  geometry  of  the  transmitting  stations  with  respect  to 
the  user,  as  given  by  the  row  vectors  h,.  Equation  (8)  can 
be  used  to  iteratively  solve  for  the  user  state  vector. 


A  least  squares  batch  estimator  is  used  to  detect  slowly 
growing  measurement  errors  which  go  undetected  by  the 
recursive  estimator.  The  use  of  the  least  squares  estimator 
for  this  purpose  is  justified,  because: 

Independent  of  the  type  of  e.slimator  used,  the 
position  bias  error  caused  by  measurement  bias 
errors  will  always  converge  to  the  position  bias 
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error  of  the  least  squares  estiniator  (Ref  11). 
Generally,  the  time  constant  of  convergence  is 
short  compared  to  the  slow  error  growth  of  a 
difficult  to  detect  measurement  error. 

All  information  about  the  inconsistencies  in  the 
measurement  data  is  contained  in  the  residuals  of  the  least 
squares  estimator.  These  residuals  ate  the  differences 
between  the  actual  pseudorange  measurements  and  those 
predicted  based  on  the  least  squares  position  solution  and 
the  known  transmitter  coordinates.  The  least  squares 
residual  vector,  e,,  is  obtained  by  projecting  the 
pseudorange  measurement  vector  onto  a  space 
perpendicular  to  the  estimation  space  spanned  by  the 
columns  of  the  data  matrix.  Thus,  e,  is  orthogonal  to  the 
estimation  space.  The  space  in  which  e,  lies  is  also  referred 
to  as  the  parity  space.  At  this  point,  it  is  imperative  to 
realize  that  the  least  squares  residual  vector  used  for  FDI 
lies  in  parity  space  and  not  in  the  horizontal  positioning 
plane,  fherefore,  to  have  a  meaningful  fault  detection 
statistic,  the  residual  vector  must  be  related  to  the 
horizontal  radial  position  error.  This  is  discussed  in  detail 
in  the  next  section. 

4.  GENERIC  FOI  ALGORITHM 

Ihis  section  presents  a  least  squares  fault  detection 
algorithm  which  extends  the  concepts  presented  in 
references  6,  7,  and  12,  which  were  also  employed  in 
reference  13.  independently. 

Ihe  linearized  relation  between  changes  in  the 
measurements  and  the  corresponding  change  in  the  user 
state  vector  is  given  by 

=  (tl) 

where  ^  is  a  n-by-1  vector  containing  the  changes  in  the 
•■'.’u  urem'''!ts  to  n  sources,  5x  is  the  change  in  the  m-by-1 
user  state  vector,  and  H  is  a  n-by-m  data  matrix,  see 
equation  (8). 

The  data  matrix  H  can  be  decomposed  into  the  product  of 
a  real  orthonormal  matrix  Q  and  an  upper  triangular 
matrix  R  using  a  "QR’  factorization  (Ref  14), 

H  =  Q  R  (’2) 

Substituting  (12)  into  (11)  and  pre-raultiplying  both  sides 
by  yields  (Q^Q  =  I) 

Rfii  =  (13) 

Ihe  rank  of  R  is  equal  to  the  rank  of  H;  therefore,  the 
lower  n-m  rows  of  R  consist  of  zeros  only.  Equation  (13) 
can  be  divided  into  two  equations 

U  =  Q,  or  =  U  '  Q,  (•■*) 

Q  =  Q^ix  ('3) 

where  U  consists  of  the  first  m  rows  of  R,  Q,  consists  of 
the  first  m  rows  of  and  Qp  consists  of  the  last  n-m  rows 
of  Q^. 


liquation  (14)  relates  the  change  in  the  measurements  to 
the  change  in  the  user  state  vector,  forming  the  least 
squares  solution.  The  rows  of  Op  and  are  orthogonal; 
therefore,  the  columns  of  Qp  span  the  parity  space  of  11. 

If  the  measurements  are  corrupted  by  errors,  then  bx 
replaced  by  Sy  -k  c  -b  b,  where  e  is  a  n-by-1  vector 
representing  zero-mean,  normally  distributed  measurement 
noise,  and  b  is  a  n-by-1  vector  containing  bias  errors. 
Normally,  e  and  b  are  unknown,  but  their  components  in 
parity  space  are  known  from  equation  (15); 

B  =  Q,  6»Qpb  (16) 

The  expected  value  of  the  parity  vector,  p,  is 

E(Bl=Qpb  (11) 

The  covariance  matrix  of  g  is 

COV  iBl  -  E  (p  pT)  =0,  COV  Ic)  (18) 

If  the  measurement  noise  is  uncorrclated  and  normally 
distributed  with  equal  variances,  then  the  covariance  matrix 
of  the  measurement  noise  is 

COV(el=ciM  (16) 

where  1  is  a  n-by-n  identity  matrix.  It  then  follows  that  the 
covariance  matrix  of  g  is 

COV  (pi  =  I  (3ri) 

since  QpOp  =  1  (the  rows  of  Qp  are  orthonormal  vectors). 

in  the  absence  of  bias  errors,  the  parity  vector  g  is  a 
function  of  measurement  noise  only.  In  the  presence  of 
bias  errors,  g  alw)  depends  on  the  bias  enors. 

4.1  One  Redundant  Measurement 

Assume  that  only  one  redundant  measurement  is  available, 
or  n  =  m  -b  1.  In  this  case,  the  panty  space  is  one¬ 
dimensional  and  Qp  is  reduced  to  a  row  vector  (the  vector 
3  is  used  to  denote  the  transpose  i  f  the  first  row  of  Qp), 
and  the  parity  vector  g  is  reduced  to  a  panty  scalar  p.  In 
the  absence  of  bias  errors,  p  has  a  zero-mean  normal 
probability  density  function  given  by 

f  (X)  . 

^  ov?; 

Assume  that  the  failure  detection  is  based  on  exceeding  a 
detection  threshold  Tp.  then  the  probability  of  an  alarm  is 
given  by 

*  r 

E*  =  P  (1p1>To)  =  -J-  fe  '"'^'dx  (22) 

ov7«  ' 

*0 

which  can  also  be  written  as 


(23) 


the  panl>  scalar  is  obtained  from  equation  (2tt) 


-  Tt,  -  ofi  erfc  (2P^)  (3«) 


where  erfc  is  the  complementary  error  function 
eifcfz)  •  — 

In  the  presence  of  a  bias  error  in  measurement  i.  the 
absolute  value  of  the  parity  scalar  has  a  normal  distribution 
with  a  mean  value  of 


Since  p,  =  l^  bj. equation  (30)  implies  that  the  probability 
of  a  missed  detection  is  only  satisfied  if  the  measurement 
bias  error  gives  rise  to  a  bias  in  the  absolute  value  of  the 
parity  scalar  greater  than  or  equal  to  The  vector  q  is 
known  from  the  measurement  geometry;  therefore,  for 
each  measurement  i  (i  =  1  through  n).  the  minimum  bias 
error  b|  required  to  satisfy  the  probability  of  a  missed 
detection  is  calculated  from  equation  (25). 


Pi  =  Ifl-bl  (25) 


Only  the  ith  elements  of  q  and  b  will  contribute  to  the 
mean.  The  probability  density  function  of  p  is  then  given 
by 


f/*) 


m  . 


(26) 


b. 


kl 


(31) 


In  other  words,  given  the  probability  of  an  alarm,  the 
probability  of  a  missed  detection,  and  the  measurement 
noise  standard  deviation,  it  follows  that  the  minimum 
detectable  measurement  bias  error  is  a  function  of  the 
measurement  geometry. 


Given  the  detection  threshold  T[>,  the  probability  of  a 
missed  detection  is  given  by 

Pmd  =  P  (IPl<To)  - 

•VM  i. 

■*0 


HorizorUal  Radial  Position  Error 

From  the  probability  of  an  alarm,  the  probability  of  a 
missed  detection,  the  measurement  noise  standard 
deviation,  and  the  minimum  required  measurement  bias 
error  it  is  possible  to  discuss  the  horizontal  radial  position 
error. 


The  contribution  of  the  integral  between  -*  and  -To  can  be 
neglected,  such  that  equation  (27)  can  be  approximated  by 


Consider  the  user  state  error  vector  resulting  from  both 
measurement  noise  and  bias  errors.  From  equation  (14) 
the  user  state  error  vector  is 

Ai  -  U’‘  Q,  (e«ll)  (32) 


Equations  (23)  and  (2fi)  provide  the  performance  of  the 
fault  detection  algorithm  in  terms  of  probability  of  an 
alarm  and  probability  of  a  missed  detection  as  a  function 
of: 

-  Detection  threshold  Tp; 

-  Measurement  noise  standard  deviation  a; 

-  Expected  value  p,  of  the  absolute  value  of  the 
parity  scalar  p  resulting  from  a  measurement  bias 
error  in  measurement  i. 

Obviously,  the  detection  algorithm  cannot  detect  a 
measurement  bias  error  smaller  than  the  level  of 
measurement  noise,  since  the  detection  threshold  Tp  must 
be  set  high  enough  to  satisfy  the  requirement  for  the  alarm 
probability,  see  equation  (23). 


The  expected  value  of  the  user  state  error  vector  is 

E(Ai)  =  U  ’ Q.  b  (33) 

and  the  error  covariance  matrix  of  Ax  is 

COV(Ax)  =  o’ (Un^-'  (34) 


As  shown  by  equations  (32)  through  (34).  the  effects  of  the 
noise  and  bias  errors  can  be  examined  separately. 

Assume  that  the  matrices  U  and  Q,  are  expressed  in  a 
locally-level  reference  frame,  then  the  horizontal 
components  of  the  expected  value  and  the  variance  of  the 
user  state  error  vector  are  given  by 


Given  the  required  probability  of  an  alarm  and  the 
measurement  noise  standard  deviation,  the  detection 
threshold  is  obtained  from  equation  (23) 

To  =  oy^  erfc-‘(PJ  (29) 


Next,  given  the  probability  of  a  missed  detection,  the 
measurement  noise  standard  deviation  and  the  detection 
threshold,  the  minimum  required  expected  value.  Pm,  of 


B(AxJ 


(35) 


var(Aji^) 


[<t’  XDOP’’ 
[o’  YDOP  ’ 


(36) 


where  x,  y  are  the  first  two  components  of  XDOP^ 

and  YrX)P‘  are  the  first  and  second  diagonal  elements  of 
(U’^U) resjrectively. 


detectkin  algorithm  must  use  the  largest  of  the  two 
preUeclion  radii  given  for  the  two  scenarios.  In  general,  the 
protection  radius  is  dnven  hy  eejuation  (.X'i). 


I'irst  consider  the  horizontal  position  bias  error  resulting 
from  measurement  bias  errors,  fiach  satellite  has  a 
minimum  bias  error  necessary  for  detection  with 
probabilities  P.^  and  Pn,,,.  as  given  by  equation  (31).  Hach 
of  these  measurement  bias  errors  can  be  converted  into  a 
horizontal  position  error  using  equation  (33).  Next,  the 
worst  case  measurement  error  is  the  b,  which  maximizes  the 
norm  of  the  horizontal  radial  position  error 


fhe  detection  algorithm  now  guarantees  that  a 
measurement  bias  will  be  detected  with  the  required 
probabilities  P*  and  Pjuj  if  it  contributes  to  a  horizontal 
radial  position  error  of  or  greater. 


4.2  Two  or  More  Redundant  Measurements 

If  more  than  one  redundant  mea.suremenl  is  available,  the 
pariiy  vector  will  contain  more  than  i>ne  element.  Both 
fault  detection  and  iseilation  is  now  possible.  liach  element 
of  the  parity  vector  has  a  normal  probability  density 
function  as  given  by  equation  (21).  fo  maintain  the 
Gaussian  statistics,  each  element  should  be  examined 
separately.  Recall  that  a  bias  error  in  measurement  i  has 
components  along  the  axes  in  parity  space,  given  by  column 
i  of  Qj..  liach  column  of  Op  defines  a  measurement  axis  in 
parity  space:  an  error  in  measurement  i  will  he  along  the 
ith  measurement  axis  in  parity  space.  lo  maximize  the 
visibility  of  a  bias  error,  the  panty  vector  is  projected  isnto 
each  i>f  the  measurement  axes,  lb”  norm  of  the  projection 


Next,  consider  the  horizontal  position  error  resulting  from 
measurement  noise  only.  The  compsinents  x  and  y  of  the 
horizontal  position  error  have  a  bivariate  normal 
probability  density  function  (Refs.  15.  16).  Although 
possible  using  numerical  integration  techniques,  the 
calculation  of  the  radius  of  a  circle  which  contains  a  certain 
percentage  of  the  position  solutions  is  rather  complicated. 

To  develop  a  minimum  algonthm.only  an  upper  bound  for 
the  protected  area  is  determined  as  follows.  A.ssume  that 
X  and  y  are  independent,  then  a  circle  with  radius 
protects  the  estimated  horizontal  position  with  a  probability 
Pf  of  exceeding  R,,*.,. 

*  oy^  erfc  ‘(pT)  HDOP  P*) 


where  nij  is  the  ith  column  of  Qp.  Each  r,  given  by 
equation  (40)  is  gaussianly  distributed,  since  the  above 
operation  is  equivalent  to  a  parity  space  rotatiim  (Ref  lO). 
Instead  of  one  detection  statistic,  n  detection  statistics  are 
obtained.  Therefore,  the  detection  threshold  es  given  by 


Tp  =  ov/2  erfe 


The  minimum  bias  error.  b|.  required  to  satisfy  the 
probability  of  a  missed  detection  is  calculated  from 


where  IIIXDP'  =  XDOP"  +  YDOP%  and  a  is  the  standard 
deviation  of  die  measurement  noise.  Eor  example,  if 
Pt=10  ’.  then  R.<^„  =  6.1  a  HDOP. 

To  calculate  the  protection  radius,  two  scenarios  are 
considered.  Scenario  (1):  in  the  absence  of  raea.surement 
bias  errors,  the  protection  radius  is  approximated  by 
equation  (38).  using  a  value  on  the  order  of  10’  for 
Scenario  (2):  in  the  presence  of  both  measurement  noise 
and  a  measurement  bias  error,  the  vector  sum  of  the  bias 
protection  radius  and  the  noise  protection  radius  is  used. 
Thus,  the  protection  radius  is  approximated  by 


r,)HDOP 


where  Rk„  is  calculated  from  the  maximum  possible 
horizontal  radial  position  error  due  to  a  measurement  bias 
error  which  cannot  be  detected  with  the  required  detection 


probability. 


,  is  the  probability  of  a  missed  detection  for 


the  fault  detection  algorithm.  Note  that  the  probability  of 
loss  of  integrity  is  the  product  of  the  probability  that  a  fault 
exists  .and  the  probability  of  a  missed  detection  given  that 
a  fault  exists. 

Becau.se  it  is  not  known  which  scenario  exists,  the  fault 


Similar  to  the  case  with  one  redundant  measurement,  the 
protection  radius,  R^,  is  calculated  from  equations  (37) 
through  (39). 

4J  Fault  Isolation 

Isolation  of  the  faulty  meisurcracnt  is  perfi.irnicd  as 
follows.  Calculate  the  distance  of  the  panty  vector  to  each 
of  the  measurement  axes: 

s,  =  Ip  -  (m,  p)mj  (-I^) 


If  only  one  measurement  contains  a  bias,  then  the  smallest 
s,  corresponds  to  the  faulty  measurement  (maximum 
likelihood  approach).  ’The  probability  of  a  wrong  rsolation 
can  be  calculated  by  determining  the  probability  that  the 
panty  vector  is  at  a  distance  s,  with  re.spect  to  a 
measurement  axis.  I'urthcmiore.  the  hi.story  of  the 
distances  s,  can  also  be  used  to  determine  the  faulty 
measurcmeni  For  example,  if  measurement  number  one 
has  a  ramp  error  of  5  m.^s,  then  the  parity  vector  will  move 
in  a  direction  parallel  to  mea.surement  axis  one.  Examining 
the  time  history  of  s,  allows  for  early  detection  and 
isolation. 


AA  Additional  Considerations 

So  far,  all  measurements  were  assumed  to  have  the  same 
statistics.  If  this  is  not  the  case,  then  the  I'DI  algorithm 
should  be  modified  to  incorporate  a  weighting  matrix.  For 
instance,  to  accommisdate  different  measurement  variances, 
equation  (11)  is  left  multiplied  by  a  weighting  matrix  W 
(Ref  18) 

Wij  =  WHii  (‘W) 

Ihe  "QR"  factorization  is  now  performed  on  WH  and 
equation  (13)  is  replaced  by 

Rix  =  (‘‘S) 

and  the  parity  vector  is  obtained  from 

P  =  Q,W(fi»b)  (46) 

In  general,  W  could  be  derived  from  the  measurement 
noise  covariance  matrix,  but  in  most  applications  it  is 
sufficient  to  simply  use  a  diagonal  matrix,  where  the 
diagonal  elements  are  the  inverse  of  the  measurement 
noise  standard  deviation.  If  W  is  correctly  selected,  then 
the  elements  of  have  unit  standard  deviation. 

Exhaustive  testing  of  the  integrity  algorithm  requires  a 
large  amount  of  calculations;  e.g.  to  verity  the  statistics  of 
the  horizontal  radial  position  error,  a  minimum  of  10" 
simulations  are  required.  Fortunately,  because  of  the 
Gaussian  statistics  of  the  algorithm  described  above,  it  is 
possible  to  lest  the  algorithm  using  increased  measurement 
errors.  The  performance  of  the  FDI  algorithm  can  then  be 
compared  with  the  predicted  performance  considering  the 
etTects  of  the  increased  measurement  errors  (see  also  Ref 
17). 

5.  GPS/T.ORAN-C  CASE  STUDY 

5.1  Prototype  GPS/Loran-C  Receiver 
The  block  diagram  of  the  hardware  configuration  of  the 
prototype  hybrid  GPS/Xxiran-C  receiver  is  shown  in  Figure 
1.  A  four-channel  GPS  receiver  (Motorola,  model  Iiagle) 

and  an  eight-channel  Loran-C  receiver  (Advanced 
Navigation,  Inc.,  Model  5300),  both  employing  continuous 
tracking,  are  used  to  collect  GPS  and  Loran-C  data.  Only 
the  raw  measurement  data  from  both  receivers  is  used  to 
determine  the  position  solution.  The  two  receivers  arc 
interfaced  to  a  microcomputer  (model  AT)  through  two 
serial  communication  ports.  The  microcomputer  is  also 
interfaced  to  a  course  deviation  indicator  (CDI,  model  KI 
2(16).  through  a  parallel  port,  to  display  the  guidance  data 
to  the  pilot.  All  of  the  hardware  used  is  commercially 
available  equipment,  except  for  the  interface  between  the 
micrfKomputer  parallel  port  and  the  CDI  instrument, 
which  was  designed  and  implemented  at  Ohio  University. 
The  software  modules  implemented  on  the  hybrid 
GPS/la)ran-C  receiver  are  executed  in  real  time.  The 
algorithm  of  the  main  procedure  is  given  by: 


Figure  1  Block  diagram  of  the  hardware  configc.'ation 
of  the  prototype  hybrid  GPS/Loran-C  receiver 


initialization 
WHILE  in  operation 

DO  once  per  second 

check  for  keyboard  input  data 
IF  keyboard  input  data 

process  keyboard  data 

FTJD 

check  for  GPS  and  laaran-C 
measurement  data,  and  request  loran-C 
data 

IF  sufficient  data 

calculate  position  and 
determine  integrity 

END 

update  CDI  and  status  screen 
store  all  relevant  data 

END 

END 

system  shut-down 

During  system  initialization,  the  GPS  receiver  is 
commanded  to  send  measurement  date  at  a  rate  of  once 
per  second.  As  soon  as  GPS  data  is  received,  a  Loran-C 
measurement  trigger  command  must  be  send  ">  ensure  that 
the  Loran-C  data  is  valid  at  the  same  time  as  the  GPS 
data.  Following  the  measurement  triggcrcommand,  li'ran- 
C  data  is  requested  and  collected  for  up  to  eight  receiver 
channels.  All  data  is  verified  for  validity  as  indicated  by 
the  receivers.  If  at  least  five  measurements  are  valid, 
sufficient  data  is  available  for  the  position  calculation.  The 
five  measurements  are  used  to  solve  for  three-dimensional 
position,  clock  oITset  with  respect  to  GPS  time,  and  cliKk 
offset  with  respect  to  Ixiran-C  time.  The  number  of 
required  measurements  could  be  reduced  to  four  if  the 


I  '-S 


Cil’S  and  I  oran-C  receivers  measure  the  time-of-amvals 
vs  .!  respeel  to  the  same  clock,  and  if  the  hardvsare  delays 
ot  Ixnh  receivers  are  knovsn.  A  minimum  of  seven  valid 
measurements  are  required  to  execute  the  I'DI  algorithm. 

Ihe  hybrid  position  solution  is  ba.sed  on  a  least-squares 
estimator.  .Since  the  measuren’enls  from  GTS  and  lasran-C 
are  equally  weighted,  the  accuracy  of  the  hybrid  system  will 
be  mostly  determined  by  the  l  oran-C  measurements.  I-'or 
this  elTort.  standard  la.iran-C  propagation  models  are  used 
such  that  the  achieved  accuracies  are  representative  for 
current  !  ,oran-C  receivers,  ikeause  of  this,  the  accuracy  of 
the  hybrid  system  will  not  be  as  gcxvd  as  that  provided  by 
(il’S;  however,  the  availability  and  integrity  of  the  hybrid 
system  exceeds  that  of  GPS  by  several  orders  of  magnitude. 
At  the  same  time,  the  hybrid  system  accuracies  arc  still  well 
within  the  current  requirements. 

5.2  Flight  Test  Results 

Might  test  data  collected  on  August  2.\  l‘»0  was  used  for 
evaluating  the  R)!  algonthm.  The  flight  lasted 
approximately  52  minutes  and  was  conducted  in  the  vicinity 
of  the  Ohio  University  Airport  in  Albany.  Ohio  (Kef  19). 
.•\  5  m  s  error  was  simulated  in  each  of  the  seven 
measurements  during  a  .5il()-second  portion  of  Ihe  (light. 


Although  the  measurement  error  reached  a  value  of  25ix) 
meters,  the  actual  horizontal  radial  pv'silion  error  did  not 
exceed  lOtk)  meters.  Ilie  trajectones  of  the  panly  vectors 
over  time  for  all  seven  simulated  measurement  errors  are 
shown  in  Figure  2.  Fiach  panty  trace  begins  at  the  same 
point  and  extends  outward  in  a  direction  parallel  to  the 
eorresponding  measurement  axis.  Note  that  the  axes  in 
Figure  2  are  only  valid  for  one  particular  moment  of  time. 
For  this  example,  the  measurement  axes  did  nvvt  change 
much  during  the  .5(X)-second  run.  except  for  measurement 
axis  two.  which  rotated  rapidly  counter-clivck-wise.  The 
detection  threshold  in  panty  space  was  set  at  uSfl  meters. 
.\11  niea.surement  errors  were  correctly  detected  and 
isolated,  except  for  measurement  2.  However,  the  position 
error  caused  by  measurement  2  did  not  exceed  25il  meters, 
and  therefore,  the  alarm  did  not  need  ti'  be  raised.  If  the 
simulation  would  have  been  continued,  the  error  in 
measurement  2  would  also  have  been  detected  and  isi'lated 
eorrectly.  An  example  of  the  ise'lation  ('rocess  is  shown  in 
Figure  .5.  where  the  distance  of  the  panty  vectors  with 
respect  to  each  measurement  axis  is  graphed  as  a  function 
of  time.  This  particular  example  involves  tailing 
measurement  6.  Ihe  distance  to  mea.surement  axis  6  is 
shsiwn  as  a  solid  line  in  the  figure. 


Figure  2  Traiectories  ot  the  Parity  Vectors  over  Time  for  a  5  m/s  Ramp  Error  m  Each  of  the  Seven  Measurements 
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Figure  3.  Distances  to  Each  of  the  Measurements  Axes  over  Time  for  a  5  m/s  Ramp  Error  in  Measurement  6 


Since  the  distance  to  measurement  axis  6  is  fairly  constant 
compared  to  the  distances  to  the  other  axes,  it  follows  that 
measurement  6  is  malfunctioning. 

6.  CONCLUSIONS 

Global  sole  means  of  navigation  systems  could  be  obtained 
by  integrating  all  available  measurement  sources  and 
applying  FDl  techniques.  Key  to  achieving  FDl  is  an 
algorithm  that  calculates  the  protection  radius  with  a  pre¬ 
specified  confidence  level  as  a  function  of  measurement 
geometry  and  algorithm  requirements.  The  parity  space 
algorithm  outlined  in  this  paper  is  capable  of  performing 
this  task. 
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